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The Voyager Design Study final report is divided into six volumes, for
convenience in handling. A brief description of the contents of each volume
is listed below.
Volume I-- Summary
A completely self-contained synopsis of the entire study.
Volume II -- Scientific Mission _nalysis
Mission analysis, evolution of the Voyager program, and science payload.
Volume Ill -- Systems Analysis
Mission and system tradeoff studies; trajectory analysis; orbit and
landing site selection; reliability; sterilization
Volume IV -- Orbiter-Bus System Design
Engineering and de sign details of the orbiter -bus
Volume V -- Lander System Design
Engineering and design details of the lander.
Volume VI -- Development Plan
Proposed development plan, schedules, costs, problem _reas.
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7. ORBITER-BUS PROPULSION SYSTEM
7.1 System Design Requirements
The conditions established for the orbiter-bus propulsion system design
duration and operational environment are as follows:
1. System design duration of 1 year with capability of extending the
duration to 18 months without significant modifications
2. Environmental temperature range of zero to 120 °F for pressurant
and propellant tanks
3. System adequacy for vacuum environment and space-radiation
conditions
4. Meteoroid protection for tanks to be provided by the system structure
5. Vibration and g-loading as shown in the System Design section
6. The orbiter-bus propulsion system does not require sterilization.
7.2 Propulsion System Description
The spacecraft propulsion system is a pressure-fed, storable, hypergolic,
bipropellant system with a delivered total impulse capability of 1,220, 000 lb-sec.
The system propellants are mixed oxides of nitrogen (MON) composed of 85
percent nitrogen tetroxide and 15 percent nitric oxide and a eutectic mixed hydra-
zine fuel (EMHF), consisting of 87.6 percent monomethy].hydrazine and l Z. 4
percent hydrazine. The system is specifically designed with a variable total
impulse capability and provides for complete system sealing during inoperative
periods. The system layout is shown in figure 124.
The main thrust chamber assembly is rigidly mounted, ablatively cooled,
and is controlled by solenoid pilot-actuated, linked bipropellant valves. A
radiation-cooled skirt is used on the expansion nozzle from a station 20 inches
back of the nozzle exit, an expansion area ratio of 44 to the exit area ratio of
80 for increased performance with minimum weight. The chamber is designed
to operate at chamber pressures between 125 and 75 psia as propellant tank
pressures are varied between Z75 and 130 psia, delivering a vacuum thrust
between 2500 and 1500 pounds. The thrust variation is limited by careful
control of the chamber inlet pressure, permitting use of a fixed-orifice,
invariant-geornetry injector assembly. The chamber will provide a total im-
pulse capability of Z, 000, 000 lb-sec when operated at 2500-pound thrust.
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Pitch and yaw disturbing torques are corrected by forr remotely positioned
thrust vector control chambers. These are rigidly mount,_d, ablatively cooled,
and are controlled by solenoid-actuated propellant valves. Radiation skirts are
used on the expansion nozzles from area ratios of 20 to the exit area ratio of 60
to satisfy minimum weight requirements. The chambers are designed to operate
at pressure variations equal to those of the main chamber, 125 to 75 psia, and
deliver vacuum thrust levels of 60 to 36 pounds for restoring torque moments of
520 to 31Z ft-lb at 8.67-foot moment arms. The chambers are designed for
variable time-interval operation for control by integrating accelerometers rather
than by pulse frequency modulation. Negligible impulse penalties are incurred
because of pitch and yaw corrections by the alignment of the pitch and yaw
chamber thrust vectors parallel to and codirectional with the main thrust
chamber.
Restoring roll torque is provided by pure couple positioning of four roll-
control chambers. The all-ablative chambers may be controlled by time-
interval operation of solenoid-actuated propellant valves. Vacuum thrust is
varied from 2.5 to 1.5 pounds as a function of inlet pressure.
The propellant is contained in two equal-volume oxidizer tanks and two
equal-volume fuel tanks balanced in opposition about the system longitudinal
axis. The tanks incorporate metallic positive-expulsion diaphragms and are
designed to permit variable propellant loading and system prepressurization.
The pressurization system is of special design to meet mission require-
ments. Pressurant gas is provided in the propellant tanks for early mission
maneuvers. A small and a large pressurant tank satisfy subsequent expulsion
requirements and the propellant tanks remain pressurized for operation to
mission completion. At all times, the pressurization system is completely
sealed from external leakage. This feature allows use of helium as a
pressurant gas with no penalty in reliability.
Lines and controls are provided for proper system functioning. All-
welded and brazed construction is employed for system assembly to prevent
gas or propellant external leakage. An added feature incorporated into the
control system is a low-pressure bypass pressurant regulator which permits
a significant system weight reduction to be effected by complete utilization of
the major portion of the helium pressurant.
System pressure monitoring is provided for telemetry surveillance during
the mission. Temperature monitoring should be provided on the vehicle
external to the propulsion system.
Summaries of system performance, design parameters, and weight may be
found in tables 47, 48, and 49. Figure 125 presents orbiter propulsion system
weight as a function of total impulse. The total weight of the reference propulsion
system is 4Z41 pounds, of which 409 pounds is the total dry weight. The weight
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TABLE 47
SUMMARY OF SYSTEM PERFORMANCE PARAMETERS
Unit
Thrust, pounds
Chamber Pressure, psia
Mixture Ratio, o/f
Characteristic Velocity (c*), fps
Thrust Coefficient (CF)
Specific Impulse (Is) , seconds
I s Efficiency
c* Efficiency
C F Efficiency
Throat Area, sq in.
Expansion Area Ratio
Oxidizer Flowrate, ib/sec
Fuel Flowrate, Ib/sec
Main Thrust
Chamber Assembly
2500 to 1500
125 to 75
I Z. 15
5391 to 5363
I. 952 to 1.959
327 to 326. 6
0. 936
0..957
0. 978
i0. 24
80:1
5. ZZ to 3. 13
2.43 to I. 46
Pitch-and-Yaw
Thrust Chamber
As s embly
60 to 36
125 to 75
2.15
5323 to 5296
1.880 to 1. 887
311. 3 to 310. 8
0. 9OO
0. 945
0. 952
0. 255
60:1
O. 132 to O. 079
O. 061 to O. 037
Ro11
Thrust Chamber
As sembly
2.5to 1.5
I25 to 75
2.15
5295 to 5268
i. 611
265*
0. 850
0.940
0.904
0. 0124
10:l
0.0065 to 0.0039
0.0030 to 0.0018
*The roll thrust chambers are normally operated for small time-interval pulses on the order of 20-
millisecond intervals, with a resultant pulse efficiency of 0. 80 of steady-state operation.
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TABLE 48
SUMMARY OF SYSTEM DESIGN PARAMETERS
Propulsion System
Propellants:
Oxidizer
Fuel
Pressurant
Gross Weight, pounds
Burnout Weight, pounds
Total Delivered Impulse, Ib-sec
Useable Propellant to System Weight Ratio,
Thrust Chambers
Main Thrust Chamber (I)
Ablative With Radiation-Cooled Skirt
Thrust, pounds
Chamber, Pressure, psia
Expansion Area Ratio
Nozzle Contour
Contraction Area Ratio
Throat Diameter, inches
Exit Diameter, inches
Injector-to-Exit Length, inches
Design Duration, seconds
Pitch-and-Yaw Chambers (4)
Ablative with Radiation-Cooled Skirt
Thrust, pounds
Chamber Pressure, psia
MON (85- 15)
MMH-N2H 4 (87.6 - 12.4)
Helium
4241
515
1, 220, 000
0.88
2500 to 1500
125 to 75
80:1
80 percent Bell
3:1
3.61
32.30
57.70
8O0
60 to 36
125 to 75
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TABLE 48 (Concl'd)
Pitch-and-Yaw Chambers (Cont'd)
Expansion Area Ratio
Nozzle Contour
Contraction Area Ratio
Throat Diameter, inches
Exit Diameter, inches
Injector-to-Exit Length, inches
Design Duration, seconds
Roll Chambers (4)
All Ablative
Thrust, pounds
Chamber Pressure, psia
Expansion Area Ratio
Nozzle Contour
Contraction Area Ratio
Throat Diameter, inches
Exit Diameter, inches
Injector- to- Exist Length, inches
Design Duration, seconds
60:1
80 percent Bell
4.5:1
0. 570
4.42
i0.43
500
Z. Sto 1.5
125 to 75
I0
15-Degree Cone
9:0
0. 124
0. 398
2.89
120
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TABLE 49
ORBITER-BUS WEIGHT SUMMARY
Pressurization System
Pressure Transducer (3)
Small Pressurant Tank
Large Pressurant Tank
Fill Connection (4)
N.C. Isolation Valve (2)
N.O. Isolation Valve (Z)
Solenoid Isolation Valve
Filter and Regulator
Burst Diaphragm
Check Valve (2)
Relief Valve
Plumbing and Misc. Fittings
Wiring and Harnesses
Total
Propellant System
1. 0
4.6
99.5
4.0
0.6
0.6
1.2
5.8
0.2
0.4
0.8
5.0
1.0
Fuel Tank (2)
Oxidizer Tank (2)
Fill Connection (2)
Filter (2)
Isolation Valve (2)
Roll Propellant Valve (8)
TVC Propellant Valve (8)
Bipropellant Valve
Plumbing and Misc. Fittings
Wiring and Harnesses
Total
Thrust Chamber s
45. 8
61.8
2.0
0.4
4.4
2.0
6.4
2.5
I0.0
3.0
Main TCA 126. 2
Roll TCA (4) 2. 0
TVC TCA {4) 17. 9
Total
Fluids
Pressurant (Helium) 13
Oxidizer {MON) 2606
Fuel (EMHF) 1212
Total
Total Dry Weight
Total Wet Weight
Usable Propellant to System Weight Ratio {hp)
124.7
138.3
146.1
3831
409
4240
0.88
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of a new propulsion system can be scaled from the reference design by using a
propellant mass fraction, that is,mass of propellants to total mass of propulsion
system of 0.88. This scaling is valid in the neighborhood of the referenced
propulsion system.
7.3 System Operation
The orbiter-bus propulsion system is shown schematically in figure 126.
Detailed descriptions of the various system components are presented in the
System Design section of this report.
The system operation is outlined by reference to components as numbered
in the system schematic. Because of varying procedures, system operation is
related to various propulsive maneuvers as outlined in the following paragraphs.
Near-Earth midcourse trajectory corrections are performed as follows:
I. The system is rendered operable bya signal from the guidance and
control module opening the solenoid-actuated propellant isolation valves (I 5).
2. The thrust system functions by signals from the guidance and control
system to the appropriate thrust chamber solenoids (16), (17), and (21) to
accomplish the desired maneuvers.
3. The system is deactivated and resealed by a signal to close the isola-
tion valves (15).
Final midcourse correction, time-of-arrival correction, orbiter slowdown,
and approach correction maneuvers are made according to the following sequence:
1. The propellant isolation valves (15) are opened.
2. The propellant tanks (11) and (12) are pressurized from the small
helium tank (2) by actuating the squib valve (4) in the pressurant line. Valve
(4) is fired only once. Helium then flows through the regulator (7) and pres-
surizes the prope_,,...l'"'-_ tanks (11) and (12).
3. Thrust is applied as required by actuation of the thrust chamber sole-
noids.
4. Following thrust termination, the system is deactivated by closing the
solenoid isolation valve (6) to prevent gas leakage through the regulator and by
closing the propellant isolation valves.
-355-
)
]= ½
8
63-8454
LEGEND:
1. PRESSURANT TANK
2. PRESSURE AND TEMPERATURE
• TRANDUCERS
3. FILL CONNECTION
4. N.C. ISOLATION VALVE
5. N.O. ISOLATION VALVE
6. SOLENOID ISOLATION VALVE
7. FILTER AND REGULATOR
B. BURST DIAPHRAGM
9. PRESSURE RELIEF VALVE
10. CHECK VALVES
11. FUEL TANK
12. OXIDIZER TANK
13. SOLENOID ISOLATION VALVE
14. SOLENOID PROPELLANT VALVE
15. ROLL TCA
16. TVC THRUST CHAMBER
17. MAIN TCA
17_ 14
Figure 126 PROPULSION SYSTEM SCHEMATIC
-356-
This sequence is used for each individual approach or slowdown maneuver.
At completion of the approach maneuver sequence, isolation valve (5) is
actuated, sealing the small helium tank from the system.
The retrothrust maneuver to establish planetocentric orbit is accomplished
by a sequence as follows:
1. The propellant isolation valves (15) are opened.
2. The propellant tanks are pressurized from the large helium tank (2,a)
by actuating the squib valve (4, a) and permitting helium flow through the
regulator (7,a).
3. The thrust chambers are fired as required. During this extensive
firing period, the regulator opens to maximum flow area as the pressurant
tank pressure nears regulated pressure. The pressurant in the pressurant tank
and that in the propellant tanks continue to expand at essentially equal pressure,
maintaining thrust operation at a decreasing rate. After termination of thrust,
the squib valve (5,a) is actuated, isolating the large pressurant tank from the
system.
4. The system is deactivated by closing the propellant isolation valves.
Orbital trim and change maneuvers are made as required by opening the
propellant isolation valves prior to thrust application and closing them fbllow-
ing each maneuver to ensure a sealed system. This process may be continued
to propellant exhaustion.
7.4 Analysis
1. Major System Design Parameters. The major system design param-
eters, performance characteristics, and operational procedures resulted from
an intensive parametric analysis of components and the final integrated system.
Where applicable, the analytical procedure and results are presented for the
selected system together with possible system alternatives.
a. Main thrust chamber. The main thrust chamber assembly is
rigidly mounted and ablatively cooled, with a radiation skirt attached at a sta-
tion 20 inches back of the nozzle exit. This attach point is in a plane with the
solar panels which are adjacent to the thrust chamber. The expansion area
ratio at the skirt attach point is 44, the skirt extending out to the exit expansion
area ratio of 80. Figure 127 presents thrust chamber weight as a function of
the expansion area ratio at which the skirt is attached. The thrust chamber is
designed to operate at chamber pressures of 125 to 75 psia, delivering a vacuum
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thrust between 2500 and 1500 pounds. The thrust variation results from tank
pressure variation of 275 to 130 psia. The injector is a fixed-orifice, invariant-
geometry assembly. The thrust chamber was designed for 800-second dura-
tion, which would provide a total impulse capability of 2,000,000 ib-sec if
operated at a thrust of 2500 pounds. The maximum duration as determined
from the mission profile is 600 seconds. The margin of 200 seconds includes
capability for use on extended missions.
i) Mixture ratio selection. Mixture ratio was selected to
achieve maximum specific impulse based upon theoretical shifting equilibrium
performance data.
2) Chamber pressure optimization. An optimization study was
conducted to maximize final orbited weight exclusive of propulsion as a func-
tion of chamber pressure. This study is based on a propulsion system sized
to place a payload in a low-altitude circular orbit about Venus. The results,
shown in figure 128, indicate a chamber pressure of 100 psia to be optimum.
The study accounted for variations in specific impulse, propellant weight,
propellant tank weight, pressurant weight, pressurant tank weight, and thrust
chamber assembly (main, thrust vector control, and roll chambers) weights.
Propellant weights were those required to perform the propulsion maneuvers
of the design mission. Propellant tank minimum wall thickness was set at
0. 025 inch.
Spacecraft envelope limitations necessitated a chamber pressure of 125
psia so that the thrust chamber could be integrated into the available space.
3) Expansion area ratio optimization. An optimization study was
conducted to maximize final orbited weight exclusive of propulsion as a function
of expansion area ratio. The results of the study are shown in figure 129. They
indicate that an expansion area ratio of approximately 125 is optimum. The
study considered the same parameters to be variable as in the chamber pres-
sure study. The selected expansion area ratio of 80, in conjunction with the
increased chamber pressure, resulted in the final thrust chamber design.
4) Selection of number of thrust chambers. Selection of an
appropriate number and arrangement of main propulsion thrust chambers is a
function of the mission required of a vehicle. Several possible arrangements
are
i. A single chamber on the vehicle centerline
2. Two or more arranged in a line
3. Three or more closely grouped, all equally spaced from the vehicle
centerline
4. Three or more on the periphery of the vehicle.
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Selection of an arrangement depends on the need for thrust variability, the
degree of redundancy required, and available envelope. Thrust vector control
of each arrangement depends on the position of vehidle center of gravity, thrust-
to-weight ratio, and required velocity vector accuraty. In the multiple chamber
arrangements, thrust vector control may be achieved by proper variation of
level and/or direction of the individual thrust vectors. For vehicles with low
pitch/yaw moments of inertia, short distances between center-of-gravity thrust
application point, moderate-to-high thrust-to-weight ratios, or high required
velocity vector accuracy, utilization of the main thrust units for thrust vector
control becomes somewhat impractical because of the high precision operation
required of the units.
Thrust chamber selection was governed by packaging limitations and the
desire to control g-loading to a degree by reducing thrust as vehicle weight
diminishes. The first chamber arrangement considered was that of three
fixed-position, fixed-thrust chambers in a line, utilizing outboard thrust vec-
tor control chambers as shown in figure 130. Such an arrangement allows
three-level step-thrust variability by operation of all chambers, the two out-
board chambers, or by operation of the center chamber alone. Also considered
was an arrangement with three chambers equally spaced about the periphery
of the vehicle, as shown in figure 130. Two were of fixed thrust, the third was
capable of being gimballed and throttled to achieve thrust vector control of the
grouping. Analytically, this arrangement is a sound approach, but was con-
sidered to be more sophisticated and complex than required. Placement of
the chambers on the vehicle periphery would contribute to vehicle instability
during engine startup and shutdown because of dissimilar transient character-
istics of the fixed- and variable-thrust engines. A guidance system capable
of translating simultaneous guidance errors in pitch, yaw, and roll into an
integrated command for throttling and gimballing would be quite complex. This
arrangement is close in weight to the three-in-line arrangement, but does not
have the three-level, step-thrust variation capability.
Other arrangements were considered and evaluated for compatibility with
the spacecraft structure, but because none offered any advantages warranting
selection, the single main thrust chamber arrangement was chosen as most
nearly fulfilling the requirements for high reliability and simplicity.
2. Pressurization analytical method. Analysis of the pressurant require-
ments was conducted using the perfect gas equation of state corrected to include
compressibility effects and a conservative expansion process relationship. A
precise definition of each pressurization operation would necessitate a thorough
analysis of the system heat-transfer mechanics and would require experimental
data from system component tests. Such a detailed analysis of each system
component is beyond the scope of this study; therefore, a reasonable poly-
tropic process coefficient was used. Some of the factors affecting the coeffici-
ent value are presented in the following paragraphs.
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Gas pressurant expansion can be closely approximated on a pressure-
volume diagram by a process coefficient, n , in the equation:
pvn = constant.
If the process is isothermal, n is equal to I; if the process is adiabatic,
n is equal to the gas specific heat ratio, k. In an actual process without ex-
ternal heat addition to the system, n will normally have a value intermediate
between 1 and k because of heat transfer from system components into the
gas. The heat transferred is dependent on time, flow velocities, gas dynamics,
component sizes and materials, and temperature differentials. One such sys-
tem, using gaseous nitrogen, gave values for n ranging from 1.07 to 1. 18,
depending on the expulsion cycle used. This is referenced to some intermedi-
ate n value with limits of 1 for isothermal expansion and i. 4 for adiabatic ex-
pansion of nitrogen. The higher values, near i. 18, were for rapid blowdowns
of a system similar to that anticipated for the spacecraft retromaneuver. An
n value of I. 3 for helium is comparable to I. 18 for nitrogen. Based on this
and other tests,aconservativevalue ofl. 33 was selected for the propulsion sys-
tem calculations and analysis.
a. Pressurization system. The Voyager missions will require inter-
mittent thrust system operation over durations of 12 months or more. Thus,
the propulsion system must function simply and reliably on command after
being inoperative for periods that may be as long as 8 months. Based on pre-
sent system technology, a stored cold-gas system was selected as the most
appropriate for the Voyager missions. Helium, in preference to gaseous
nitrogen, was selected as the pressurant because of minimum weight require-
ments (figure 131). Reliability requirements alone eliminated pump-fed sys-
tems from serious consideration. Heated-gas and solid-grain pressurants are
suitable for many space systems but, because of complexity, were found to be
less desirable than the system selected. By carefully adapting the selected sys-
tem to the mission and by a total system integrational analysis, operational
procedures that would result in a completely sealed pressurant system were
chosen.
The sealed pressurization system will not require gas venting during any
part of the mission, thus eliminating any gas loss due to intentional venting or
because of leakage past the vent valves. The system pressurization is provided
by propellant tank prepressurization and by two pressurant tanks which remain
sealed until needed. Another feature of the system, which reduces the required
amount of pressurant (and pressurant tankage) to approximately one-half that
of a regulated constant pressure system, is to allow the latter portion of the
retromaneuver to operate on a gas blowdown process. Thrust and pressure time
history plots of the process are shown infigures 132and133. Additional reduc-
tion in pressurant requirements was accomplished by utilizing a standard low-
pressure, internal-bypass pressure regulator to achieve maximum utilization
of the pressurant in the retromaneuver pressurant tank.
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The propulsion requirements for the mission may be classified as near-
Earth corrections, planetary approach maneuvers, retro into planetary orbit,
and orbit alterations about the planet. Table 50 presents the maneuvers con-
sidered and indicates when each of the two pressurant subsystems are activated.
TABLE 50
ORBITER-BUS PROPULSION SEQUENCE
i. Ground prepressurization of orbiter-bus propellant tanks
2. First midcourse correction
3. Second midcourse correction
4. Activate first pressurant tank
5. Third midcourse correction and time-of-arrival correction
6. Lander separation (no orbiter propulsion required)
7. Orbiter slowdown
8. Approach corrections
9. Activate second pressurant tank
i0. Orbit injection
1 I. Orbit trim
IZ. Orbit changes
Propellant off-loading requirements for this vehicle make ground prepres-
surization of the propellant tanks highly de sirable, eliminating the need for an
excessively large pressurization tank for the near-Earth maneuvers. Further
analysis indicated that it would be advantageous to increase the propellant tank
volumes sufficiently to provide adequate pressurization for all of the near-
Earth corrections. The increased propellant tank volume concept has a weight
and reliability advantage over the normally used pressurant tank because it has
better pressurant utilization and eliminates some valves and plumbing. The
propulsion system is permitted to operate between minimum and maximum tank
pressure depending on environmental b}mperature _nd propellant co,_sumption.
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Pressurization for the remaining propulsion phases is provided by the two
pressurant tanks. The first tank is rather small; it contains enough pressurant
to accomplish all of the planetary approach maneuvers (orbiter slowdown and
corrective maneuvers) which will take place in the period from up to I0 days
before planetary encounter until a few hours before encounter. The several
components in the line between the small pressurant tank and the propellant
tanks are a normally closed squib valve, a solenoid-actuated isolation valve,
a filter and pressure regulator, and a normally open isolation squib valve.
This tank is made available for use shortly before thrusting is to begin by acti-
vation of the normally closed squib valve which has kept the pressurant tank
sealed. Just prior to thrusting, the solenoid isolation valve will be opened to
allow flow to the regulator. The regulator will regulate to an outlet pressure
of 130 psia. The solenoid isolation valve will be closed after thrusting to
ensure that there will be no gas leakage during the cruise periods. The sole-
noid isolation valve will be opened and closed for each thrusting maneuver.
When the final thrusting maneuver prior to retro has been completed, the nor-
mally open isolation squib valve will be closed for permanent isolation of the
pressurant tank. Investigation has shown that, if the environmental tenlpera-
ture is maximum, no gas will flow from the small pressurant tank because the
propellant tank pressure will remain above 130 psia during all of the planetary
approach maneuvers.
The second pressurant tank provides pressurization for retro and orbit
alteration. This tank may be divided into two equivalent tanks manifolded
together if desired with a negligible change in system weight. The line from
this pressurant tank to the propellant tanks is sealed by a normally closed
squib valve. Just prior to retro into planetary orbit, the normally closed squib
valve will he opened to supply gas to the regulator.
This regulator is a standard low-pressure internal bypass design with a
design-regulated outlet pressure of Z75 psia. A design characteristic of this regu-
lator permits it to open to maximum flow area as the pressurant tank pressure
decays and becomes equal to the design outlet pressure. The regulator will then
act as a fixed-area orifice. For the remainder of the mission, thrust operation
will continue at a decreasing rate as a function of decreasing propellant tank pres-
sure, as is shown in figures 132 and 133. This gas-expansion process, for
purposes of propellant expulsion, is referred to as a gas-blowdown pressuriza-
tion process. The pressurant tank becomes part of the pressure reservoir during
the gas-expansion process, because the wide-open regulator will cause little pres-
sure differential between the pressurant and propellant tanks. Tank pressure at
thrust ter_]ination will be approximately equal to the minimum pressure of 130
psia when the maneuver is performed at the minimunl environmental temperature.
As may be readily appreciated, the pressurant weight saving compared to a _egu-
lated constant tank pressure system is substantial, in this case amounting to
approximately 60 pounds. The predominant factor is the utilization of the gas-
blowdown concept, which accounts for approximately 80 percent of the saving.
The low-pressure bypass regulator concept provides the remainder.
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When retrothrusting is terminated, the normally open isolation squib valve
will be closed immediately to isolate the pressurant tank because the pressurant
tank gas temperature will be lower than the propellant tank gas temperature.
As the gas in each tank is warmed hack to the environmental temperature,
there would be a flow of gas from the pressurant tank to the propellant tank
if no isolation valve were provided. It was determined that tank pressure would
reach a value of 320 psia in a system without the isolation valve if maximum
environmental temperature should be reached while in planetary orbit. As a
precaution, propellant tank wall thicknesses were based upon a tank pressure
of 320 psia.
At this stage, because the propulsion system still has not actuated any vent
or relief valves, the gas in the propellant tanks is still contained in a sealed
system. No gas leakage will occur while the vehicle is in orbit, and as many
orbit alterations may be made as the remaining propellant will allow. The
pressurization system, therefore, imposes no limit whatever on vehicle life.
The fact that the pressurization system would remain sealed throughout the
propulsion system life of l year or more is a direct result of utilizing the gas-
blowdown procedure. If a constant tank pressure system were chosen, there
would be no choice but to have venting capability to prevent overpressurization
from environmental temperature variations to be encountered during engine
non-operational periods.
An additional desirable feature of a gas-blowdown procedure may be viewed
in either of two ways. Compared with a constant-thrust system whose thrust
is equal to initial gas-blowdown system thrust, there will be a decrease in
terminal g-loading and an increase in cutoff impulse accuracy. Compared with
a constant-thrust system, the thrust of which is equal to the terminal gas-
blowdown system thrust, there is a substantial reduction in thrusting duration
to achieve an equivalent terminal g-loading and cutoff impulse accuracy.
7.5 Propellants
i. Selection. The propellant combination chosen for orbiter-bus propul-
sior. system is
Oxidizer: Mixed oxides of nitrogen (MON)
85 percent nitrogen tetroxide
15 percent nitric oxide
Fuel: Eutectic mixture of hydrazine fuels (EMHF)
87.6 percent monomethylhydrazine
12.4 percent hydrazine.
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This selection was based on mission requirements, system configuration,
environmental restrictions, availability, current technology, and the proposed
development schedule. General knowledgerelative to propellant physical
properties, previous experience with prepackagedpropulsion systems, and a
comprehensive fund of information on propellant performance characteristics
were used to define the selection combination as most suitable for this applica-
tion. Appendix L contains a description of the propellant evaluation and selec-
tion analysis.
Consideration was given specifically to satisfying the following requirements:
i. Storage and transportation environmental temperatures of 0 to 120°F.
The selected propellants will remain in a liquid state throughout this tempera-
ture range, thereby avoiding possible degradation in performance andhandling
damage that might occur with either of the propellants frozen. Reasonable
vapor pressures will be maintained at the upper temperature limit.
Z. Compatibility with the propellant tank material and expulsion system.
This is a major consideration in view of the required system life.
3. High specific impulse andhigh density impulse to facilitate system
packaging and minimize weight. Propellant hypergolicity with minimum igni-
tion delay over the operational temperature limits at hard vacuum is mandatory.
4. Shock insensitivity and thermal stability at elevated temperatures, for
reasonable safety standards and handling ease. The propellant system is sealed
by means of welding, and even accidental rupture of a tank will not create
serious contamination of a large area. The propellants are toxic but not ex-
tremely so.
5. Relative freedom from radar-attor:uating particles in the combustion
products.
A comparison of the selected propellant combination with two other stor-
able combinations frequently used in spaceapplications is shownin figure 134.
The comparative combinations are MON (85-15)/UDMH-N2H4 (50-50) and
N204/UDMI-I-,N2H4 (50-50).
g. Performance. Perfor_nance parameters for the bipropellants at the
design oxidizer -fuel mixture ratio of 2. 15:l are show_iin figures 135 through
139. Theoretical performance parameters generated by an IBM 7094 computer
program were corrected to deliverable values consistent with current technology.
These corrected values have been used in the system design.
3. Properties. Physical and chemical properties of the component com-
pounds of the blended fuel are shown in table 51. An estimate of the properties
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TABLE 51
FUEL PHYSICOCHEMICAL PROPERTIES
Property Monomethylhydrazine Hydrazine
Chemical Formula
Molecular Weight
Boiling Point_ F
Freezing Point, F
Specific Gravity, 68 F
Density, Ib/cu ft, 68 F
Viscosity, lbm/ft-sec, 68 F
Velocity of Sound_ liquid, ft/sec, 77 F
Heat of Formation, Btu/lb-mol, 77 F
CH 2
&6.075
188.2
-62.1
0.8765
5_ °72
5.875 x 10 -_
23,6OO
Heat of Fusion, Btu/lb
Heat of Vaporization, Btu/lb, 77 F
Heat of Combustion, Btu/lb, 77 F
Heat Capacity, Btu/lb-F, 68 F
Thermal Conductivity_ Btu/hr-ft-F
97
377
12,177
0.70
N2H 
32. O5
2-39.5
3_.8
1.008
62.93
6.5_ x 10 _
6857
21,600
170
602
83_6
0.7358
0.29
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of the EMHF may be obtained by a molal percentage ratio of the tabulated values.
The selected oxidizer, MON 85-15, is a mixture Of nitrogen tetroxide, liquid
at normal temperatures, and nitric oxide, normally a gas. The properties of
nitrogen tetroxide and nitric oxide are listed in table 52. Critical mixture
property variations of the two propellants as functions of temperature and mix-
ture percentage are shown in figures 140 through 147.
7.6 Thrust Vector Control
1. Analysis. Thrust vector misalignment from the vehiCle longitudinal
axis is due to the combined tolerances of the vehicle and propulsion system.
The spacecraft has a nominal 1/2-inch off-set in center of gravity with respect
to the axis passing through the main thrust chamber. The combined tolerances
of the propulsion system and spacecraft were used to determine total thrust
vector misalignment and also in determining the proper thrust level for the
thrust vector control chambers.
The principal factors considered in the total system analysis were the vehi-
cle center-of-gravity tolerance, thrust chamber misalignment, and propellant
unbalance.
The thrust chamber misalignment consists of a lateral displacement and
an angular misalignment. These were established to be 0.01 inch for the lateral
displacement and 0. Z6 degree for angular misalignment. These tolerances
were applied to all orbiter-bus thrust chambers.
The propellant unbalance was analyzed as a function of the diaphragm pres-
sure differential variations between the interconnected tanks and the differential
velocity head loss in the propellant lines between the tank outlets and the line
juncture fitting.
The results of the analysis are presented in table 53 for the two thrust levels
of the system.
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TABLE 52
OXIDIZER PHYSICOCHEMICAL PROPERTIES
Property Nitrogen Tetroxide Nitric Oxide
Chemical Formula
Molecular Weight
Boiling Point, F
Freezing Point, F
Specific Gravity, 68 F
Density, ib/cu ft, 68 F
Viscosity, ib/ft-sec, 68 F
Heat of Formation, Btu/ib-mol, 77 F
Heat of Fusion, Btu/ib, 11.8 F
Heat of Vaporization, Btu/ib, 70.1F
Heat Capacity, Btu/Ib-F, 62 F
ThermalConductivity, Btu/hr-ft-F
N204
92.016
70.1
11.8
1.447
90.34
2.84 x 10 -4
-12.240
68.5
178
0.367
0.081
NO
30.008
-241.90
-262.50
gas
gas
gas
gas
gas
gas
gas
gas
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TABLE 53
THRUST VECTOR CONTROL TORQUES
Thrust,
pounds
1500
2500
Disturbing Torque,
ft-lb
Oxidizer Tank
Plane
208
231
Fuel Tank
Plane
189
209
Corrective Torque,
ft-lb
312
52O
Minimum
Torque
Ratio
1.50
2.25
NOTE: The torque ratios, corrective torque to disturbing torque, are
based on moment arm distances of 8.67 feet for the TVC chambers.
The center-of-gravity tolerance due to all factors was found to
be 1.67 inch.
Roll moments due to main thrust chamber and TVC chamber angular misalign-
men% were calculated by the following equations:
Main chamber, TR = F h sin
TVC, TR = F d sin (
where
TR = roll torque, ft-lb
F
h
d
¢
= thrust, pounds
= lateral displacement, feet
= moment arm, nozzle %0 center of gravity, feet
= angular misalignment, degrees
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R011 moments at 1500-pound thrust are 3.5 ft-lb and 5.0 ft-lb at a thrust
of 2500 pounds. Each coupled roll nozzle pair develops 16.6 ft-lb and 41. 5
ft-lb of torque at thrusts of 1500 and 2500 pounds, respectively.
2. Thrust Response and Cutoff Impulse. The spacecraft thrust maneuvers
can be accomplished with little emphasis on high thrust response because the
integrating accelerometers used for velocity control are response time insensi-
tive. However, the main thrust chamber has been designed to produce a narrow
variation of cutoff impulse because this parameter does have a serious influ-
ence on velocity accuracy.
An analysis of the main chamber propellant valve shows the time from sig-
nal to I0 percent thrust to be about 30 milliseconds. Because the guidance and
control may be biased to compensate for this delay, cutoff inaccuracies will
occur only as a function of the cutoff variability. The factors that must be
considered in determining the variation are shown in figure 148.
Typical valve cutoff impulse variations on 2500-pound-thrust chambers
are normally about 20 percent of the signal to i0 percent thrust level total
impulse. This approximation would result in a tolerance band of 10 Ib-sec
impulse uncertainty in cutoff from full to i0 percent of full thrust for the Voy-
ager main chamber. Additional allowances may be made to compensate for
the propellants entrapped in the chamber priming volume. These residuals
are ejected by their own vapor pressure and produce little thrust, and are
se c ond -or de r effects.
3. Gimballing. A firm choice between use of a nongimballed main thrust
chamber versus a gimballed chamber must be based on considerations of the
overall orbiter structure, the guidance system characteristics, velocity vector
accuracies, and integration of the propulsion system into the vehicle structure.
While either a gimballed or nongimballed system is feasible for the orbiter-bus,
some serious limitations result from the use of a gimballed chamber, as dis-
cussed below. Therefore, based on total system integration, a gimballed
chamber was not used in the selected propulsion system.
The primary deficiency of the gimballed systems is the vehicle attitude
during thrusting. The gimballed system, properly oriented, will maintain the
thrust vector through the vehicle center of gravity, which means that the vehi-
cle axis is canted to the path of travel as a function of center-of-gravity mis-
alignment. In the event that the gimbal pivot point is close to the center of
gravity, a small misalignment can result in a significant cant to the vehicle
axis. Thrusting may be accomplished by accepting the velocity increment gen-
erated through the thrust vector center-of-gravity axis with some lateral error
while maintaining the original vehicle axis orientation. Alternately, the vehi-
cle may be canted from its oriented position to permit thrusting in the desired
direction which requires some significant pitch or yaw maneuver at thrust
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initiation, thus disturbing the guidance platform orientation. Possibly, some
device to sense the center-of-gravity location would be desirable, also. Either
type of thrusting operation will necessitate a sophisticated guidance system
and complex sensors for a reasonable velocity vector control.
The gimballed system does present an attractive concept by the use of a
single chamber for both velocity changes and attitude control. However, the
chamber should be positioned to permit the gimballing axis to be placed some
distance from the vehicle center of gravity sucL as on ballistic missiles or
space systems with large length-to-diameter ratios. The small length-to-
diameter ratio of the orbiter-bus vehicle will accommodate a gimballed thrust
chamber if the chamber is pivoted about an axis near the expansion nozzle exit.
This may be done by a three-bar, flexure-linkage support that is slightly more
complex and heavier than either a simple gimbal ring or a single universal
flexure mount at the thrust chamber injector plate.
The important consideration related to the gimballed system evaluation is
the number of propellant tanks used. A two-tank system, one fuel and one
oxidizer, is satisfactory, provided that moments are balanced about the axis
by placing the lighter fuel tank a compensating distance further from the axis
than the oxidizer tank. There may be an unbalance in the system near propell-
ant exhaustion because of variations in mixture ratio while thrusting. This
should not be of concern unless the tanks are located at large distances from the
vehicle axis. However, a four-tank system (two connected fuel and two connected
oxidizer tanks) would be less desirable because of the possible canted vehicle
axis during thrusting. Propellant shifting during thrusting could create a serious
guidance problem from center-of-gravity movement, although, in general, the
propellant would tend to equalize levels as the center of gravity and the thrust
vector should move toward the fuller tanks. However, in the event that unbal-
anced propellant caused the center of gravity to move outside the thrust vector
intercept cone, the system could not be controlled. A two-tank propellant sys-
tem is, therefore, recommended for use with a gimballed main thrust chamber.
The propulsion system envelope of the spacecraft was not suitable for a
two-tank propellant system. Therefore, a gimballed main chamber was con-
sidered unsatisfactory for the selected system.
7.7 System Integration
1. Analysis. Propulsion systems for space applications frequently employ
spherical tanks as fluid containers because spheres provide the lowest weight-
to-volume ratios for internally pressurized fluid containers. As bipropellant
systems present problems in efficient spatial arrangement of spherical pro-
pellant tanks, pressurant tank(s), and thrust chamber within the envelope avail-
able for the propulsion system, several possible system configurations
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employing spherical tanks were analyzed for system integration. These con-
figurations are shown in figure 149. The configuration descriptions are
a. A fuel tank and an oxidizer tank aligned axially
b. Two fuel tanks and two oxidizer tanks, balanced pairs, centered
at the same vehicle station
c. Two fuel tanks and two oxidizer tanks, balanced pairs, centered
at different vehicle stations
d. One centrally located oxidizer (or fuel) tank with two or more fuel
(or oxidizer) tanks balanced about the vehicle axis, tanks centered at the same
vehicle station
e. Similar to (d), tanks centered at different vehicle stations
f. A fuel tank and an oxidizer tank statically balanced in opposition
about the vehicle axis, tanks centered at the same station.
A rating of the several configurations is presented in table 54, ranking
them from the standpoint of center-of-gravity stability and envelope size.
Configurations (a) through (e) are dynamically stable about the roll axis; con-
figuration (f) is statically balanced only.
Configuration (f) is of interest as a two-tank system, which is similar to
configuration (b) in axial length. Because of the high degree of mixture-ratio
accuracy required of a space system, center-of-gravity shift due to propell-
ant inbalance should be less for configuration (f) than the configurations using
more than one tank for each propellant. Configuration (f) will be statically
balanced during the expulsion cycle by proper placement of the pressurant
tank(s) to compensate for the weight ratio differences of the full versus empty
propellant tanks. Propellant tank weights are proportional to volume and,
because the propellants have dissimilar specific gravities, the oxidizer/fuel
tank weight ratio is different from the propellant weight ratio. Pressurant
tanks are normally quite heavy and may be positioned to provide a balanced
system in the empty as well as full condition.
Configuration (b) was selected for the orbiter-bus propulsion system as
being the arrangement most compatible with the vehicle structure and system
envelope.
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TABLE 54
PROPELLANT TANK ARRANGEMENT
Configuration
{a)
(b)
(c)
(d)
(e)
(f)
Number of
Tanks
2
4
4
3 or more
3 or more
2
C ente r -of -Gravity
Control Rating*
Envelope Size
Radial
1
4to 5
3
4to 5
2
6
i
Rating
Axial
6
1
5
3 to4
3to4
2
*Ratings are in ascending order from most desirable to least desirable.
7.8 Reliability Analysis
1. Introduction. The results of a preliminary reliability analysis of the
proposed orbiter-bus propulsion system are presented in table 55A. The esti-
mated system reliability represents a potential level which the propulsion sys-
tern can expect to achieve at the conclusion of the qualification test phase. This
reliability is the probability of the propulsion system successfully performing
start, operation, and shutdown as required in the mission.
The propulsion system is des igned for maximum reliability, incorporating
redundant components in the pressurization system and propellant feed system
to guard against internal leakage during an extended mission. An all-welded
configuration will be used to prevent external leakage. Fill and vent connec-
tions will be positively sealed after servicing.
The failure rates in this analysis are derived from Rocketdyne's experi-
ence with components of similar design and/or performing similar functions.
Consideration is given to the mission and the environmental requirements of
the component, criticality of component operation, and the projected state of
the art. A few basic assumptions, which are necessary in estimating compon-
ent failure rates and system reliability, are as follows:
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TABLE 55 A
ORBITER-BUS PROPULSION SYSTEM PREDICTED COMPONENT
FAILURE RATES AND SYSTEM RELIABILITY
Subsystem I--Pressurization System
(Correction Maneuvers)
Pressurant Tank
Pressure Transducer
Fill Valve
Isolation Valve, Normally-Closed
Squib
Isolation Valve, _wo-Posi_ion Latching
Selenoid
Regulator
Isolation Valve, Normally-0pen
Squib
Subtotal
Subsystem I--Pressurization System
(Orbital Maneuvers)
Pressurant Tank
Pressure Transducer
Fill Valve
Isolation Valve, Normally-Closed
Squib
Regulator
Isolation Valve, Normally-Open
Squib
Subtotal
Pressure Transducer
Check Valve
Burst Diaphragm
Relief Valve
Vent Valve
Subtotal
No.
Required
1
1
Pc ' Ps '
x 10 -5 !x 10 -5
8 8
15 15
5 5
5 5
92_} 20
5 5
8 8
15 15
5 5
5 5
15o 15o
5 5
15 15
10 20
5 *
12 *
5 10
Totals
58
188
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TABLE 55 A (Concl'd)
Subsystem II--Propellant Feed System
Propellant Tank and Diaphragm Assembly
Fill Valve
Filter
Subtotal
Subsystem Ill--Thrust Chamber Assembly
Propellant Filter
Propellant Isolation Valve, Solenoid
Propellant Valve, TVC, Solenoid
Thrust Chamber and Injector, TVC
Bipropellant Valve, Main TCA
Thrust Chamber and Injector, Main TCA
Propellant Valve, Roll TCA
Thrust Chamber and Injector,Roll TCA
Subtotal
System Total
No. Pc'
•Required x 10-5
35
2 5
2 3
2 10
2 25
8 30
4 60
1 $5
1 100
8 20
4 40
Fs_
x 10 -5 Totals
150
10
6
156
2O
68_
250
28_
100
160
661
1106 1106
Reliability Estimate
E 10-5] -0.01106R = exp - 1106 x = e = 0.98901
Pc = Estimated probability of failure for one component.
Ps = Estimated probability of failure for the components in the
=nxP •system based on the number of components required, Ps C
* Components redundant with regulator.
_-_ Isolation valves redundant with propellant valves to prevent external
leakage.
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i. The reliability of a component is inherent in the function it performs
and will, therefore, be similar to components with similar functions and proved
reliabilitie s.
Z. No insurmountable problems will be encountered in the development
of the new system; therefore, the inherent functional reliability will be achieved
in a normal development program.
3. The wearout life of the components will be sufficiently longer than the
operational life of the system such that wearout failures will not be encountered
and only chance failures will occur.
Table 55B presents typical component failure modes and failure rates for
a space engine propulsion system.
2. Discussion. The major subsystems and components affecting the sys-
tem reliability are discussed in the following paragraphs.
a. Pressurization Subsystem (Initial Phase). The pressurization
subsystem with the small helium tank will provide the pneumatic pressure
requirements for the third midcourse correction, orbiter slowdown, and ap-
proach correction maneuvers. These maneuvers cover a period of 5 to I0
days before injection into planetary orbit. A small supply of helium, sufficient
for the first and second rn/dcourse corrections occurring within i0 days after
Earth launch, will be contained in the propellant tank ullage. In this way, the
small helium tank need not be opened for the near-Earth corrections, and the
regulator will not be subject to a high inlet pressure from the pressurant tank
while in a locked-up position during the over 5-month period of coast between
the second and third rnidcourse correction maneuvers. Initial use of helium from
the auxiliary tank will begin with the third rnidcourse correction. For subsequ-
ent periods of inactivity between maneuvers, a solenoid-operated isolation valve
will seal off the high-pressure source to prevent regulator internal leakage.
Following the final approach correction maneuver, the auxiliary tank will be
sealed out of the system by a normally open, squib-actuated isolation valve.
b. Pressurization Subsystem (Final Phase). The pressurization sub-
system v;ith the larger main helium tank will handle the pneumatic pressure
requirements during the second phase of the mission at the target planet. This
involves the retro into planetary orbit, orbit-trim correction, and orbital period
change maneuvers, the latter covering a period of up to 6 months. The main
helium tank will be at regulated pressure approximately half way through the
retromaneuver, at which time the regulator will lock into an open position.
Upon completion of retro, a normally open, squib-actuated isolation valve will
seal the helium tank out of the system. The remaining thrust operation will be
pressurized by expansion of the gas in the propellant tank ullage.
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TABLE 55B
TYPICAL COMPONENT FAILURE MODES AND FAILURE RATES FOR
A SPACE ENGINE PROPULSION SYSTEM
Failure
Component Failure Mode Rate _/_
Helium Tank
Squib-Actuated Valve
Filter
Pressure Regulator
Relief Valve
Check Valve
Vent Valve
Pressure Switch
Propellant Tank With
Expulsion Bladder
Propellant Fill Valve
Burst Diaphragm
Solenoid Propellant
Valve, Dual,
Linked
Ablative Thrust
Chamber and
Injector
External leakage
Fail to actuate
Excessive restriction
Regulate too low
Regulate too high
Internal leakage in lockup
Fail to open
Fail to close
Leakage
Fail to open
•Fail to close
Internal reverse leakage
Leakage
Premature actuation'; short
Fail to actuate; open circuit
External leakage
Bladder ruptare
Leakage
Burst at low pressure
Burst at too high pressure
Fail to open
Fail to close
Internal leakage
Excessive ablation; erosion
Throat insert erosion
Injector misimpingement
5
3
2O
30
60
3
3
z,
1
7
2
5
20
3
6
30
5
2
2
10
z5
33
73
20
5
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c. Solenoid-Operated, Propellant-Isolation Valves. During the long
periods of engine inactivity between maneuvers, solenoid-operated isolation
valves will be utilized to seal propellants from the thrust chamber assemblies,
removing any long-term sealing requirements for the thrust chamber propell-
ant valves. The isolation valves, together with the propellant valves, will pro-
vide redundant sealing to guard against external leakage.
d. Main Thrust Chamber Assembly. Throughout the mission, the
main thrust chamber assembly will be operated for approximately 10 start-stop
cycles accumulating about 600 seconds of firing. Propellant flows into the
injector are controlledwith a pilot-operated, linked-bipropellant valve.
e. Thrust Vector Control Thrust Chamber Assemblies. Attitude con-
trol is provided by the thrust vector control chambers. Each TVC thrust cham-
ber assembly is capable of accumulating up to a maximum of 500 seconds of
intermittent operation, which will occur during periods coincident with the fir-
ings of the main thrust chamber assembly. Fast-acting solenoid propellant
valves control propellant flow into the injector.
f. Roll Control Thrust Chamber Assemblies. Roll control is pro-
vided by two pairs of roll control chambers, each pair producing a pure couple.
Each chamber is capable of accumulating 120 seconds of steady-state operation.
The chambers will be operated in a time-interval modulated mode and would be
capable of producing impulse bits on the order of 20-millisecond duration.
Fast-acting solenoid valves control propellant flow into the injector.
7.9 System Design
1. Introduction. This section presents a detailed description of each
component in the orbiter-bus propulsion system. The following paragraphs in-
clude a comprehensive description of its function, materials, and construction.
The vibration and g-loading requirements are presented in table 56. The sys-
tem components will meet these requirements. The system power requirements
are shown in table 57.
2. Thrust Chambers. The thrust chambers consist of one main thrust
chamber assembly of 2500- to !500-pound thrust, four thrust vector control
thrust chamber assemblies of 60- to 36-pound thrust, and four roll thrust
chamber assemblies of 2.5- to 1.5-pound thrust. All the chambers arc abla-
tive with radiation skirts except the roll chambers, which are fully ablative.
A discussion of the reasons for this choice of thrust chamber configuration is
presented in appendix M.
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a. Main thrust chamber assembly. The main orbiter thrust chamber
(figure 150) consists of a fiberglass-wrapped, lined, ablative combustion cham-
ber; a refractory, silicon-carbide throat insert; and a Hastelloy-X radiation
skirt. The thrust chamber is designed to produce 2500-pounds thrust for 800
seconds at a chamber pressure of 125 psia. Table 58 lists the basic engine de-
sign parameters.
TABLE 56
VIBRATION AND ACCELERATION LOADING
The orbiter vehicle is subjected to a maximum g load of 5 g axially
and 2 g laterally during liftoff. The orbiter is designed to with-
stand these loads as well as the following vibration loading sinusoi-
dal sweep test:
0. 022-Inch Double Amplitude Displacement,
cps at g
16
to
42 2
42 2.0
50 2.8
55 3.4
6O 4.1
65 4.8
70 5.5
75 6.4
80 7.3
85 8.3
90 9.2
95 I0. l
95
to
2000 10
The resonant test made would be one half of the sinusoidal test,
e.g., 16 to 42 cps at 1 g. Typical shock pulses would be as
shown:
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TABLE 58
MAIN THRUST CHAMBER DESIGN PARAMETERS
Thrust, pounds
Chamber Pressure, psia
Throat Area, sq in.
Throat Diameter, inches
Contraction Area Ratio (_c)
Combustion Chamber Area, sq in.
Combustion Chamber Diameter, inches
Characteristic Length (L*), inches
Expansion Area Ratio (_)
Exit Diameter, inches
Thrust Coefficient (CF, actual)
Exit Cone Contour
Skirt Attachment (er)
Duration, seconds
Mixture Ratio (&o/@f )
Oxidizer Flowrate (@o), lb/sec
Fuel Flowrate (_f), ib/sec
2500 to 1500
125 to 75
I0. 24
3.61
3.0:I
31.72
6. 25
33.0
80:1
32. 30
1.952 to 1.959
800/oBell
44.0:l
8OO
2.15
5.22 to 3. 13
2.43 to 1.46
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The thrust chamber is designed so that, with restarts and 800 seconds
duration, insulative material will remain between the char and fiberglass to
give a maximum outer-wall temperature of 700°F. Any heat soak during the
off times between firing does not affect total chamber duration. Once the char
depth is determined, either asbestos, phenolic ablative, or alumina silica in-
sulator may be used to keep the outer wall at the required temperature. Phenolic-
ablative insulator is wrapped and cured over the ablative material. The insula-
tor (the same material as the chamber} reduces the rate of heat flux to the
structural fiber glass shell.
1) Throat. Silicon carbide, presently being used at Rocketdyne,
is the throat-insert material proposed for Voyager. However, other materials
under consideration and investigation are silicon carbide, backed by a molyb-
denum sleeve, and silicon diffused into graphite.
Silicon carbide has a high melting point (4400°F), excellent thermal shock
characteristics, relatively high thermal condu%tivity (115 Btu/hr-ft2-°F/in. ),
low coefficient of thermal expansion (2.4 x 10- in. /in. -°F), excellent oxida-
tion resistance, and high abrasion resistance.
A molybdenum backup and sleeve is used only in those cases where the
silicon carbide insert cannot conduct the heat sufficiently.
2) Combustion chamber. After the optimum chamber pressure
was determined, the combustion chamber geometry was established. The di-
mensions of the combustion zone are such that the gases mix thoroughly up-
stream of the throat. In many cases, however, the high-silica glass in the abla-
tive becomes fluid enough to be swept downstream and deposited in the throat
section. This causes thrust variances and the possibility of an unsymmetrical
velocity profile in the deposition area. Prevention of this phenomenon is ac-
complished by inserting a liner of JTA (45 percent graphite, 45 percent zirconium
diboride, and 10 percent silicon) in the combustion zone. The liner (proved
highly successful on the Gemini program) is segmented to provide a path for the
pyrolyzed ablative gases (which reduces the AP across the liner), and prevents
cracks that may occur in an expanding unsegmented liner.
3) Fiberglass. As the ablative chamber and nozzle sections
char, the radius in which the operating pressure acts will increase to the full
depth of the insulation. The minimum insulation provided thereafter will carry
iitLle load; hence, the fiberglass, which is filament wound to accent hoop stresses
a,_d longitudinally wrapped to contend with meridional stresses, is designed to
carry all the resultant chamber forces.
4) Radiation Skirt. The nozzle skirt section, as opposed to a full-
radiation engine, is not confronted with the large stresses caused by high tem-
peratures in the combustion zone and throat, thrust transmission, and injector
attachment. The skirt is designed to accept and emit the heat flux transmitted
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by the expanding gases, in addition to withstanding loads imposed by thrust
transmission. It is made of 0. 030-inch Hastelloy-X sheet, and is tape-wrapped
to the thrust chamber at an expansion area ratio of 44.0:1. The nozzle exit
contour is an 80 percent bell extending to an 80:1 expansion area ratio.
5) Injector. The injector selected is a conventional fixed-orifice,
single ring of impinging unlike doublets. It is designed to inject propellants through
70 pairs of orifices so that the resultant momentum vector is parallel to the
centerline of thrust. The pressure drop varies between 80 and ZZ psia (furnish-
ing 2500- to 1500-pounds thrust) with extremely small loss in performance.
The propellant manifolding provides minimum downstream volume and, therefore,
maximum response. External functions of the injector are thrust chamber attach-
ment and mounting provisions for the hydraulically actuated, mechanically linked
bipropellant valve.
The types of injectors investigated for this application comprised a single
ring of one-on-one (fuel-on-oxidizer) impingement {unlike doublets}, a single
ring of one-on-one {fuel-on-oxidizer) impingement onto a splash plate, a double
ring of one-on-one {fuel-on-oxidizer) impingement, triplet impingements, and
like-on-like impingement.
The diameter of the combustion chamber in relation to propellant flowrate
is of a size to permit the utilization of a simple, efficient, and proved unlike-
doublet pattern to ensure initial and complete liquid-phase mixing of the pro-
pellant. This design also can be readily adapted to a splash-plate configuration
if necessary. Therefore, the simple-impinging, unlike-doublet configuration
was selected. This type of injector pattern has been used extensively in ex-
periments with and without splash plates. Programs using impinging doublets
include Gemini (N204/MMH), Transtage (N204/NzH4-UDMH (50-50)), Atlas
vernier (LOX/RP), and Apollo (NzO4/MMH). Single fuel and oxidizer manifolds
allow simple, lathe-turned fabrication and convenient injector inspection.
Quality of the injector is controlled by inspection methods that include
radiography, water-flow calibration of AP, and hot-fire calibration of mixture
ratio. ._
Heat transfer to the injector is controlled by having the propellants flow
through manifolds adjacent to the injector face. Alternate injector designs that
can be used to curtail injector heat transfer, if required, are:
1. Hard anodize on the central face region where protection by flowing
propellants is minimum
2. Ablative material added to the central region to provide additional in-
jector protection
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3. Orifices added in the hot locales for film cooling
4. Injector face coated with zirconium oxide.
Because of weight limitations, heat-treated, wrought 6061-T6 aluminum is
the selected injector material. Aluminum injectors have been tested success-
fully and used on various space engine programs, including SE-5, Nomad (which
has a 7000 °F combustion temperature), Lance, and LEM.
b. Thrust vector control engine assembly. The TVC engine (figure
151) consists of a fiberglass-wrapped, lined ablative combustion chamber; a
refractory, silicon-carbide throat insert; and a Hastelloy-X radiation skirt.
The thrust chamber is designed to produce 60 pounds of thrust for 500 seconds
at a chamber pressure of 125 psia. Table 59 lists the basic design parameters.
The recommended thrust chamber was selected after a detailed evaluation
was made to determine the optimum configuration for the orbiter-bus mission.
The thruster is designed so that with the required duration, asbestos phenolic
material insulates the fiberglass from the char to give a maximum outer-wall
temperature of 500°F ". Any heat soak during the off times between firing does
not affect total chamber duration. Basic design parameters of the TVC system
are presented in table 59.
I) Throat, combustion chamber, and fiberglass. The throat,
combustion chamber, and fiberglass descriptions are the same as described
for the main thrust chamber.
2) Radiation skirt. The Hastelloy-X radiation skirt is designed
in the same manner as described for the main thrust chamber radiation skirt
section. It is an 80 percent bell, 0. 030-inch-thick sheet wrapped into the
chamber at an expansion area ratio of 20:1 and extending to an epsilon of 60: I.
3) Injector. The injector selected for the TVC engine is machined
from 3Zl stainless steel to conform to a conventional fixed-orifice, single-ring,
impinging-unlike-doublet, splash-plate injector. The manifolding, external
functions, types of injectors investigated, reasons for selecting this type of
impingement pattern, and quality control are the same as described for the
main engine injector. A splash plate is utilized because of the better performance
provided with this engine size and impingement pattern.
c. Roll thrust chamber assembly. With the exception of size and the
absence of a radiation skirt, the roll engine (figure 15Z) is constructed of the
same materials as the thrust vector control engine. It is designed to produce
Z. 5-pounds thrust for 120 seconds at a chamber pressure of 125 psia. The throat,
combustion chamber, and fiberglass wrap descriptions are described in that
section. The fabrication techniques are also the same, exclusive of the ablative
material which is molded 90-degree, phenolic impregnated silica and machined
to its final contour (including a 15-degree cone nozzle). Table 60 lists the basic
de sign parameter s.
-408-
• ASBEST(_ PHENOLIC RA
_ Ot T_'R
L "'_ -- '13.14
m
Figure 151 TVC THRUST CHAMBER ASSEMBLY
INLET-FUEL VALVE
-- INLET-OXIDIZER VALVE INJECTOR (321 CRES)
L INER
O-DEGREE ORIENTED ABLATIVE
-- ASBESTOS PHENOLIC
--THROAT INSERT
ORIENTED ABLATIVE
FIBERGLASS WRAP
'l
2.00 DIA
L
2.89
Figure 152 ROLL THRUST CHAMBER ASSEMBLY
-409-
TABLE 59
THRUST VECTOR CONTROL TCA
Thrust, pounds
Chamber Pressure, psia
Throat Area, sq in.
Throat Diameter, inches
Contraction Area Ratio (ec)
Combustion Chamber Area, sq in.
Combustion Chamber Diameter, inches
Characteristic Length (L*), inches
Expansion Area Ratio (E)
Exit Diameter, inches
Thrust Coefficient (C F, actual)
Exit Cone Contour
Skirt Attachment ( _r )
Duration, seconds
Mixture Ratio (&o/_f )
Oxidizer Flowrate (Wo), ib/sec
Fuel Flowrate (_f), ib/sec
60 to 36
125 to 75
O. 255
O. 570
4.5:1
1.15
1.21
18
60:1
4.4Z
1. 880 to 1. 887
80 % Bell
20:1
500
2.15
O. 132 to O. 079
O. 061 to O. 037
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TABLE 60
ROLL CONTROL TCA
Thrust, pounds
Chamber Pressure, psia
Throat Area, sq in.
Throat Diameter, inch
Contraction Area Ratio (_c)
Combustion Chamber Area, sq in.
Combustion Chamber Diameter, inch
Characteristic Length (L*), inches
Expansion Area Ratio (c)
Exit Diameter, inch
Thrust Coefficient (CF, actual)
Exit Cone Contour
Duration, seconds
mxture Ratio
Oxidizer Flowrate (*O), lb/sec
Fuel Flowrate (Wf), lb/sec
2.5 to 1.5
125 to 75
O.012_
O. 126
9:1
0.112
o. 578
8.0
10:1
0.598
1.611
15-degree cone
120
2.15
0.007 to 0.00_
0.003 to 0.002
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I) Injector. The roll engine injector is a plate of 321 stainless.
steel with one fuel, and two oxidizer orifices machined through the face. Other
types of impingement patterns (two-on-two, unlike; two-on-two, like; three-on-
three; and four-on-four) were considered, but because of the very low thrust
level {low flows), the simple two-on-one impingement pattern was chosen. This
facilitates readily mountable propellant valves since no manifolds are required.
In this manner, minimum dribble volume is guaranteed.
3. Control components. This section of the report describes all the
components in the propulsion system with the exception of the thrust chambers,
pressurant tanks, and propellant tanks. The following paragraphs present a
comprehensive description of the components function, materials, and construc-
tion.
a. Main propellant valve. Propellant flow to the injector of the 2500-
pound-thrust engine is controlled by a mechanically linked, pilot-actuated,
bipropellant valve (figure 153). The valve assembly incorporates a linkage de-
vice with an in-line concept that provides positive mechanical linkage for both
the opening and closing functions. The valve is used in series with individual
propellant isolation valves to provide redundant sealing and high reliability,
because most malfunctions are the result of the combination of leakage and
failure to close, rather than failure to open. The valve assembly is bolted to the
top of the injector and metal 0-rings seal the propellants during firing.
The valve assembly weighs 2.50 pounds, and has a response time of 41
milliseconds from initial signal to the fully open position. The pilot solenoid
is operated through a "current-overdrive" unit, an all-solid-state module that
provides an opening surge current, and a low-level, hold in current, thus
maximizing response and minimizing effective power consumption. The required
operating currents (gS-vdc source) per valve are 3. ZS-ampere peak, approxi-
mately 6 milliseconds after signal, decaying to 496 milliamperes, approximately
12 milliseconds after signal.
Selection of the main propellant valve was based on the following considera-
tions:
I. Maximum reliability
2. Bellows to be used for dynamic seals because of the long-term operating
life in a vacuum environment.
3. Combination hard-soft valve seats to be used to ensure minimum leakage.
4. Two seals and a vent provided between propellants to be consistent
with reliability requirements.
5. The valve design must not incorporate sliding surfaces in a vacuum
envir onrnent.
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6. The valve to be mechanically linked by a positive mechanism that
ensures consistent and simultaneous opening and closing for smooth, repeatable
ignition, and thrust termination.
7. Pneumatic actuation cannot be used because the sealed pressurization
system cannot be tapped.
With these considerations, it was found that the main propellant valve for
the propulsion system was the type illustrated in figure 153.
1) Valve configuration. The main propellant valve is made of
300- and 400-series CRES because of its compatibility with both propellants,
high strength-to-weight ratio consistent with good machinahility, ease of welding
and brazing, and availability. Bellows made of AM350 are used to provide
dynamic seals for the poppets to ensure absolute zero leakage for long-term use
in a vacuum environment.
The valve assembly incorporates a linkage device that utilizes an in-line
concept. Shims are used on the linkage rod to compensate for tolerance stackup,
with a nut and locking element provided to complete assembly of the linkage
system. A damping orifice, consisting of the clearance between the poppet and
its guide, and drilled holes can be used to overcome instability, or valve chatter,
if encountered. The poppets, bellows, seats, etc., are the same size for both
propellants to reduce unit cost. The poppets are ceramic coated to prevent cold
welding with the valve seats, and utilize a combination hard-soft valve seat that"
is currently under development for the man-rated Gemini program.
Acutation is provided by introducing hydraulic pressure through the pilot
valve into the control cavity. The actuating medium can be either pneumatic or
hydraulic. Hydraulic actuation is proposed here to avoid tapping the pressuriza-
tion system, and because the basic valve configuration lends itself to use of the
oxidizer that can be tapped from the valve body downstream of the propellant
isolation valve. All sliding surfaces are well lubricated being submerged in the
propellant during the opening and closing cycle, thus avoiding a condition of
sliding surfaces in a vacuum. A vent is located between the central bellows,
thus providing the desired vent between the two propellant seals.
b. Solenoid-actuated propellant valves. Normally closed, direct-
acting, solenoid-operated valves control the propellant flow to the TVC and roll
thrust chambers, and provide pilot actuation for the main propellant valve. The
valves incorporate a hard-soft seat combination identical to that being developed
on the Gemini program, in addition to an integral metering orifice and a 10-
micron filter. The fuel and oxidizer valves for each chamber size will be of
identical construction. The proposed units for the TVC engines are SE-5 valves
with the exception of adding the hard-soft seat and metering orifice. The roll
chambers will utilize valves, and a pilot solenoid.
-414-
All these solenoid valves incorporate a current overdrive circuit to in-
crease response and reduce total power consumption. A description of this
circuitry is presented below.
c. Propellant valve current overdrive circuit. Fast responding
solenoid valves require a high-power input to overcome the pressure unbalance
across the valve seat, the inertia of the plunger/poppet assembly, and the spring
and friction loads. Once the valve is open, however, only a minimal power re-
quirement is necessary to hold the valve open (figure 154). For this reason, an
electrical-current overdrive circuit (figure 155) has been added to augment the
response of the proposed solenoid valves. This circuit also produces a decrease
in the solenoid coil temperature rise and a decrease in valve closing time. One
of these overdrive circuits capable of driving two solenoid valves weighs only
0.09 pound. This overdrive unit is now being used on thrust chamber assemblies
for the Apollo program.
d. Propellant isolation valves. Direct-solenoid-actuated latching
valves (figure 156) are located upstream of, and in series with, the main pro-
pellant valve to isolate the propellants during coast periods. These valves
provide redundant sealing to increase the reliability of the propulsion system.
Direct solenoid rather than pilot actuation is used in this application to eliminate
the potential leak path at the pilot valve. This precaution was not necessary in
the main propellant valve, because the entire valve, including the pilot, is
only required to seal during the relatively short on periods. The size of the
solenoid is kept to a minimum because valve response is not critical.
To minimize power consumption, a latching device is incorporated in the
assembly. This addition allows the poppet to remain in either the open or closed
position upon removal of the electrical power. The proposed method utilizes
an opening and closing coil with a permanently magnetic pole face at each end
of the solenoid assembly. The valve is held closed by the forces producedby
the bellows installed load, the magnetic force exerted by the permanent magnetic
pole face (guide} on the plunger, and the unbalanced force resulting from the
inlet pressure. Upon actuation of the opening solenoid, the valve will open and
remain so after de-energizing the coil because of the magnetic force of the
permanently magnetized pole face (anviD on the plunger: This force is kept
to a minimum by proper design of the bellows to reduce the forces acting on
the poppet. The valve is returned to the closed position by energizing the closing
solenoid.
The assembly uses a balanced poppet design because the unbalanced configura-
tions require forces that prohibit the use of solenoids. The materials are pri-
marily 300- and 400-series stainless steels, with bellows of AM350. These
materials were selected, in lieu of the lighter aluminums, because a bellows
made of AM350 is more within the state of the art. These materials are also
capable of taking higher stresses.
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The isolation valves provide the primary seals for the propellants, and
therefore require maximum reliability. Although lightweight designs could
be used, the heavier, all steel, directly actuated solenoid configuration is
justified, and was therefore selected.
e. Propellant filters. The propellant filters, located upstream of
the thrust chamber propellant valves, will be made of woven, stainless-steel
wire mesh of nominal lO-micron size. The wire mesh is formed in a wave
shape to increase both rigidity and the exposed surface area. The filter ele-
ment will be encased in a stainless-steel ring that acts as a structural support
and also protects the element during handling.
The filter housing is designed so as to guide all the flow from the outside
to the inside of the filter, thus preventing entrapment of contaminants. The
housing material is 300-series CRES for environmental and structural compati-
bility. The inlet and outlet ports will be suitable for welded connection, and
the pressure drop across the filter element will be less than 2 psi. This type
filter is currently being used on the SE-5 and Gemini engine systems.
f. Fill valves. The fill valves selected for the pressurant and pro-
pellant tanks provide the system with off-loading capability. Any time prior to
immediate launch the valves may be opened to permit the addition or removal
of pressurant or propellants. When the launch is imminent, fill lines would be
welded closed to provide positive zero leakage.
The valves are similar to those presently being used for high-pressure
application on the SE-5 engine system. They are rated for an operating pressure
of 4500 psi, and are constructed of 300-series CRIES to withstand corrosive
propellants.
g. Check valves. Two pneumatic check valves (figure 157) will be
required to prevent reverse flow of pressurant gas and the possible mixing of
propellant vapors should the expulsion bladders experience leakage. The valves
are a spring-loaded, Teflon-poppet type.
The valve body is made of a 300-series CRES to withstand the effects of
corrosive propellants. Cracking pressure of the valve will be less than 2 psi,
and the pressure drop across the valve will be less than 2 psi, the pressure
drop across the valve will be less than 5 psi.
h. Burst diaphragm assembly. A metal burst diaphragm is incorporated
upstream of the relief valve. The diaphragm will provide a simple and reliable
method of positively preventing leakage prior to any emergency condition that
would necessitate relieving excessive pressure. The burst disk will utilize the
no shrapnel, self-retaining configuration, where only 90 percent of the rupture
diameter is coined, thereby leaving the uncoined section to act as a hinge and
retainer for the ruptured portion. A 10-micron filter is included to protect the
valve from contaminants.
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i. Pressure relief valve. A pressure relief valve is incorporated in
the event overpressurization should occur. The valve is a pilot-operated,
spring-loaded, poppet type, and is made of 300-series CRES, with an incorporated
hard-soft seat combination. The cracking pressure is adjustable over a 60-psi
range, with the reseat pressure designed for 6 to I0 psi below cracking pres-
sure.
j. Explosively actuated valves. Both normally open and normally
closed explosively actuated valves are incorporated in the pressurization system
to initiate and terminate helium flow. The valves are rated for 4500 psig with
a proof pressure of 7800 psig and a burst pressure of i0,400 psig. Each valve
will be actuated by a pyrotechnic charge which will ignite at a current of 4
amperes, providing complete operation in 2 milliseconds. The charge will
contain two independent initiating squibs for high reliability; either of the squibs
is capable of actuating the charge. The squibs will not fire when 1 ampere is
passed through both squibs for 5 minutes.
The valve body is of 300-series CRES, with the pyrotechnic charge housed
in an aluminum alloy casting. The cutting ram is heat-treated 17-7PH steel.
k. Pressure transducers. Three pressure transducers are located
in the pressurization system. The pressurant systems above the regulators
will employ Type-2 transducers (0 to 5000 psia) and below the regulators Type
1 (0 to 300 psia).
i. Pressure regulators. Two pressure regulators are incorporated
in the pressurization systems. Both are single-stage, dome-loaded, spring-
referenced pilot units similar in design concept to the fully qualified SE-5 regula-
tor. They are designed for a steady-state regulation bandspread of :h5 psia
from nominal setting of 130 psia for the small system, and 275 psia for the
larger system. Because these components are slaved to the downstream pres-
sure, the larger regulator will remain fully open during the blowdov_n portion
of the mission. The dome-loading feature is incorporated for higher accuracy
and improved response characteristics. The regulators use Teflon seals and
an integral filter element.
The body will be made of a 300-series CRES, and the pressure-sensing
diaphragm will be of 17-7 PH CRES. The seat will be made of a precision-
finish CRES material to minimize wear and internal leakage. External leakage
will be zero because of the all-welded external construction. The basic design
is illustrated in figure 158, dimensioned for the larger assembly°
m. Pressurant isolation valve. A direct-acting, solenoid-operated
latching valve (figure 159) is located between the small pressurant tank and the
regulator. This valve is used to seal the pressurant system during extended
periods of non-use. The poppet is capable of remaining in either the open or
closed position upon removal of the electrical power. This is because of a
latching scheme similar to that described for the propellant isolation valve.
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The valve materials are primarily stainless steel with a soft Teflon seat
backed by a secondary metal-to-metal spherical seat. In addition to the dual
seat, the poppet includes a floating ball to reduce impact on the sealing members
while operating at high pressures.
4. Propellant expulsion. The selected method for expelling fuel and oxi-
dizer to the thrust chamber employs reversible hemispherical metallic diaphragms
constructed of 347 stainless steel (figure 160}. The following paragraphs dis-
cuss the evaluation made to determine the optimum choice, and describe the
selected design. Titanium pressurant tanks are used to store the pressurant.
a. Evaluation of expulsion techniques. The system requirements
indicate that properly oriented propellant throughout the entire mission is ad-
vantageous; therefore, a positive-expulsion system must be provided. A
summary of the candidate concepts and their relative merits in relation to per-
formance weight, reliability, complexity, ease of manufacture, and development
risk is presented in table 61.
This evaluation revealed several advantages inherent in the reversible
hemispherical diaphragm design. These are:
I. Sloshing is minimized and, therefore, reduces the severity of center-
of-gravity control.
2. Expulsion system weight is less than with any other method.
3. The hemispherical diaphragm as proposed is an item amenable to rapid
development because of its simplicity.
4. A simple hydroforming operation enables the metallic diaphragms to be
easily manufactured.
As a method of positive expulsion, the skin-tension device is a strong candi-
date but was not selected because of limited testing and experience with its
operation in a zero-gravity environment. However, as a backup, it will receive
further investigation.
b. Discussion of method selected. The fuel and oxidizer metallic
diaphragms are identical in size and shape to match the equal-volume tanks.
They are sized to provide 99 percent expulsion efficiency. This method of
expulsion has undergone extensive testing, and expulsion efficiencies in excess
of the assumed value have been achieved.
The diaphragm, which is capable of 6 complete cycles, is fabricated of two
sheets of Teflon-coated, 347 corrosion-resistant, annealed stainless steel
having an elongation (in 2 inches} of 55 to 60 percent. Spiraled Teflon-coated
music wire sandwiched between the Teflon-coated foils acts as a control device
to prevent the formation of sharp folds (peaks} during reversion.
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Rigid quality control methods will be applied during the fabrication and
assembly of the metallic diaphragms. This is essential to ensure that the
tolerance of the differential pressure required to reverse the diaphragms is the
same for both fuel tanks and for both oxidizer tanks. The center-of-gravity
shift due to unequal expulsion of respective propellants will consequently be
minimal.
The two hemispherical tank shells of 6AI-4V-Ti are aged to achieve opti-
mum strength prior to brazing the diaphragm to the tank half. The hemispheres
are then electron-beam-welded for the final closure. A comparison of candidate
tank materials is presented in table 62.
The loading procedure constitutes drawing a vacuum on the propellant outlet
line. The cavity on the pressurant inlet side of the diaphragm is control vented
to prevent propellant flashing. The diaphragm reverses during loading until
filling is complete, at which time the fill valves on the lines upstream and down-
stream of the propellant tanks are closed. The valves are not welded closed
until launch is imminent to permit the addition or removal of propellants,
c. Pressurant tanks. The two pressurant tanks (figure 161) are de-
signed to store helium at a maximum pressure of 3650 psia. They are machined
from two hemispherical, solution heat-treated, 6A1-4V titanium forgings. The
two hemispherical halves are joined at the equator by tungsten electrode arc
welding within an inert-gas-filled chamber. They are designed with an ultimate
tensile stress of 155,000 psi and a safety factor of 1.8. Wall thickness at the
weld joint is increased to compensate for loss of structural strength resulting
from a weld efficiency of 83 percent.
1) Titanium was chosen as the tank material because of its high
strength-to-weight ratio (957,000 inches). Several tanks of this type have been
successfully incorporated in each Atlas missile without a single failure. This
design is also being used on the currently contracted SE-6 and SE-7 engines for
the man-rated Gemini program.
Beryllium was one of the candidate materials considered for the pressuraat
tanks. It was rejected at this time, however, because it is desirable that all
components used in the orbiter propulsion system reflect current technology.
The strength-to-weight ratio of beryllium is significantly higher than that
of titanium, resulting in a considerable weight saving. On the large pressurant
tank, a saving of 24 pounds or 31 percent would be realized. Studies indicate that
beryllium has good weldability both to itself and other metals.
d. Lines and plumbing. With the exception of the titanium propellant
and pressurant tanks and the aluminum injector on the main thrust chamber,
all the components are made of CRES.
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Titanium can be successfully brazed to CRES tubing_ and the CRES com-
ponents are welded or brazed to CRES tubing° thereby eliminating mechanical
joints from both the pressurant and propellant subsystems with one exception.
A metal O-ring is utilized to provide sealing between the aluminum injector
and the CRES bipropellant valve. External leakage is virtually zero_ howeverp
because leakage can only occur during the short time periods that the main
thrust chamber is in operation.
-429-.
8. MATERIALS
8.1 Meteoroid Bumpers
1. Protection techniques. Certain components of the orbiter-bus will have
to be protected from the impact of meteoroids. It has been shown by several in-
vestigators that a bumper consisting of one or more shields provides greater pro-
tection than a single shield of the same thickness (refs. 23 and 24). Estimates
of the shield thickness vary with estimates of the meteoroid flux and velocity and
with the material used. Generally, the outer skin should be sufficiently thick to
shatter the impacting meteoroid, but not so thick as to incur a sizable weight
penalty. Studies have shown that a foam material between the shield and the ve-
hicle wall increases protection while not adding significantly to the weight (ref.
Z5).
In light of the above considerations, a program was conducted at Avco RAD
to obtain some preliminary information of micrometeoroid bumpers.
Z. Experimental results. A series of tests were conducted on bumper
specimens using a light gas gun to propel 150-rag glass spheres at velocites of
about Z0,000 ft/sec. This velocity is, of course, considerably lower than the
average meteoroid velocity in space. Also, the glass spheres are considerably
more dense than density estimates of the actual micrometeoroids (ref. 26).
However, these test conditions should be sufficient for a screening program, and
similar programs have been used by other investigators. The test samples con-
sisted of a given bumper bonded to a foam spacer which was, in turn, bonded to
a 1/4-inch aluminum backup plate. The bumpers were fabricated of Avcoat II
(an epoxy coating), and the foam was a rigid polyurethane. Test specimens were
evaluated visually on the basis of backup plate surface damage, spallation, and
penetration.
Considerable scatter indata and insufficient tests prohibit definitive conclu-
sions, but nevertheless general trends are indicated. For the same thickness
of material, aluminum provides more protection than Avcoat II, but is consider-
ably heavier. Indications are that 0.1 inch of Avcoat II may be sufficient under
the existing test conditions. Increasing the spacer (foam) thickness, with equal
foam density, increases protection, but again, with an increased weight penalty.
Increasing foam density (up to an undetermined maximum) also increases protec-
tion. It appears that increasing the spacer thickness is more effective than in-
creasing foam density. Generally, a thick, low-density shield may be more ef-
fective than a thinner, higher density shield of the same weight.
t.
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3. Continuin_ development. A secondary consideration of the shield is its
resistance to the space environment, specifically ultraviolet light irradiation,
high vacumm, and temperature extremes. The metal bumper would be least
affected by space exposure and would serve to protect apolymeric foam spacer
from solar radiation. On the other hand, polymeric bumpers, such as silicones
and epoxies, can be made reasonably resistant to space exposure, may be more
easily applied, and may result in a weight saving. The foam spacer does not
necessarily have to he polymeric. Low-density ceramic and metal foams are also
available, but must be tested for shield effectiveness. Inorganic foams may be
required if thermal conduction is required through the micrometeoroid shield,
and would possess maximum resistance to the space environment.
8.2 Lubrication
1. Lubricants. Lubrication will be required in the space environment for
the several moving parts, such as antenna gimbals and drive motors. Bearing
surfaces must be capable of start and stop operation with high reliability while
exposed to the space environment. Although the thermal control system may
eliminate temperature extremes within the vehicle, certain bearing surfaces will
probably be exposed to extremes of vacuum, temperature, and solar radiation.
Considerable information has been compiled on the lubrication of moving
parts in a space environment (refs. 27 and ZS). In general, there are two major
classes of lubricants: fluids, and solids.
a. Fluids. The most common lubricants are fluids and greases. These
lubricants provide excellent lubrication over moderate ranges of temperature and
vacuum. Highly refined paraffinic mineral oils and greases retain good lubrica-
tion properties from -50 ° to 350 °F, "although the viscosity at low temperatures
is generally rather high. They possess good stability to radiation and are inert
in vacuum and inertin atmospheres. However, they will volatilize somewhat at
low pressures. Aliphatic and aromatic diesters are general-purpose lubricants
with good temperature, vacuum, and radiation stability. Polynuclear aromatic
compounds, such as the polyphenyls, possess excellent radiation and high-
temperature resistance, but are generally too viscous for low-temperature opera-
tion. Silicone oils and greases provide good lubrication under extremes of temp-
erature and vacuum, but are usu_lly less radiation-resistant than the other ma-
terials.
Tests reported in reference 23 indicate that several fluids provided good
lubrication after continuous operation at 8000 rpm and temperatures near 200°F
while under a vacuum of 2 x 10 "5 tort. Among the most successful materials
were the silicones.
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b. Solids. The use of solid films represents a promising method for
lubrication in a space environment. Generally, solids are less volatile, more
resistant to extremes in temperature, and are more radiation-resistant. As
with the fluids, a large variety of film and solid-bearing materials are available
with low frictional coefficients.
Teflon and nylon gears and bearings are well know. Teflon has a lower co-
efficient of friction than any other solid. It is essentially nonvolatile and use-
ful from very low temperatures up to near 500°F. However, Teflon is subject
to "cold flow," and may not be useful over long-term operation. Nylon does not
creep as readily as Teflon, but does not possess Teflon's low frictional coeffi-
cient. Both materials possess only moderate resistance to radiation. These ma-
terials can be impregnated with molybdenum disulfide to increase wear resis-
tance and, for nylon, decrease the coefficient of friction.
Molybdenum disulfide (MoS2) films, both free and bonded, have been evalua-
ted under simulated space conditions. Bonded MoS 2 films have much greater
wear life than unbonded films. The bonding agents are usually phenolics and
epoxies. A series of tests were conducted on bearings lubricated with MoS_ under
test conditions similar to those used for the fluid materials previously mentioned.
The results indicated that the bonded-MoS 2 films did not possess as good life-time
cycles as the better fluid lubricants. However, MoS z films are less affected by
extremes in temperatures and radiation than the fluids, and would be advantageous
under severe space environments.
Another possible method of using MoS Z is by impregnating sintered bronze.
MoSz-impregnated bronze is commercially available, and should possess
moderate lubrication over wide ranges of a space environment.
Z. Applications. Presently available performance of lubricants operating
in a simulated space environment indicates that the use of (a) silicone oils and
greases for lubrication of high speed bearings, (b) silicones and refined paraffinic
mineral greases for lubrication of low-speed bearings, (c) solid bearings of
Teflon or nylon for lubrication under conditions of a very high vacuum, and (d)
bonded molybdenum disulfides for lubrication under an extreme environment
combining vacuum, temperature, and radiation, should be recommended.
8.3 Thermal Control Coatings
1. Characteristics of coatings. The major consideration in the selection
of surface coatings is the effect of the space environment in altering their optical
properties, i.e., the ability to absorb, reflect, or emit energy. These proper-
ties must remain constant during the operation of the spacecraft for proper temp-
erature control. If the change in properties for a material is precisely known as
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a function of space exposure, it would bepossible to include this change in the
design of the thermal control system. However, this procedure is underslrable
becauseof uncertainties in the effect of spaceexposure on coating materials of
interest. Therefore, materials must be usedthat _rrestable to the space envi-
ronment within the limits of allowable temperatures.
The iridited aluminum surfaces should not vary as a function of space expo-
sure, including ultraviolet (UV) light, high vacuum, and moderate temperature
cycles. In general, metal surfaces are unaffected by space exposure, except
possibly micrometeoroid impact. On the other hand, it is well known that organic
based paints will undergo changes in optical properties during exposure to
space environment, especially (UV) light irradiation• The basic theory for the
control of spacecraft temperature through the use of coatings with specific opti-
cal properties is well known and discussed in the references Zg, 30 and 31.
Table 63 lists the optical properties for several representative coatings,
including some metals and ceramics for comparison (ref. 31). In this table,
a represents, the extraterrestrial solar absorptivity, and c represents, the total
hemispherical emissivity at 500°1 _. These values usally change somewhat with
temperature. It can be seen that the organic paint vehicle (silicone, acrylic, or
epoxy) does not appreciably affect the a and _ values, so that the critical compo-
nent must be the pigments. A wide range of a, _ , and a/_ values are available
to the designer, so that the major problem existing is the stability of these coat-
ings to the space environment.
g. Orsanic Coatings. The effect of solar irradiation on materials has been
investigated extensively, and found to be primarily concerned with the UV portion
of the solar spectrum (refs. 30 and 32). At I astronomical unit {AU) the intensi-
ty of the solar electromagnetic energy is about 0.14 watt/cm z. Of this, about
40 percent is in the visible region (4000 to 7000A), 50 percent in the infrared (IR)
region, and 10 percent in the UV and lower region (less than 4000A). About 9
percent of the energy is at 3000 to 4000A. At 3000A wavelength, the photon
energy is near 4 ev. This is sufficient to cause some degradation of most covalent
bonds, such as are found in organic materials. At higher wavelengths (IR region),
the energy is insufficient to cause appreciable damage even to organic materials.
The energy is converted to vibrational and translational energies which may heat
up the material but will not cause covalent bond cleavage. At wavelengths less
than 3000A, the photon energy is higher than 4 ev, and can cause more bond
cieavag= At short .......1=_,_= _ 100 to 1000A, the energy will penetrate from
i0 -4 to 10 -7 cm, while at longer wavelengths (up to 3000A), the energy can pene-
trate considerably deeper (I0 cm). It is seen, therefore, that although energy
at lower wavelengths comprises only a small portion of the solar spectrum, their
highly energetic nature can cause serious damage to the outer surfaces or organic
material, l_or thermal control coatings, the optical properties (= and _ ) are
governed by the outer surfaces.
-433-
TABLE 63
OPTICAL PROPERTIES OF REPRESENTATIVE COATINGS
Material
Paints
Silicone - white
Silicone - black
Acrylic - white
Acrylic - black
Epoxy - white
Vinyl - black
Metals
Aluminum, as received
Aluminum, sandblasted (120 grit)
Gold, vacuum-deposited on aluminum
Nickel, electrole ss
Dow 17 on magnesium
Ceramics
5 mils silica on magnesium
Cermet - ceramic containing sintered
metal
0.30
0.89
O. 26
0.94
O. 26
0.93
O. 27
0.60
O. 24
0.45
O. 53-0. 72
0.21
0.65
0.81
0.81
0.75
0.83
O. 86
O. 84
0.02
0.41
O. 04
0.17
O. 50-0.82
0.83
0.58
O. 37
I.I
0.35
i.I
0.3
I.i
13.5
1.5
6.0
2.6
0.95
O. Z5
i.I
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At the orbit of Venus, the intensity of solar radiation is I. 9 times that of
an orbit of Earth, while at the Mars orbit, the intensity is about 0.4 times
(ref. 32). Exposure times may be up to i year. Ideally, therefore, experi-
ments should be conducted so that materials are exposed to roughly 0.3 watt/cmZ
incident energy flux of solar radiation for times up to 1 year. However, since
most of the damaging energy lies in the UVportion of the solar spectrum, and
the major effects on optical properties are produced within the first I0 to 20
hours of exposure (ref. 31, p. 35), tests under less severe conditions can give
valid data on material performance.
The data presented in table 64 (ref. 30, p. 183) illustrates the magnitude
of change in the optical properties of various organic paints after simulated
space exposure. Experimentally, a GE AH-6 high-pressure, mercury-argon
lamp was used to irradiate specimens under 10 -5 torr vacuum. It has been
shown (ref. 33) that high-intensity, short-time exposure can simulate lower
intensity-longer time exposures; that is, the degradation is determined by the
integrated energy dose and not intensity alone. The data indicate that, for
white paint, the emissivity does not change significantly with exposure the
absorptivity usually increases. The black paint data are more obscure. In
general, the silicones are among the most stable paint vehicles. Highly pig-
mented acrylic paints also exhibit considerable stability. Urethanes and epoxies
are usually less stable. The ratio of a typical epoxy white paint was raised
from 0.27 to 0.39 after a simulated 3-month 300-mile moon circular orbit (ref. Z3).
The effect of adding UV light absorbers to the paints has been studied by
Schmitt and Hirt (refs. 33 and 34). Substituted benzophenones and ferrocene
were found to be useful UV absorbers and increased the stability of many pig-
mented coatings to UV exposure. However, some additives tended to evaporate
from the surface at elevated temperatures and high vacuum (above 40°C and
10 -5 torr). Since most of the Mars and Venus vehicles will be shaded, and
thus relatively cold, evaporation will not be a large problem.
It has been shown (ref. 34) that pigment stability is also important. For
example, zinc sulfide and zinc oxide are more stable to UV exposure than
titanium dioxide, which is usually used as a white pigment.
, The effect of solar-particle radiation is less understood than electromagne-
tic radiation because the intensity and distribution of corpuscular radiation in
space is not well known. Considerable data have been collected on the stability
......... -'-I_ t_ n,,,.1==_, radiation {ref, 35) which is mostly neutron and gamma
rays. However, protons and electrons comprise the major part of solar-particle
radiation in space. A good correlation between nuclear radiation and particle
radiation in space has not been found. Solar flares increase the intensity of
corpuscular radiation. Among the most stable coating materials to radiation
effects are silicones, polystyrene, and epoxies. Among the least stable are
acrylics, nylon, and fluorinated materials such as Teflon. With the proper
choice of paint vehicle and filler, radiation damage in space will probably not
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TABLE 64
MAGNITUDE OF CHANGEIN OPTICAL PROPERTIES
Material
White Paint
Sicon 7 x 1153
Sicon 7 x 1153
SkysparA-423
SkysparA-423
Fuller 517-W-I silicone
Fuller 517-W-I silicone
Black Paint
Kemacryl M49BC12
Micobond
_:_1 = intensity in suns, t
Exposure_
I t E as
Optical Data
Initial Final
as/_
6 12 72 0.25 0.89 0.28 0.33 0.88
6 i00 600 0.26 0.90 0.29 0.37 0.82
6 12 72 0.28 0.9 0.31 0.31 0.90
6 46 276 0.26 0.93 0.28 0.37 0.92
6 25 150 0. 33 0.82 0.40 0. 35 0.84
6 46 276 0.33 0.85 O. 39! O. 29 O. 87
0.38
0.45
0.34
0.4
0.42
0.34
6 I00 600 0.94 0.88 1.07 0.92 0.84
6 105 630 0.94 0.91 1.04 0.98 0.87
.I
= time in hours, and E = exposure in sun-hours
I. I0
1.13
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be a serious problem. However, the effect of this radiation on optical pro-
perties must be further investigated.
The effect of vacuum on the thermal control coatings is not considered
dangerousto material performance. As hasbeenmentioned previously, the
spacecraft temperatures will be rather low, and polymer stability in a vacuum
is high at moderate and low temperatures. There is no reason to suspect the
vacuum alone will damage optical properties. In fact, it has been shown many
times that UV irradiation in vacuum is much less damaging than irradiation
in air because of the lack of oxygen.
3. Inorganic coatings. Studies have been conducted on the use of inorgani-
cally based paints for thermal control coatings. In general, inorganic mater-
ials possess better resistance to the space environment than most organic
materials. Inorganic paint vehicles of most promise are the silicates and
phosphates (ref. 31). Pigments include oxides, sulfides, silicates, and graph-
ites. Titanium dioxide has proved to possess poor UV stability, and has been
replaced with other oxides, such as zirconia. The optical properties of these
paints are similar to the white and black organic paints. The major problem
with these paints is the application and curing procedures.
4. Meteoroid impact. The effect of meteoroid impact on the optical pro-
perties of thermal control surfaces is not well understood at this time, Studies
at Avco RAD (ref. 36) have recently been conducted on the effect of simulated
meteoroid impact on the optical properties of selected metal surfaces.
Gold, stainless steel 304, aluminum, chromium-plated copper, and plati-
num were impacted by tungsten spheres at velocities up to 23,000 ft/sec using
a 0. 22 caliber light gas gun. Solar absorptance, thermal emittance, and
their ratio (a/_) were measured as a function of temperature for these metals
before and after impact. A Hanovia 1000-watt xenon-mercury arc lamp was
used to irradiate one side of the test specimen, while the opposite side radia-
ted to a liquid-nitrogen cooled wall. A pressure of i0 -7 tort was maintained
in the chamber. The impacted area was determined by a statistical counting
technique. For all surfaces, except stainless steel 304, the a/_ ratio was de-
creased after impact, as seen for platinum in figure i62. The individual
values of a and _ increased, hut _ increased more than a • The a/_ value of
stainless steel 304 did not change after impact, as can be seen in figure 163.
Reasons for the changes in optical properties are probably associated with the
change in surface area and the crcation of radiation traps in the rough surface.
-437-
OO
_D
O
O
O
o
W
n-
J-
a-
W
o_
W
O
O
o ®
Ii
z
O
O4
,O
&
o--
IA.
.0 N
-438-
• o
rr)
-439-
O
n
0
0
U
0
W
tic
b-
fl¢
W
W
b-
O
h-
0
0
t_
v')
i,u
Z
¢¢)
LL
I I I
9. THERMAL CONTROL
9. i Approach to Thermal Control
Selection of a thermal control system for the Voyager mission will depend
on the multiple influences of management of the external sources of energy,
localized internal energy sources, orientation of the spacecraft relative to the
sun, configurational aspect, and alterations in configuration caused by separa-
tion of elements of the spacecraft. The approach to thermal control has been
to first determine the allowable extremes in temperature variation of the equip-
ment that will be used and, second, to adopt the thermal control system that is
capable of maintaining these excursions within their allowable limits.
1. Types of thermal control systems available. Maintenance of thermal
control can be broken into two categories: (a) external control or control of the
fraction of incident energy that can be transmitted to the interior, and (b) in-
ternal controI or rearrangement of heat transmission paths and rejection of
energy.
To achieve external and internal control, there are two approaches: (a)
to utilize an active or dynamic system, and {b) to utilize a passive or static
system. There are then available two types of external control systems and
two types of internal control systems. These are:
a. Passive, external control -- fixed, external configuration
b. Active, external control -- variable area or variable coatings
c. Passive, internal control -- fixed radiation and conduction paths
d. Active, internal control -- pumps to circulate fluid.
The simplest system combines passive, external control with passive, in-
ternal control. The most complex system combines active, external control
with active, internal control. The choice of system for the Voyager applica-
tion depends upon the allowable temperature excursion of the equipment on
board the spacecraft. The spacecraft is subject to two types of energy inputs
which can be termed as secular and periodic. The secular energy input is the
alteration in incident energy caused by changes in the distance of the space-
craft from the sun. During the transit to the planet, the spacecraft experiences
this secular energy input. Once the spacecraft is in orbit about the planet and
the orbital phase is not perpendicular to the sun line, then the spacecraft will
move in and out of the shadow and the temperature excursion will fiuctuate
about a mean value. This periodic excursion can be kept to a very low value
providing that the spacecraft has a low thermal response.
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The passive thermal control system, which includes both passive, external,
and internal control, allows the widest excursion in temperature. The active,
external thermal control represents the next degree of complexity. In this
case, the temperature excursion can be held within closer tolerances. It is
felt that systems that incorporate active, internal control systems are applic-
able to either manned missions or to missions to the extremities of the solar
system, either very close to the sun or very far away from the sun.
Z. Selection of system. The major engineering influence governing the
choice of an active or passive thermal control system is the knowledge of the
environment. A passive system, by its nature, is fixed at launch and requires
a better understanding of the environment, whereas the active system can be
overdesigned so that it can cover contingencies in the absence of engineering
design information. The allowable temperature excursion of equipment for the
passive thermal control system must cover these contingencies. There are
several advantages to the completely passive, both external and internal
thermal control system. The first is the saving in the added complexity of
heating and cooling loads and devices required to do the work of cooling and
pumping for the active internal system, or mechanical devices for the active
external system. The second advantage is an outgrowth of the first, that is,
in the event of failure of the active system, the failure would very well be
catastrophic. The disadvantage of passive thermal control is that the tem-
perature excursion for the Voyager mission is large, and this results in the
reduction in reliability of selected equipment,
Two systems that are in contention for the Voyager are (a) a purely passive
system that is both externally passive and internally passive and (b) an active
external system combined with a passive, internal system. The complete ab-
sence of active, internal cooling in bothselections is not considered as realistic
at this point in the design because it is known that batteries, gyros, and some
of the scientificequipmentwill have to be actively controlled. However, this
control of selected equipment is not considered as governing the design of a
thermal control system. The tradeoffs between the designated system must
consider that the passive system combines the generally lower reliability of
equipment designed to operate over a wider range of temperature, but the
greater reliability of a static control system versus the expected greater
reliability of equipment which operates over a narrower temperature range,
but includes the lower reliability of a dynamic control system.
B, Relative reliability of selected control systems. A brief reliability
study was conducted to further screen the approaches available so that design
criteria and ground rules could be arrived at for the ultimate selection. Be-
fore the study could be conducted, equipment temperature boundaries had to
be chosen. It was found that a temperature ranging from -I0 to 130°F was
consistent with the required performance of the bulk of components and sub-
systems that were resulting from studies in other technical areas. The actual
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excursion was limited to 0 to lZO°F to provide margin for this conceptual de-
sign. Reliability performance (ref. 35a) indicated that for this temperature
range, the reliability was more sensitive to temperature at the higher end of
the allowable range. A comparison was made with an external passive thermal
control system operating at 1Z0°F with an external, active thermal control
system using louvers operating at 90°F. The comparative reliability of opera-
tion for a Z00-day transit (consistent with trips to Venus, where high tempera-
tures would be the design problem), and a 180-day mapping mission was cal-
culated. It was found that a completely passive thermal control system,
operating at IZ0°F, would have an expected reliability of 0.397, whereas
for an external, active thermal control system incorporating louvers which
lowered the temperature to 90°F, the reliability would be 0. 335. In fact, the
reliability of the active, external control system would not be equal to that of
the active, external until the temperature rise could be held to only 40 ° to
50"F, an unrealistic temperature level for trips to Venus for an active, ex-
ternal system.
It was found that for a purely passive thermal control system, in which
the temperature excursion was held to 0 to 120°F and which incorporated ac-
tive, internal control for selected equipment was consistent with the objec-
tives of the Voyager mission to both Mars and Venus.
9. Z Characteristics of Voyager Spacecraft and Mission
1. Nominal design. The selection of a passive thermal control system
has the following influences on the reference configuration of the Voyager
spacecraft. Figure 164 shows the reference configuration, the Mars orbiter -
bus with single lander. It is to be noted that the lander is located opposite the
solar cells. This is important since the lander contains a radioactive, thermo-
electric generator which is a source of thermal energy. The spacecraft is sun-
oriented to satisfy the requirements of selection of a solar cell power supply.
Provision of heat paths to the lander is not vital since the lander has its own
power source. The lander temperature is controlled by the radiative coating
of its surface. The orbiter-bus receives its source Of energy for thermal
control from the sun. This energy is absorbed at surface i, the small solar
cell panel, and surface 3, the large solar cell panel. The heat absorbed by
these ceils is reemitted and conducted to the internal structure and is the
energy supply for thermal control. In the case of the Venus spacecraft,
surface i is a painted surface and does not contain solar cells, whereas sur-
face 3 is both covered with cells and painted The reason for this is that, be-
cause of the high solar flux in the vicinity of Venus, the area of solar cells
required for a given amount of power can be reduced. The other important
design influence is the characteristic of the thrust-chamber coolinE technique.
From the injector to the intersecting plane of the small solar cell panel, the
-44Z-
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Figure 164 REFERENCE DESIGN -- MARS ORBITER-BUS WITH SINGLE LANDER
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heat transfer from the thrust chamber to the spacecraft is minimized by use of
insulation and by use of an ablating nozzle. Above the plane of the solar cells,
the reference design shows a radiative nozzle. The spacecraft has been de-
signed first to satisfy the transit portion of the mission, then the other mission
phases have been investigated for compatibility.
Z. Modes of operation. The modes of operation and their environment
that have been considered include launch pad operations, ascent phase, the
reference thermal design phase, that is, the transit cruise mode, maneuvers,
and orbiting phase.
3. Sources of energy. The main source of energy will be derived from the
sun. Figure 165 shows the change in flux for trips from Earth to Venus and
Mars for different launch dates. Two other sources of energy that have to be
considered are of relatively short duration. They include aerodynamic heating
during the ascent phase, and radiation and conduction from the exhaust plume
and thrust chamber during maneuvers. It has been found, however, that the
direct solar energy input during the cruise mode controls the thermal control
design.
9. 3 Thermal Control during Operational Modes
i. Pad phase Thermal control during launch pad operation will be in-
dependent of the spacecraft systems, and the power required to keep the tem-
perature within limits will be supplied by ground support equipment. The
thermal control in this mode can be achieved by a forced-air cooling system.
Z. Ascent phase. During this mode of operation, the main source of
energy will be from the aerodynamic heating of the shroud. Ascent heating
of the spacecraft can be minimized by the incorporation of a shroud of low
conductivity. The mechanism for heat transfer from within the shroud to the
spacecraft will be by radiation, which can be kept low by covering the inside
of the shroud with an aluminized Mylar tape or aluminum tape (_= 0.08). The
shroud can be designed sothat the inside surface temperature will not exceed
450°F. The significant aerodynamic heating should last for about 100 seconds.
Since the total spacecraft will weigh about 6000 pounds, the total rise during
the ascent phase will amount to a few degrees elevation in temperature above
that on the launch pad.
3. Transit phase -- cruise mode. The transit phase represents the ex-
tremes in environmental condition. At one extreme is the thermal flux in the
vicinity of the planet which is modulated by the planetary radiation and albedo.
The case for passive thermal control for the Voyager mission to two planets
can be demonstrated here. Figure 166 (right side) shows the equilibrium skin
temperature for the various regions in space extending from Venus to Mars.
It is important to note for the Earth-to-Mars journey that the temperature
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Ap a
excursion can be held within the prescribed limits of 0 to IZ0 °F if the
A T E
ratio is about 0.4 (where a is the solar absorptivity, • is infrared emissivity,
Ap is projected area which receives solar energy, and A T is total area of space-
craft which radiates energy). From this figure, it can be seen that the tem-
peratures will range from about II0*F near Earth to 50F near Mars. Like-
Ap a
wise, for trips to Venus, an-- --ratio of 0.2 will yield temperatures that range
A T E
from 25"F near Earth to 100°F near Venus, well within the allowabl_ design
. a P
excursxon. The left side of figure 166 shows the influence of--and--on the
Ap • A TAp
skin temperature near Mars. An --ratioAT of 0.25 is for a s_here and _TTOf 0.5
is for a flat plate;for the configuration shown in figure 164, "P for the refer-
A T
ence design is about 0.4. This technique of establishing equilibrium tempera-
ture is approximate and yields only average levels. It can also be seen that
for the same spacecraft configuration for mission to two planets, the surface
coating must be different. To ensure proper thermal design, extensive analy-
sis of individual elements comprising the space craft and which considered
all energy transfers had to be performed. From this, the surface character-
istics required as well as temperature gradients between sections were ob-
tained. To establish overall temperature profiles, the spacecraft design is
checked by a thermal analyzer program (ref. 35b) for a digital computer. This
program is essentially a solution to a multimode network (electric analogy)
with conduction and radiation transfer between individual components as well
as additional loads imposed by local electrical dissipation.
a. Skin temperature. The skin temperature of the structure of the
spacecraft designed for the Venus mission to which equipment boxes will be
attached is shown in figure 167. Note that only part of the main panel is
covered with cells. Figure 164 uses the designation 3 for this propellant
tank support structure. It can be seen that a wide variation in temperature
is available by altering the exterior surface coating of 3. The calculations
establishing the skin temperature are based on reradiation from i, the small
solar panel, to 3, and on reflectivity and reemission of energy from the main
solar panel, 4.
Figure 168 (left side) shows the variation in skin temperature of the struc-
tures to ;;,hich the equipment will be attached for trips to Mars. The right side
of figure !68 shows that the emissivity of the underside of the main radiation
panel, 4, has little influence on the temperature of surface 3.
A temperature-time history, shown in figure 169, illustrates the change
in surface temperature of the large solar panel and propellant tank support
structure during a trip from Earth to Mars (Type If, 1969 launch). Figure 170
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indicates the surface temperature of this small panel (no solar cells attached)
for the Venus orbiter-bus. The solar panel for the Venus spacecraft will rise
to ZZ0_F near the planet, which is well within the design range of solar cell
operation. The results of the analysis presented in figures 167, 168, 169, and
170 show that the propellant tank support structure can be kept within 0 to lZ0°F.
b. Duty cycle. During the transit there will be temperature fluctuations
due to dissipation of electrical energy caused by activation of the various equip-
ment. This unbalancing effect does not appear to be significant.
Table 65 shows the comparison of electrical load to the total energy received.
The total received energy represents the quantity of energy that must be redis-
tributed within the spacecraft, and the electrical load represents the perturbing
influenc e.
TABLE 65
COMPARISON OF ELECTRICAL LOAD TO TOTAL ENERGY RECEIVED
Planet
Mar s
Earth
Venus
Area
Receiving
Solar
Ene r gy
(ft 2)
Z00
200
200
Area
Radiating
Energy
Away
(ft z)
520
520
520
Solar
Constant
(w/ft 2)
Total
Energy
Received
(watt)
Total
Electrical
Load
(watt)
56
130
245
ii, 200
26,000
49,000
8O0
8OO
8OO
Percent
Electrical
Load to
Total Energy
Received
7.1
3.1
1.6
In the overall analysis, the important figure is the comparison of electrical
load and incident energy. The electrical load will alter the internal energy as
much as about 7 percent near Mars and less than 2 percent near Venus. This is
a small fraction of the total energy that must be redistributed and reradiated,
and therefore, should not have an important influence on the temperature of
equipment operation. Allowance can be made for the duty cycle temperature
perturbation by controlling both the radiating area of the equipment covers
and the conduction path between the equipment boxes and structural skin.
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Figure 171 shows the relationship between the conduction parameter and
skin temperature of equipment. An example is given for a 50-watt electrical
dissipation per square foot of total radiating surface area. The structural
skin temperature is assumed to be 60°F. Avalue of Af.k of 1 and 2 Btu/hr-°F
can easily be attained without stringent requirements of the surface finish of the
attachment points. For the case shown in figure 171, ifAf.k is zero, then the
skin temperature of the equipment will rise from its equilibrium value of 60=F
to a new equilibrium temperature of 155 °F. However, by using an attachment
with a conduction parameter of Z Btu/hr- °F, the new equilibrium skin tempera-
ture will rise only 40aF. Table 66 shows the maximum AT values for some of
the power-consuming equipment boxes. It is to be noted that the energy dissi-
pated per square foot of radiating area is less than 50 watt/ft 2. The AT values
given are for pure radiation to space, that is, there is no conduction of energy
to the structure. If the conduction effects are included, then, as shown in figure
171, the AT will be lower than indicated in table 66, and the skin temperature of
of the equipment can thus be kept within 10 to Z0°F of the temperature of the
structure. In general, equipment will therefore follow the temperature history
of the structure and, when operating, will experience a temperature rise which
can be kept to 10 or 20°F.
4. Transit phase -- maneuvers. The spacecraft has been designed so
that the main solar panels are oriented towards the sun. During the flight to the
planet, there will be several occasions when the spacecraft will be reoriented
for the purposes of midcourse, approach, and terminal velocity corrections,
and also for aiming the lander towards the target planet and slowing the orbiter-
bus down so that the lander arrives at the planet first. For the configuration
shown in figure 164, the projected area may be reduced from 200 to 45 ft. 2
The reduction in projected area to total radiating area will result in a general
lowering of the average temperature level of the spacecraft. However, local
heating and subsequent temperature rise of specific surfaces can also result.
This is the case when the axis through the main thrust chamber is perpendicular
to the sun vector. The maximum time in this orientation is estimated to be 3
hours. Estimates of the thermal response, at/L 2 (where a is the thermal
diffusivity, t is the length of the time in the new orientation, and L is the
characteristic dimension of the spacecraft) show that at/L2 is much less than
one which indicates that there is only a small change in temperature on the
average. The equipment is attached to the inner sections of the propellant tank
support structure, so that the large mass contained in these tanks would help
slow down the temperature change in the equipment.
a. Exhaust plume. During ve!ocity alteration maneuvers, the exhaust
plume represents a source of radiative energy that could be transported to the
small solar panel. Studies were conducted to determine the flux of radiation
and conduction from these gases to the solar panel surface. In the reference
design shown in figure 164, the exit plane of the nozzle is 20 inches above the
top of the small solar cell panel. With this configuration, the expanded gases
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TABLE 66
MAXIMUM TEMPERATURE RISE OF POWER CONSUMING EQUIPMENT BOXES
Equipment
SCIENTIFIC PAYLOAD
Eight Items Average
Radar
Horizon Sensor
Inertial Platform
Autopilot Electronic s
DCU
S-Band TM
VHF
Transponder
Converter
Watts
Consumed
4
Z0
15
6O
15
60
120
15
I0
30
Radiating
Area
(ft2)
Z.5
1.5
3.0
1.5
5
8
1.5
1
3.5
Average
AT Rise (oF)
(No Conduction)
I0
27
34
65
34
41
50
34
34
Z9
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do not come into contact with the surface till they have turned through an angle
of more than 90 degrees. Figure 172 shows the Mach line, pressure, and static
temperature profile in the flow field of the exhaust. The equations used to des-
cribe the gas flow are based on continuum pehnomena and are valid to Mach 5.
The results presented in figure 172 have been determined by a method of
characteristics for axially symmetric flow from ref. 35c and show that very low
static temperatures prevail at the edge of the boundary. The nozzle location
and expansion ratio are adequate to prevent the impingement of hot exhaust gas
on the surface of the solar cells, and to reduce radiationfrom the plume to the
cells to a negligible level.
b. Heat transfer from the thrust chamber. Part of the thrust chamber
is buried within the structure, and part of the exhaust nozzle is external to the
structure. This chamber radiates energy to the spacecraft, but its total influ-
ence on the configuration is not significant. Examination of radiation effects
from the protruding nozzle skirt upon the adjacent small solar panels indicates
that some heat protection of the soalr cells will be necessary. This is only
true for the Mars orbiter-bus;for Venus, solar cells are only located on the
large solar panel. Two approaches can be taken to reduce this radiation: (1)
one makes use of a 6-inch-high protective radiation shield between the nozzle
and the inner rim of the solar panel and (2) the other is to design a fully ablative
nozzle. The attendant weight penalties are not significant because, although the
surface area to be covered with ablative materials is large, the thickness required
is not significant because the gases are relatively cool. The heat transfer from
the exhaust chamber section below the solar panel to the surrounding structure
is minimized by the use of super insulation on the inside of the well containing
the thrust chamber assembly.
5. Orbiting phase. During the orbiting phase, the orbiter-bus receives energy
inputs directly from the sun, and also solar energy reflected from the planet
and direct radiation from the planet. For Venus, the albedo is large, 0.76, and,
combined with the geometric view factor, amounts to a very large heat input.
For Mars, the albedo is only 0.16 and is only a small perturbation. For a
spacecraft in orbit about both planets, the contribution from the direct radiation
from the planet is quite small. Figures 173 through 176 show the energy input
to the large solar panel (for Mars) and large panel (for Venus) and also the energy
input to the propellant-tank support structure for both planets. The thermal
input is for 1500-km circular orbit, and the maximum shadow time for a noon
orbit is Z4.5 percent for Mars and 30.8 percent for Venus.
The effect of this energy input is to increase the temperature of the Mars
orbiter-bus. This is a favorable alteration. For the Venus orbiter-bus,the ener-
gy input drives the temperature up higher, and this is not favorable. The curves
in figure 167 labeled "near separation" and "orbiting vehicle, " illustrate the
maximum temperature excursion that can occur. The curve of "orbiting
vehicle" shows the maximum temperature (actually, this will be of a cyclic nature
due to passage in and out of the shadow) for a circular orbit; and the curve
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labeled "near separation'tshows the temperature experienced in a highly eccentric
orbit. The temperature excursion in an elliptical orbit on Venus will lie between
these curves, and so remain within the allowed excursion of 0 to 120 °F.
6. Thermal control coatings used in spacecraft design. Table 67 shows the
the radiative properties of the thermal control coatings reauired to satisfy the
Mars and Venus orbiter-bus.
9.4 Limitations of Passive Thermal Control
This study has indicated that a passive thermal control system can be used
in the design of a Mars and Venus spacecraft. This type of control system is
compatible with the allowable temperature excursion of most equipment, that is,
equipment designed to operate between 0 and 120°F; it is realized that some
selected equipment may have to be provided with an active thermal control system.
The study included consideration of the various phases of flight, different
types of heat inputs associated with these phases, and the effects of equipment
duty cycle. It was found that the radiative characteristics of the surface coatings
will have to be different for spacecraft designed for Mars and for Venus.
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I0. STRUCTURES
i0.1 Structural Evolution
In the early stages of structural design in the Voyager study, it became
apparent that the orbiter-bus, lander, and associated hardware (adapters, etc.)
would necessitate module concepts. This design pholosophy was established
because of the basic system ground rules: (i) the orbiter-bus must be capable
of providing for single or multiple-lander configurations with a minimum of
design and development changes, (2) the orbiter-bus must be produced with the
minimum possible weight and yet perform missions with the highest functional
and structural reliability.
By means of a module concept, the orbiter-bus would be completely inde-
pendent of the lander, that is, as far as the load path distribution is concerned,
and hence would not be a function of lander weight, size, or geometry. Prelim-
inary structural analysis and weight calculations indicate that approximately
i00 pounds of structural weight saving could be obtained by module concept.
This is clearly emphasized in figure 177 for a range of lander weights versus
orbiter structural weight. The curve was generated using an orbiter concept
where the orbiter-bus was used as (I) a structural load path for the lander
inertia weight redistribution, and (Z) a structural load path for the orbiter-bus
propellant-tanks and associated equipment loads. A constant orbiter-bus weight
of 5000 pounds was used in the analysis. Figure 177 also shows the percent
change in orbiter-bus weight with respect to the reference design concept.
Hence, in the following orbiter-bus design evolution, only the module concept
was put sued.
Other design restrictions developed as the study progressed. These re-
strictions encompassed the following:
1. The propellant tank must be mounted in a cradle support structure
which should provide nearly uniform load distribution.
g. The mounting ring of the cradle should be perpendicular to the engine
thrust vector, since the metal expulsion diaphragm is also connected to the
mounting ring.
3. A circular interface was required at the boost vehicle.
4. Fixed solar panel arrays were preferred to the deployable type, pro-
viding that little weight differences would occur.
5. To maximize reliability of functional characteristics and structural
integrity and to minimize structural weights.
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The combined effect of the first two restrictions imposed upon the struc-
tural design of the propellant tank mounting ring the necessity of having a very
rigid support cradle structure. Design effort was performed to include the
cradle as part of the main orbiter-bus structural concept. However, to provide
a reasonable structural load path from the large circular interface required at
the boost vehicle to the relatively small circular diameter of the spherical
tanks, the effort proved fruitless. Further design studies showed that in most
cases a rigid, independent cradle was required to transmit the uniformly dis-
tributed loads from the tanks to the concentrated support points necessary on
the main orbiter-bus structure.
Again, due to the restriction of alarge circular diameter interface at the
boost vehicle, the combined functional and structural design effort indicated
that fixed solar panel arrays were possible and highly desirable. Functional
design effort showed that the panel array provided excellent mounting surface
for such equipment as, antennas, cameras, sensors, etc., which required
mounting locations removed from the main body of the orbiter. Structural de-
sign and analysis effort indicated that the support structure for the panels could
be employed to support this equipment without acquiring severe weight penalties.
The circular fixed solar panel array could also provide the major link to
the overall structural rigidity and continuity in the orbiter-bus.
Finally, the structural design and analysis was restricted to that structural
scheme which produced the highest reliability both in modes of failure and in
functional characteristics. Fabrication considerations, material selection, and
load path redundances were given primary emphasis in the design evolution.
Only those structural schemes were considered that could be produced with the
minimum development effort and yet maintain high overall structural reliability
with minimum structural weight. Shell or semimonocoque type of structure
were given preference over truss type structures because of (1) the inherent
capability in redistribution of highly concentrated loads; (2) the circular inter-
face restriction of the boost vehicle, and (3) the greater structural stiffness to
structural weight.
In addition to the above structural advantages some pertinent design advan-
tages evolve from the use of shell type structures, such as (1) a passive thermal
control system, (Z) an inherent meteoroid protection, and (3) mounting surfaces
for subsystems and components.
Other structural concepts were pursued in the course of the design study
that produced lighter structural weights but were dropped because they either
did not meet all of the design functional limitations or they did not meet the
overall system philosophy. However, further design studies and analysis may
prove these concepts to be superior. These concepts include:
466
i. Possibly splitting up the propellant tanks into a group of smaller ones,
thus distributing the large propellant mass more evenly to the main orbiter-bus
structure. The effect of this concept would be to lighten the support structure
(mounting ring and cradle) and the main structural members. This scheme was
not pursued because it was not consistent with propulsion system optimization.
Z. Possible use of nonspherical propellant tanks, such as toroidal, ellip-
soidal, and cylindrical shells. The philosophy here would be to fit the tank to
the main structural concept, not the opposite approach as pursued in the ref-
erence design. However, this concept was not given extensive effort because
of the lack in state-of-the-art development in nonspherical tanks.
i0.2 Structural Design and Environmental Criteria
Design and environmental criteria were established early in the Voyager
conceptual design study for conditions pertinent to the structural design and
analysis of the orbiter-bus. Required changes in these criteria due to the
study developments were incorporated as the design progressed. The environ-
mental criteria are functions of the vehicle configuration and the mission exper-
fenced by the vehicle. The criteria specifically reflect conditions which could
have a detrimental effect on the structural and functional adequacy of the orbi-
ter -bus.
For environments in which the orbiter-bus must operate, the following were
considered: ground handling, ascent flight, interplanetary travel, and planetary
orbit. These environments are illustrated in table 68.
For each of the critical environmental conditions presented in table 68, the
pertinent modes of failure subject to the structural analysis must be investi-
gated. Among these modes of failure are: (I) General instability of primary
structural components, (2) Local instability within any primary structural com-
ponent, (3) Ultimate stress, (4) Yielding failure, and (5) Deflection limitation.
Limit loads are the maximum applied loads that the structure may encounter
during its mission. Limit-load envelopes are established by superposition of
analytically determined critical loads for all flight and groundhandling conditions.
I
Ultimate loads are obtained by multiplying limit loads by an ultimate factor
of safety, iNb structur_ is designed to fail at less than ultimate load. No struc-
ture is designed to yield at less than limit load.
The design limit factor of safety is 1.0 and the design ultimate factor of
safety is 1. Z5.
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10.3 Description of Structure and Analysis
I. Single lander concept. The single lander spacecraft configuration
(figure 178) is composed of three major modules: (a) the lander, (b) a lander
adapter and (c) the orbiter-bus. Structural description and arrangement of
the lander are discussed in section 5, volume 5.
The lander adapter provides the mounting system and the structural load
path of the lander to a common junction of the orbiter-bus and spacecraft adap-
ter. This junction will be referred to as the orbiter-bus separation ring. The
lander is suspended from the lander adapter at three support points equally
spaced at the forward end of the adapter. Loads produced by the lander are re-
distributed in the adapter by longerons running from these support points. The
adapter is essentially a semirnonocoque, conical structure with rings and longi-
tudinal stiffener s.
To meet all of the requirements and restrictions set forth in the evolution
of design philosophy, the structural design of the reference orbiter-bus was de-
veloped. The orbiter-bus is composed of four major sections: (a) transition
cone, (b) propellant tank support structure, (c) central support structure, and
(d) solar panel support structure.
Preliminary structural analysis of the orbiter-bus was limited to basic
calculations that best suited the necessary rapid determination of structural
sizing. The primary purpose of structural sizing was to present a realistic
structural weight breakdown. These weights were then used to fully evaluate
the orbiter-bus concepts.
All structural elements were initially designed using aluminum 6061 and
2024 alloys throughout. However, due to large masses of rings and fittings pro-
vided in the design effort, it would be advantageous to employ a lower density
material that possesses similar fabrication characteristics and material proper-
ties to aluminum. Therefore magnesium alloys {such as AZ31B) were consi-
dered as well as aluminum in the structural analysis. The results collected in
the final weight breakdown (see section 10. 5) indicated that,,28 percent weight saving
would be obtained using magnesium alloys over aluminum. Some reservation as
to selecting magnesium must be made because of its high corrosive activity with
other metals, apparent degradation in space environment, and complexity of
fabrication. However, it is felt that these restrictions or disadvantages do not
overshadow the weight savings obtained from the use of this metal, since proper
design practice could overcome these disadvantages.
a. Transition cone. The transition cone forms the main structural
tie between the propellant tanks, engine, and associated equipment in the orbi-
ter to the spacecraft adapter (the spacecraft adapter is a short conical shell
extending from the 20-foot-diameter boost vehicle interface). This cone pro-
vides a structural load path by means of redistribution of concentrated loads
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from the propellant tank support structure to the ll-foot-diameter separation
ring at the spacecraft adapter interface. It also provides the continuity and
structural support for the annular solar panel array cantilevered from the
separation ring. The large separation ring forms the forward (referring to
spacecraft in launch position) end of the transition cone. A segmented ring at
the plane of intersection with the propellant tank support points forms the other
end ring. The propellant tank support structure is essentially mounted to the
transition cone at three points. These three points are approximately equally
spaced on the transition cone. At each point, a longeron runs forward to the
separation ring, thus forming the main redistribution load path. This makes
a total of twelve longerons (three for each propellant tank support) in the
transition cone. Stringers (hat-section type) spaced every 5 inches on a thin
tapered skin provide the stiffness required between longerons and thus com-
plete the structural continuity of the transition cone.
Using the critical design environment during ascent max g acceleration
(5 g's axial and i. 0 g lateral) and assuming a triangular distribution between
longeronsattheseparation ring, the cone was designed by shear web instability
criteria. In this analysis, the skin was assumedto transmit only shear stresses,
while the stringers and longerons were used to react axial loads and provide
shear web stability. The results of the analysis showed that with 5-inch stringer
spacing a tapered skin of 0.01Z to 0. 030 inch is required. Stringer and longeron
cross-section areas required are 0.08 and 0. 13 in.Z, respectively.
The separation ring geometrically forms a channel-type cross section and
is an integral part of the transition cone. In the reference design, the ring is
a 4-inch cylindrical channel where the flanges of the channel provide mounting
surfaces for the spacecraft adapter and lander adapter. At the location of this
ring, both the spacecraft separation from the boost vehicle and the lander adap-
ter separation from orbiter take place. Because of this localized separation
scheme and the possible weight savings of the orbiter in orbit, an alternate
separation ring design was developed (figure 178). The alternate design is a
6-inch conical channel shaped ring and, like the reference design, it forms the
structural ties between lander adapter and spacecraft adapter. The inherent
structural weight savings comes from the fact that now the load path from the
lander adapter to the spacecraft adapter is a continuous line of action and that
a portion (the lower flange) of this ring can be removed at spacecraft separation
by making the separation in the separation ring and not on the spacecraft adap-
ter. This design would result in a much lighter orbiter in orbit than the refer-
ence design (see section i0. 5, table 69).
The separation ring was analyzed considering the localized bending moments
due to the kick loads imposed on the ring by the eccentric lines of action of the
lander adapter and spacecraft adapter. The local design limitations for the
bolting flanges and the fabrication methods formed the major portion of the ring
cross-sectional area. Only the web section required sizing to transfer the local-
ized bending moment. The cross-sectional area of the reference ring design is
1.31 in. Z
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In the alternate design the eccentric lines of action which produced the
local bending moments in the reference design were essentially eliminated.
Cross sectional area of this ring is I. 16 in._. Another pertinent feature of the
alternate separation ring design is the fact that a large portion (the lower
flanges) is removed prior to orbit injection by the separation system, thus re-
ducing orbiter injection structural weight.
b. Propellant tank support structure. This portion of the orbiter-bus
structure is referred to as the support cradles for the propellant tanks. Just
as this name implies, the cradles provide the uniform load distribution for the
propellant tanks. Each cradle is a cylinder Z0 inches long and 38 inches in
diameter.
Since a propellant tank transfers a nearly uniform load to the cradle and
the cradle is essentially supported at four points, a semimonocoque construc-
tion was employed. Longerons located at the four support points form the main
members, and hat section stringers spaced every 5 inches on a thin skin be-
tween longerons form the redistribution scheme required. Rings, top (mount-
ing ring) and bottom, complete the structural configuration. The cradles also
provide the structural support for the additional small circular solar panel array.
The top ring or propellant tank mounting ring also provides the continuity
of structural rigidity between propellant tanks due to the kick load induced by
the c.g. offset of the propellant tank from the transition-cone support points.
This kick load is reacted by the ring and transmitted to a connecting propellant
tank ring within the central support structure.
The design criteria and method of analysis for the cradle were dictated by
the design restriction that a uniform load distribution must be provided at the
propellant tank mounting ring. gongerons were employed to react the concen-
trated load effect at the support points and stringers were used to stabilize the
skin for shear redistribution. Critical modes of failure are shear web insta-
bility and column compression of the longerons and stringers. Results of the
analysis indicated that tapered skins 0. 012 to 0. 020 inch thick and stringer spacing
every 5 inches would provide the minimum structure weight. Longeron and
stringer areas of 0.03 and 0. Z0 in. 2 are required to react the compressive
axial load distrubution.
The mounting ring, along with providing the bolting flange for the propel-
lant tank, must also provide the structural rigidity required to react the large
kick loads. The kick load is reacted as a radial force on the mounting ring in
three places. A deflection criteria of 0. I0 inch proved to be the critical desigr,
limitation. Using an"L" shaped geometry, a rigid ring analysis was conducted.
The analysis showed that a 0. 19 in. 2 cross section was required.
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c. Central support structure. This section of the orbiter-bus" struc-
ture is made up of a series of structural members all interrelated to form part
of a closed-loop load path system. Loads and forces encompassed within this
system are developed by the large masses of equipment, tanks, and propellant
that constitute the majority of the orbiter-bus design weight. The structural
members of this system usually provide a dual purpose of supplying the mount-
ing and supporting scheme for individual equipment and to provide the main
structural link in the closed-loop load path. These members are made up of
(1) an engine support cone, (Z) a connecting propellant tank ring, (3) a pres-
surant tank support cone, and (4) support struts.
The engine support cone provides the structural load path for the engine
thrust at midcourse correction and orbit injection. This load is then trans-
mitted through the pressurant tank support cone and support struts back to the
propellant tank support points. The cone is a full monocoque structure with
end rings for mounting the engine and forming the structural tie to the pressu-
rant tank support cone. The latter end ring is an integral part of the connecting
propellant tank ring.
The critical design condition for the engine support cone is defined by the
longitudinal vibration criteria of the engine during ascent and orbit injection.
This vibration criteria was transformed into an equivalent static g-load applied
to the engine design weight. General instability under axial compression was
considered the critical mode of failure in the analysis. The skin thickness of
the cone as determined in the general instability analysis is 0.0Z0 inch.
The connection ring forms the major lateral structural tie of all propellant
tanks. It is rigidly connected to the propellant tank mounting rings and hence
must be capable of reacting the kick load resulting at the propellant tank sup-
port points as described earlier. Thus, the design of the ring was the result
of the four diametrically opposite radial reaction loads developed in the pro-
pellant tank mounting rings.
Critical design condition for this ring prove to be an arbitrary criteria of
O. 10 inch radial deflection. A rigid-ring analysis was performed using a chan-
nel shap_ section formed in the plane of the ring. A cross sectional area of
0.30 in. proved to be necessary to meet the criteria.
The pressurant tank cone supports the pressurant tank as the name implies.
It also provides a load path for the engine thrust and makes, along with the sup-
port struts, part of the inter closed-loop load path system between propel-
lant-tank support points. The cone is primarily a monocoque structure, but it
has localized longerons running between the propellant-tank support point to the
support struts. The mounting ring for the pressurant tank and the connecting
propellant tank ring form the end assembly of the cone.
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Critical design condition for the cone thickness was max g ascent accelera-
tion applied to the design weight of 400 pounds for the pressurant tank and
associated equipment. Longerons running the full length of the cone provide
the structural load path for the concentrated forces resulting from the inter
closed-loop load path system. General instability of the cone under axial com-
pression proved to be the critical mode of failure. Required cone thickness
(assuming purely monocoque construction for the above criteria, ) of 0. 030
inch was calculated. The longerons were designed for column compression and
a cross-sectional area of 0.21 in. 2 resulted. End closure rings for the cone
were designed to practical flange bolting limits and fabrication considerations.
Finally the eight support struts make the last structural link necessary for
the inter closed-loop load path system. This structural member connects the
pressurant tank mounting ring and the longerons within the pressurant tank cone
to two of the propellant tank support points located on the transition cone. This
structural arrangement is illustrated in figure 178. The struts are fabricated
using thin-walled tubular construction with pined-joint fittings at the connecting
points.
Axial compression loads developed during the critical ascent acceleration
proved to be the design condition. The analysis consisted of determining the
critical cross-sectional area and geometry due to column loads. Results of
the analysis show that a tube 1.8 inch in diameter With a cross-sectional area
of 0. 075 in. 2 would be required.
d. Solar panel support structure. The concept of solar panel em-
ployed in the reference design provides for two, fixed, circular-disc arrays,
normal to, and concentric about, the thrust axis. A small disc (figure 179)
surrounds the thrust engine at the lower end of the orbiter-bus and is mounted
to the propellant tank support structure (cradles). The large disc (figure 180)
is an annulus arranged around and cantilevered from the separation ring. In
addition to its primary function as a solar cell array, the large disc provides
a mounting platform for a variety of other equipment.
Each solar panel array is divided into 12 equal segments to form a module
construction. Module construction for either the small or large discs would be
generally similar. The panel module is constructed of a substrate made up of
a single skin reinforced with chord-wise corrugations. Each substrate is
attached at the corrugation caps to two radially directed box beams extending
across the entire width of each module. In the case of the large disc arrays,
these box beams are cantilevered from the s=p=_=_,,_,.'^_"_,_g....and transition cone
to form an intergral part of the orbiter-bus. For the smaller disc, these beams
are mounted directly to the propellant-tank support structure. In the modules
of the large disc where fixed and deployable equipment are mounted, additional
rigidity is provided by the use of X-braces and an intercostal between the main
box beams to sustain the additional weights.
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The critical design environment for the solar panels proved to be the load-
ing condition which occurs if a module is excited at a critical natural frequency
during launch. Dynamic gain factors were applied to the design weight of
panels and/or applicable equipment to establish the design loads.
Considering the corrugation substrate in the large disc modules as a simple
beam suspended between two supports (the box beams), an analysis was per-
formed. The results of the analysis indicated that a corrugation 0.90 inch high
and a 0.44 inch cap would be required using 0. 0075 inch minimum thickness.
The panel module containing the TV camera and associated equipment de-
fined the critical design for the box beams. Considering the static weight of
the panels and equipment acted upon by the dynamic gain factor, the design load
was developed for the cantilever beams. The analyzed beam geometry proved
to be 0.4 inch high and i. 72 inch wide with 0. 063 inch cap and 0. 020 inch web
thicknesses. Box beams in other less critical modules are 0. 3 inch high and
1.45 inch wide with 0. 050 inch cap and 0. 020 inch web thicknesses.
The large disc solar panel total weight was calculated to be 190 pounds
(not includin_ solar cells and wiring). This will give an average unit weight
of 0.88 lb/ft a.
The substrate of the smaller disc solar panel module was analyzed in the
same manner as that in the large disc. Results of these analyses showed that
a corrugation 0.5 inch high and 0.30 inch cap width with 0. 005 inch thickness
will be required. The box beams are bridged across two support points (these
points being the propellant tank cradles) and are thus treated as a simple beam
under distributed loads. The analysis indicated that box beams 1.3 inch high
and 0.4 inch wide and 0. 016 inch thick would be required.
Total weight of the smaller disc solar panel array is 2Z pounds (less solar
cells and wiring), which gives an average unit weight of 0. 35 Ib/ft 2.
In most of the above structural analysis, the critical design condition was
imposed by loads and force developed during boost vehicle ascent flight where
maximum accelerations, critical vibrations, and/or shock factors were the
governing condition. These conditions however, may not be the governing
criterion in the final design of the proposed orbiter-bus concept. Other environ-
ments such as the -200°F cold soak and ascent vibration dynamics could easily
prove to be governing conditions. Because of the great complexity in the
orbiter-bus structural systems only a very rigorous structural analysis and
testing of a fully designed vehicle will verify this uncertainty.
The lowest natural frequencies of the spacecraft and adapter system were
estimated to determine if this design concept produced coupling of the dynamics
with the natural vibrational modes of the boost vehicle. Axial, lateral, and
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torsional vibrations were considered; the lowest natural frequency was found
to be in lateral bending. This frequency was greater than 30 cps, which is
roughly an order of magnitude greater than the estimated first bending frequency
of the boost vehicle. Hence, dynamic coupling should not be a problem with
this design cgncept.
2. Double-lander concept. In the single-lander spacecraft concept, the
lander is mounted at three support points on an adapter section. In the double-
lander concept (figure 181), the landers are again mounted at three support
points, but instead of these three points being located in a common adapter,
they are independent structural support systems. Two of these support systems
(i. e., two for each lander) are simple tripod space truss structures suspended
from the separation ring. The third support system is common for each
lander and is a conical shell suspended from the central support structure in the
orbiter-bus. Hence, one third of thelander loads pass directly through the
orbiter. This violates the orbiter-bus module concept established earlier.
However, since the load path system within the orbiter is not altered, the
module concept is not completely violated.
The only major changes required in the orbiter-bus structural system
would be to increase the structure sizes of those members affected by the in-
crease in loads produced by the landers.
The effect on structural weight of the orbiter is emphasized in the final
weight breakdown presented in table 70 of section 10.5.
10.4 Meteoroid Protection
1. Reference design. Although all of the critical components of the space-
craft will be protected from meteoroid bombardment by the outer structure---
which effectively acts as a "meteor bumper"---during most of the interplanetary
journey, seperationof the lander will expose portions of the fuel and pressurant
tanks and much of the electronic equipment to this hazard during the last stages
of the flight and in orbit. The reference design does not incorporate any added
protection at present. However, Mars is close to the asteroid belt, a likely
source of the denser meteoroids, and is also the closest planet to Jupiter, the
prime concentrator of debris (next to the sun, of course). Future space probes,
such as Mariner B, may therefore show that the meteoroid hazard in the vicinity
of Mars is quite serious. Should this be the case, additio_21 protection will
have to be provided on Voyager.
2. Environmental conditions. Meteoroids in space constitute a very real
hazard to space vehicles; they are strongly suspected of having disabled several
American and Russian spacecraft (e. g., Explorer III, 1958; and the U. S. S. 1_.
Mars probe, 1963).
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On the Voyager orbiter-bus, the following components are vulnerable to
meteoroid damage :
a. Pressurized licLuid containers (e.g. _ liquid propellant tanks). At
the least, some leakage could occur, but the greatest danger is complete rup-
ture of the tank.
b. Electronic equipment: Even if encased, the fragments produced
by penetration or spallation can rip through wires and/or damage sensitive
elements.
c. Radiation reflecting or transmitting surfaces. The sand-blasting
effect of very small particles (micrometeoroids) can destroy the optical prop-
erties of a surface. However, it is presently believed that sublimation and
sputtering will be more serious than meteoroid erosion in this regard.
d. Vehicle attitude. Impact by a large enough meteoroid can perturb
the attitude of the vehicle, which may have happened to Mariner II or the latest
l_ussian-Mars probe, both of which lost their attitude fixes; the Russian probe
never recovered it.
e. Solid propellants. Some solids have been ignited by hypervelocity
particles.
As for the meteoroids themselves, they are members of the solar system.
Their size varies from less than 1 micron in diameter up to miles across, and
their density varies from 1/20 to 8 gm/cm 3, and their velocity --- relative to
a spacecraft---can vary from 0 to 80 km/sec (refs. 37, B8). Their spatial
density probably varies widely through the solar system, being concentrated
in the neighborhood of planets and in the asteroid belt while being relatively
sparse elsewhere. At a point in space, the flux is highly anisotropic, indicating
that meteoroids generally are concentrated in the plane of the ecliptic and
follow direct rather than retrograde orbits. Further, the flux varies with time;
apparantly, many of the meteoroids are clustered into streams or swarms
(ref. 39).
Although some attempts have been made to estimate the hazards an inter-
planetary vehicle will experience due to meteoroids, these attempts principally
serve to emphasize the fact that, until much more data are collected, estimates
of damage probabilities will have _nccrtainties of several orders-of-magnitude.
3. Analysis. As was mentioned in section the nature of the meteoroid
hazard is quite difficult to define adequately for engineering purposes, Besides
the vast gaps in the knowledge of the physics of meteoroids, there are also
uncertainties in predicting the effects of a meteoroid impact on a part of the
structure and in setting the failure criterion to be used for each component.
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The effects of a meteoroid impingement at an average velocity of about 30
km/sec must be extrapolated from experimental results, very few of which have
been obtained at velocities greater than 7 km/sec.
Using extrapolations which have been proposed by various authors, results
in estimates of the depth of the cavity produced by a meteoroid differ by a factor
of as much as 5 {refs. 40 and 41}.
Now, if geometric similarity of craters is assumed, then the depth of the
cavity will be proportional to the cube root of the mass of the particle (ref. 40}.
Further, the probability of encountering a meteoroid of a given mass is, roughly,
inversely proportional to that mass (i. e., the smaller the particle, the more
of them there are} (ref. 371. Therefore, the probability of sustaining an impact
of a certain depth is inversely proportional to that depth to the third or fourth
power. Since there is an uncertainty of a factor of 5 in predicting depth, the
probability could vary by two or three orders-of-magnitude.
The selection of a failure criterion adds another degree of uncertainty to
this problem. For example, the failure mode for a tank containing a fluid under
pressure is probably catastrophic rupture. This process is strongly dependent
on the properties of the shock wave generated by the impact and is, therefore,
dependent on the temperature and compressibility of the fluid contained (ref. 42}.
Since the physical processes taking place during a meteoroid impact are only
speculative at present, setting the failure criterion for a pressure vessel is
not possible to within another order-of-magnitude of uncertainty.
There are many other aspects of this problem which introduce further un-
certainties into the results. Therefore, it was felt that any numerical calcula-
tion of the hazard confronting the spacecraft due to the meteoroid environment
would be meaningle s s.
However, in the event that further collection and refinement of data indi-
cate that the meteoroid hazard to Voyager is serious enough to require that
protection against it be provided, several schemes were investigated. All of
these involve the concept of a "meteor bumper" in which an outer layer of
material is placed around the component needing protection. The function of
this outer layer is to shatter the incoming particle. A gap between the outer
layer and the component is provided to allow the resulting fragments of the
meteoroid and bumper to disperse. If this gap is filled with plastic foam,
foamed metal, or similar filler material, a much more efficient bumper re-
sults {ref. 43}.
A material which shows promise for this application is a particular type of
polyurethane foam which forms a hard, nonporous layer at free surface during
curing. Thus, a single material provides both the "bumper" and the filler.
This eliminates the problem of bond failure between the outer layer and filler
which has been observed to occur in impact tests when two different materials
are used (ref. 43).
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i O.5 Structural Weight Breakdown
A detailed structural weight summary is presented in tables 69 and 70 for
the reference orbiter-bus single- and double-lander conceptual designs given
in figures 178 and 181. The tables are so arranged that a direct comparison
can be made of the following pertinent differences:
I. Orbiter-bus weight at launch and in orbit
2. Design of the separation ring
3. Selection of structural material.
Note that in these tables the alternate design does not imply an alternate
design of the complete orbiter-bus concept, but only in the design of the separa-
tion ring in the transition cone.
Since only those structural elements that have distincts loads and load
paths can be sized for structural weight, a 50 percent factor was added to
account for fittings, bracketry, nuts and bolts, and other design and fabrication
allowances. This factor represents the best estimate of miscellaneous weight
allowances as reviewed for another developed vehicle of similar construction.
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1 1. DESIGN
11.1 Design Evolution
1. Requirements. The design of the orbiter-bus has been strongly
influenced by the desire to satisfy a number of different missions. The orbiter-
bus design was directed so that a reference design would be flexible to a accom-
modate missions requiring (1) one lander when the trajectory energy require-
ments are large; (Z) two landers when the trajectory energy requirements are
low; (3) missions towards two planets with significatly different thermal con-
trol problems, propulsion requirements, look angle requirements, and scientific
payload; and (4) missions at different launch dates, which influence the look
angle requirements.
One of the early tradeoff studies, made possible by the large permissible
diameter, was a weight comparison of nondeployable solar panels with deployable
panels. This study did not indicate any significant weight differences between
the two approaches; therefore, on the basis of reliability considerations, the
nondeployable panel approach was selected. In the following sections, the con-
cept evolution will be discussed by analyzing the advantages and disadvantages
of many of the early concepts in terms of the subsystems and their requirements.
In this manner, a logical case will be built for the reference concepts which
will be discussed in greater detail.
2. Design approach. Some of the early class of concepts studied are
depicted in figures 18Z, 183, and 184. These three configurations all show the
lander on top (in the launch configuration) above the orbiter. The propellant is
divided into four tanks centered in the conical support structure. The solar
panel is a rigid circular panel limited only by the envelope of the shroud. The
thrust nozzle is centrally located behind the solar cell array. These designs
have the advantage of an empty interstage, efficient load paths and the lander
in the shadow. It should be noted that at this stage in the design the propulsion
system had not been optimized and the thrust nozzle is considerably shorter
(lower expansion ratio) than it is in the reference design. Similarly, the
scientific payload and mapping equipment is not as well defined as it is in later
concepts.
Some of the more obvious disadvantages of this design class are (a) lander
loads have to be transmitted through the orbiter and (b) the tank support is not
optimum for tank design. This is due to the requirement that the tank seam,
which supports the expulsion bladder, be in a plane perpendicular to the thrust
axi s.
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Lander loads are transmitted through the orbiter to the interstage, and
thereby tend to increase weight that must be carried into orbit. The mapping
system has only a Z= field of view and therefore no infrared (IR) mapping of
the dark side of the planet is possible with this configuration.
At this stage of the study, it was felt desirable to provide some spin
stabilization to the lander while it was still attached to the orbiter. Considera-
tion was given to spinning the complete lander on a spin table which would be
attached to the orbiter-bus. This approach introduced many mechanical
design problems and so another approach was sought. As an alternative to
a spin table, a concept was considered wherein only the propulsion system of
the lander would be spun-up. However, the moment of inertia of the propulsion
system was an order of magnitude less than that of the complete lander and
decreased exponentially as the propellant was depleted so that impractically
high spin rates would be required. The hV requirements to accelerate the lander
ahead of the orbiter-bus and to cause planet impact were expected to be about
1000 ft/sec. Later system studies significantly decreased the AV requirements
of the lander by slowing the orbiter down to gain the proper lander lead time
(rather than by accelerating the lander). With this change in mission profile,
the pointing accuracy of the lander, when propelled, becomes much less sensi-
tive, and subsequently the concept of spinning the lander while still attached to
the orbiter was dropped.
The lander separation system for this early design is complicated and
involves many sequences. The lander is in a sterilization canister with a
structural flange extending from the lander to the sterilization can. In the
process of attaching the sterilization can to the orbiter, the bottom half of the
can serves as a structural member and the orbiter conical structure attaches
to the hard point of the can previously mentioned. At lander separation, the
top cover of the can is cut and ejected by a shaped charge, the propulsion
system is spun as previously described, and the flange attaching the lander to
the bottom half of the sterilization can is severed by a shaped charge. Gas
from the spin rockets or a spring will push the lander off the orbiter and, after
sufficient distance between lander and orbiter has been built up, the spinning
lander propulsion system is fired.
In addition to the obvious reliability problems associated with this separa-
tion concept, the probability of maintaining the required sterilization with an
exposed lander for a finite period of time is questionable.
The concept of figure 183 shows the lander inverted with a propulsion sys-
tem attached to the reentry face. In this concept, a preload mechanism has to
be severed at time of separation instead of a flange. The lander propulsion
system in this concept is jettisoned prior to reentry.
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A different configuration is shown in figure 185. In this concept,
the lander is suspended below and attached to the spacecraft-adapter interface.
With this type of lander attachment, no lander launch loads are transmitted
through the orbiter and, consequently, weight is saved in the orbiter structure.
The cofffiguration still has the same tank support problems (support not opti-
mum for tank design) that was indicated in the previous discussion. The lander
is in the sunlight and this complicates the thermal control problems. The roll
moment of inertia of the vehicle is very high due to the large moment arm of
the tankage. This mass distribution of the propellant also portends difficulties
with TVC if uneven flow occurs.
The solar cells are on the lander side and approximately half of the solar
cell area is obscured by the lander adapter during the in-transit phase of the
mission. This is not undesirable since the in-transit power requirements are
significantly less than the orbital power requirements. A desirable fall-out
of this arrangement is the protection offered to one-half of the solar cell area
from degradation due to the space environment.
The placement of the lander on the solar cell side forces the thrust chamber
to the opposite side. This, in turn, further complicates the mapping problem
since the nozzle shadows the visual mapping equipment during part of its scan.
This problem could be eliminated by placing the mapping equipment on a boom
which would be deployed once an orbit had been achieved. However, reliability
and weight considerations do not make such a move desirable. The separation
system shown in figure 185, operates in the following manner.
The lander in its sterilization canister is severed from the lander adapter
by a shaped charge and pushed away from the orbiter by canted spin-rockets
(not shown) mounted on the outside of the can. The sterilization can is split
into four parts by a shaped charge after the attaching flange to the lander is
severed.
An alternate possibility for separation exists in separating the port{on of
the sterilization can covering the reentry face of the lander initially, cutting
the attaching flange, and subsequently firing a spinning lander out of the rear
half of the sterilization can. The latter sequence seems simpler but incurs
greater risk due to the tip-off disturbances that could be encountered. In either
sequence, the lander adapter is jettisoned after lander separation to minimize
weight which is placed into orbit.
One of the early attempts to place two landers on an orbiter that has been
designed for one lander is shown in figure 186. In this arrangement the two
landers are placed inside the spacecraft adapter and, due to
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spacecraft-booster separation and interface considerations, the lander size is
reduced from the single lander design. This in itself is undesirable because
it would necessitate the development of a new lander. In addition, the structure
of the lander adapter is complicated and the separation system becomes a seri-
ous problem in this configuration.
In the concept depicted in figure 187, the tanks are cradled at a flange on
the horizontal tank seam; in this way, tank support is compatible with tank
construction. The roll moment of inertia is considerably decreased over the
previous concepts due to smaller tank moment arms. The orbiter structure
is simplified by the use of four cylindrical tank cradles and a basic structural
cone. A truss structure extends from the cylindrical tank cradles and basic
structural cone to support the combustion chamber and react some of the tank
loads. The lander is suspended in the adapter and transmits its loads directly
to it. However, the lander is reversed, requiring an orbiter retromaneuver
after lander separation to prevent collision with the orbiter after the lander
propulsion system is activated. This is a distinct disadvantage since lander
and orbiter success depend upon one additional critical maneuver.
The solar cells are on the lander side. Consequently the disadvantage of
the lander in the sunlight still exists. The problems (previously discussed)
with the mapping equipment are also still evident.
The separation system utilizes preload of the sterilization can between
reentry face and the beginning of the conical portion of the lander to eliminate
the need for a structural flange tie between adapter and lander. However, the
preload could complicate the jettisoning of the sterilization can since the earlier
procedure of splitting the can into four parts is expected to be used. The rest
of the separation sequences, such as initial severing from the adapter, spinning,
and adapter jettisoning, are similar to the previous concept.
ii.2 Reference Concept
1. Configuration. The reference concept (figure 188) is an outgrowth
of the previous studies. The vehicle is designed to satisfy Mars 1969,
Type II trajectory, look-angle requirements.
In this concept, the lander is placed on top of the spacecraft in its boost
configuration. The orbiter is squat, cradled in the spacecraft adapter, and
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attaches to it at the main interface ring. This ring also supports the conical
lander adapter. This arrangement permits the lander launch loads to be
transmitted directly to the spacecraft adapter without affecting the structural
design of the orbiter. As a consequence, weight is saved in the orbiter.
The solar panels are arranged in two rigid circular discs with the cells
attached to the orbiter side of the interface ring. This permits the lander to be
in the shadow at all times (except during periods of velocity corrections) and
therefore simplifies the spacecraft thermal control problem. Another advantage
of this concept is a relatively short adapter with its consequent weight saving.
Additionally, the compressed height of the orbiter when placed in the interstage
area permits a greater rigid solar panel area than a lander positioned in the
interstage with the orbiter on top.
The basic structural arrangement is dictated to a great extent by the
propulsion system since the propellant tanks are the major contributors to
orbiter launch loads. The basic structure is a frustum of a cone from the
interface ring to the center line of the propellant tanks. The propellant is
split into four tanks, two oxider tanks and two fuel tanks (approximately the
same diameter), located on the attitude control axes and in staggered locations.
This arrangement allows the principal axes to remain unchanged while the
propellant is being depleted. It is desirable to minimize concentrated loads
on the tanks. This is accomplished by attaching the tanks 180 degrees around
their periphery to a support cylinder which is supported by the structural cone.
The inboard side of each tank support flange mates with a central ring which
transmits the loads to a central cone where they are reacted by eight pin-
jointed struts connecting with the outside structure. The tank support cylinders
extend to the smaller solar panel disc, support it, help to distribute the tank
loads, and serve as meteoroid bumpers for the tanks. The cone is stiffened
by 12 longerons which provide load path continuity between the tank support
cylinders and main support cone.
The main propulsion chamber and thrust nozzle is centrally located and
supported by a cone which transmits the load to the central tank support ring.
The ablative portion of the nozzle is buried in the spacecraft with the radiation
skirt exposed. The large cantilever of the combustion chamber and nozzle is
minimized by four stabilizing struts attached to the nozzle throat. Four 60-
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pound thrust vernier rockets are located at the extremities of the solar panels
to provide thrust vector control. The large-diameter pressurant tank is
centrally located above the combustion chamber. A smaller diameter pres-
surant tank is located between the propellant tanks.
The reference design utilizes an 8-foot-diameter and a 4-foot-diameter,
high-gain antenna for high bit-rate data transmission. The 4-foot-diameter
antenna used for communications during transit supports the bistatic radar
dipoles and serves as a backup for the 8-foot-diameter antenna for transmission
of data from orbit. Consequently it must satisfy both the in-transit and orbital
look anges. Both antennas have a Z degree-of-freedom girnbal system and,
during the propulsion phases of the mission the antennas, will be retracted to
the launch configuration. This is done to limit the shift in center of gravity so
that the propulsion system would be responsive to the guidance commands. The
antennas will be latched to the structure during the launch phase but it is not
expected that any latching will be required while they are retracted during the
in-transit propulsive phase because of the smaller g loads. Since the antenna
saddles are part of the lander adapter structure (which is jettisoned prior to
retropropulsion), a problem exists during the retropropulsion phase of the
mission. It might be feasible to lock the antenna gimbals during this phase,
but any final decision in this area will have to await the more detailed vibration
criteria for the spacecraft propulsion unit. The structure of the high-gain
antennas was studied both as a mesh and a chem-milled structure. Since the
weight difference between these two structural approaches was not significant,
a mesh design was used so as to reduce the solar radiation torques.
Four omnidirectional command antennas are provided. They are biconics,
positioned at the extremities of the large solar panel, and are deployed by
means of short booms. The lander relay antenna is a helix type located on the
mapping girnbal and wrapped around the optical portion of the high-resolution
TV camera. The high pitch of the relay helix makes a dielectric sleeve nec-
essar 7 to adequately support the antenna during the boost phase of the flight.
A 20-inch-diameter dish attached to the mapping gimbal serves as an altimeter
antenna and lander command relay.
The solar panels, as previously mentioned, are divided into two circular
discs arranged in tiers. The large (17-foot diameter) panel is divided into 1Z
equal segments to facilitate cell attachment and handling. The solar panel
substrate for each segment consists of light gauge aluminum corrugations
supporting a thin sheet; each segment is stiffened by two radial beams. The
beams are connected to the large interface ring in line with the longerons on
the orbiter structural cone and, in this manner, provide beam continuity. The
smaller solar panel disc is of similar construction. The weights and areas of
the solar cell panels are as follows:
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Panel
Large
Small
Area
(ft Z)
138
63
Weight
(lb)
191.0
53.4
Specific Weight
(ib/ft Z)
1.38
0.85
The higher specific weight of the large panel is due to its cantilever construc-
tion and the additional sensors and packages it supports, The total solar cell
area is approximately 200 square feet but cutouts and cell geometry limitations
will result in a usable area of about 180 square feet.
The mapping gimbal supports all equipment which must sight in the direc-
tion of the planet vertical. It includes a high-resolution TV camera, a low-
resolution TV camera, an IR spectrometer, and IR radiometer, an altimer,
the relay antennas previously discussed and a horizon scanner to provide the
gimbal drive with position control information. The girnbal system consists
of two perpendicular nonintersecting axes connected by an arm. The gimbal
details are discussed in alater portion of this section. During the boost
phase of the flight, the mapping gimbal will be latched to the solar panel near
the inboard gimbal. Local stiffening of the solar panel structure will be
required to support the inertial forces due to the masses supported by the
gimbal {approximately 200 pounds).
Additional scientific instrumentation consists of a micrometeroid detector,
particle-flux detector, ion chamber, cosmic-dust detector, and a magneto-
meter. The cosmic-dust detector and micrometeroid detector require orienta-
tion of certain faces relative to the plane of the ecliptic and the sun. These
requirements are met by placing these instruments properly oriented near the
edge of the solar panel in a truss-stiffened cutout.
The attitude control cold gas is stored in two 18-inch diameter tanks
supported by the propellant tank structural support rings and the longerons on
the support cone. Reliability considerations make two tanks desirable, The
attitude control jets are located in four clusters of three at the edge of the
solar pan_Is on the principal axes near the vernier rockets; they maintain
three-axis attitude control by the use of couples. The large moment arm
created by placing the jets near the r_s of the solar panels resulLs in smaller
gas consumption.
The packages required for communication, guidance, and telemetry are
attached to the conical skirt of the main orbiter structure. In this manner,
by the selection of proper surface coatings, the design temperatures of the
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packages can be maintained during the interplanetary phase of flight (when usage
is at a minimum). After the lander support cone is jettisoned prior to injec-
tion into orbit (when usage is at a maximum), the packages are able to effectively
radiate dissipated electrical energy to space.
Handling and shipping considerations make it desirable to have the large
solar panel removable to reduce the diameter of the vehicle from 17 to approx-
imately IZ feet. Similarly, the orbiter-bus can be designed so that the lander
support cone, mapping gimbal, and directional antennas can be removed. The
moments of inertia and center of gravity locations for the reference design
during different phases are shown in figure 189 for the reference design shown
in figure 188.
Z. Separation system. In the reference concept, the separation sequence
is as follows. The spacecraft is separated from the booster at or near the
main mounting flange by a shaped charge after it is injected into a heliocentric
orbit. The lander is separated from orbiter by the actuation of three ball-
lock joints which pierce the sterilization interface, but do not violate it, since
the locks are part of the lander during sterilization. The lander, in its sterili-
zation can, is pushed away by a separation spring with simultaneous firing of
the spin rockets (located on the outside of the can). _After the proper separa-
tion distance is established, the can is split into four parts by a shaped charge
and the lander propulsion system is activated. The lander adapter is sub-
sequently jettisoned from the spacecraft to decrease the retropropulsion require-
ments for planetary capture.
3. Two-lander design. Aserious constraint in the orbiter design was the
objective to mount, support, and separate two landers from an orbiter (figure
190) designed for one lander. Initially the orbiter was only expected to be used
as a bus for this mission but subsequent studies indicated the feasibility of an
orbiter and two landers for a Mars 1971 mission. The adapter-spacecraft
interface ring diameter was determined, to a large extent, by the twin-lander
requirement. Each lander is supported and separated at the same three-
lander hard points that are used for the single-lander design. This is accom-
plished by the addition of a central conical support structure for the inboard
supports and two tripod supports per lander (joined to the interface ring) for
the outboard supports. It should be noted that the orbiter electronic packages
attached to the conical skirt are arranged to facilitate the installation of two
landers without any repositioning from the single lander case. Furthermore,
the centers of gravity of the twin landers are on the YY axis and thereby main-
tain the same principal axes that existed for the single-lander case.
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4. Venus orbiter. The flexibility of the reference orbiter-bus is also
illustrated in design modification necessary for a Venus orbiter-bus {figure
191). The propellant requirements for Venus missions will, in general, be
greater than for Mars. One solution would be to size the propellant tanks
for the Venus mission. However, this would penalize the Mars orbiter.
Another approach would be to size the supporting cradles to carry the largest
tanks. In this manner, the basic structure can remain identical for both Mars
and Venus with only a minor weight penalty. The solar cell area require-
ments for Venus are smaller than those required for aMars mission. It is
expected that all cells will be eliminated from the small disc and some cells
left off the larger disc. However, the substructure of the small disc is
expected to be used to support a thermal shield which will protect the fuel
tanks from the higher solar radiative input and the radiation from the nozzle
skirt. It will be desirable to maintain the substructure of the large-diameter
solar panel for the Venus mission {even though some of it may be redundant)
to maintain the flexibility for positioning equipment with look-angle require-
ments as the different launch windows require. Furthermore, it will be
desirable to maintain the same moment arms for the vernier rockets and
attitude control jets that were used for the Mars mission. The high-gain
directional antennas can remain the same including their gimballing arrange-
ment. The mapping gimbal will have to be altered due to the elimination of all
optical mapping equipment and the addition of 8-and Z-foot-diameter antennas
for microwave mapping. The remainder of the science payload will remain
the same. The configuration drawing (figure 1911 shows landers which
enter the atmosphere after the spacecraft has been placed into an orbit about
Venus. Because of their small size, the landers will be supported by a truss
structure joined to the spacecraft at the central cone structure {above the large
propellant tank). _Additional landers can be carried on the orbiter if weight
allowances traded off against orbital characteristics permit. These landers
would be supported by a suitable truss structure joined to the main interface
ring and are shown in figure 191 in phantom.
5. RTG adaptability. _Although the reference orbiter US_a & solar-cell
power supply, it may be desirable to use an RTG po_v_r source for some of the
later missions. Figure 19Z shows a typi=al vehicle using an RTG power supply.
One of the significant adv_ages of using an RTG power supply rather than
solar cells is the removal of the sun-orientation requirement, and introduction
of a high-gain directional antenna can than can be rigidly fixed to the spacecraft.
!o this manner, the antenna gimballing system and the servo system can be
eliminated. To compensate for the loss of the rigid solar panel which allows
for placement of equipn_ent so that spacecraft shadowing effects are reduced;
individual booms will have to be extended from the main interface ring to sup-
port items like the mapping gimbal, vernier rockets, and attitude control
jets. However, the basic propulsion system, structure, booster interfaces,
lander support system, separation system, attitude control system, and com-
munications system used in the reference concept could still be utilized.
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6. Growth potential. The growth potential of the reference design is most
severely limited by the solar-cell panel area. In the event additional studies
show an increase in the power requirements, foldable panels could be utilized
to complement the rigid panels. One of the earlier concepts (figure 185) shows
a method of utilizirzg foldable panels in conjunction with the rigid panels. It
should be pointed out that this arrangement will somewhat decrease the flex-
ibility for positioning equipment around the rim of the solar panel and, therefore,
somewhat reduces the vehicle's flexibility. In terms of lander changes, the
design has great growth potential since it can tolerate many changes in lander
shape and size.
II. 3 Gimbals and Look Angles
1. Design approach. One of the most useful features of the reference
design is the rigid solar cell disk. It serves as a boom for the mounting of
equipment with look-angle requirements. To satisfy the look-angle require-
ments of all launch periods towards Mars and Venus the angular locations
(clock angle) around the solar cell disc are altered to suit the new require-
ments. Changes of this nature have a relatively minor effect on the configura-
tion and structural design. It is realized that this method meets with difficulty
when two pieces of equipment are competing for the same location; however,
the studies performed indicate that there is a satisfactory angular band of
locations that will satisfy the requirements of any one piece of equipment. In
this manner, no great difficulty is expected due to competing locations.
Relocating equipment to satisfy look-angle requirements tends to upset
the lateral C. G. locations; this is especially true for changes in the Z00-pound
mapping gimbal location. A logical solution to this problem will be a reposi-
tioning of the comparatively light-weight Canopus tracker. However, changes
in the angular relationship between antenna and mapping gimbal may involve
some equipment relocations to maintain adequate spacecraft balance. Similarly,
another possible problem area exists when equipment, such as a mapping
camera, scans across the vehicle without vehicle shadowing, but is shadowed
by the deployed Earth-oriented antenna. This source of difficulty is more subtle
and great attention will have to be paid to detail to prevent problems of this
nature. Look angles for a 1969 Mars Type II trajectory were analyzed and
incorporated into the reference design.
Z. Directional antenna. The high-gain directional antenna gimbal system
and pointing direction was studied for a Mars 1969 Type IIinterplanetary
trajectory. Since a cone-angle, clock-angle, vehicle-centered-coordinate
system is used, it seemed logical to attempt a gimbal arrangement where one
gimbal axis would generate cone angles and the second axis clock angles. The
heliocentric trajectory look-angle plot for this trajectory for a I April 1969
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launch (figure 193) indicates a clock angle variation from 90 to 180 to 270
degrees (approximately). This points to a logical location for the antenna at
180 degrees (measured from the Canopus tracker.) Figure 194 is a sketch
of this gimbal arrangement and illustrates what happens when the antenna
tries to point with a 45-degree, cone angle and a Z70-degree clock angle direc-
tion (one of the points on the plot). The gimbal system permits this deflection,
but the antenna is shadowed and actually mechanically interferes with the
vehicle structure. Consequently this gimbal arrangement was dropped. It
should be pointed out that the gimbals near the rim of the antenna, rather than
in the center, somewhat complicate the look-angle analysis, but represent a
simplified structural arrangement because they eliminate the need for a
deployable boom.
The reference gimbal system shown on figure 188 is analyzed descriptively
in figure 195. The antenna was positioned at a clock ange of 180 degrees for
the reasons previously discussed. The mechanical movements around each
gimbal axis were studied to determine the antenna position for the different
pointing directions. The key to the construction is to initially establish the
direction of the pointing vector and then pivot the moving gimbal (rotation or
swivel axis) until its axis is normal to the pointing vector. At this point, the
antenna is swivelled until it points in the correct direction. There are always
two solutions to this problem but usually one of the solutions results in space-
craft shadowing or interference and is therefore rejected. Figure 195 indicates
that no shadowing occurs for this trajectory and gimbal arrangement. Once
the proper gimbal arrangement had been decided upon, a scale model of the
antenna, gimbals, and solar cell disc was fabricated (figure 196} and was
used for gross look-angle checks. It is obvious that when the gross check with
the model indicates an area of difficulty, a shadowgraph check will be required.
The antennas (4 and 8 feet) shown in figure 188 are at clock angles of
180 and Z70 degrees, respectively. This is consistent with the 1 April 1969
launch date for which they were checked, remembering that the 4-foot antenna
is used in-transit while the 8-foot antenna is only used in orbit.
Subsequent analysis which optimized the launch window for maximum weight
in orbit indicated a launch window of 15 January 1969 to 15 February 1969. The
cone-angle clock angle plot of the vehicle Earth line for this launch window is
shown in figure 197. A check with the model indicated a more favorable antenna
position for the heliocentric part of the trajectory at 345 degrees. This location
could adequately cover the look angles across the 30-day launch window.
3. Mapping gimbal. The mapping gimbal must be able to point the equip-
ment it mounts in the direction of the planet vertical for all planetary orbits
during a typical mission life. During the approach phase, the relay antenna,
which is mounted on the gimbal, is also required to point in the direction of
the lander on the planet. The system {as shown in figure 188} consists of two
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orthogonal nonintersecting gimbal axes connected by a rigid arm. This
arrangement was chosen to give the planet-looking equipment the greatest
possible field of view and provides proper stowage inside the shroud. The
outboard gimbal (pivot axis) is on the rim of the rigid solar panel while the
swivel axis is further inboard and approximately at the C. G. of the equipment
it carries. For any given angular mounting position, an approximately 3.5
steradian field of view is possible without spacecraft shadowing or mechanical
interferences. This indicates that for any set of look-angle requirements, a
position can be found around the rim of the solar panel which will satisfy the
orbital and approach requirements. In fact, for any given single orbit, if the
system is properly located and pivoted, rotation around the swivel axis only
is required. This suggests that even a nonoptimurn position of the gimbal
system will work if a position conflict should arise with some other equipment
with look- angle requirements.
The ideal mounting position (clock angle) is determined byallowing the
plane, containing the pivot axis that is normal to the swivel axis {plane of
connecting arm),be parallel to the orbital plane. This is the condition where
rotation around the swivel axis only is required to give the proper pointing
direction. In an actual mission, due to orbital precession, the orbital plane
will change relative to the vehicle coordinate system. The extremes of the
positions of the orbital plane in relation to the vehicle will have to be determined
and the mapping gimbal will then be placed at the mean location. This location
must subsequently be checked to ensure proper pointing capability during the
approach phase of the mission {for satisfying lander relay requirements).
4. Guidance sensors. The Canopus tracker is located on the rim of the
solar cell disc with a single degree-of-freedommount. By definition it is at
clock angle of zero degrees.
The planet tracker is body-fixed since it has a built-in ± 20 degree conical
field of view. Principally it is used approximately i, 000,000 km from the
planet for a more accurate navigational fix. The look angles for the vehicle
planet line at this distance for the optimum 1969 launch window are shown in the
following chart:
Launch Date Clock Angle (deg) Cone Angle (deg)
1/15/69
1130/69
Z/14/69
80
79
77
92
73
62
513
II
To satisfy this launch window, the planet tracker will be positioned at a
clock angle of 78 degrees and a cone angle of 77 degrees. The data that have
been generated to date indicate only minor changes in the vehicle planet vector
as the distance to the planet decreases. This holds true until the vehicle
approaches periapsis at which time the changes become very pronounced; con-
sequently, the fixed tracker appears feasible across one given launch window,
It is realized that for some of the launch windows the planet tracker may require
a position on the lander side of the vehicle.
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APPENDIX A
REPRESENTATIVE PICTURE QUALITY
Figures A1 and AZ have been prepared to illustrate the general nature of
the pictures to be expected from the Voyager orbiting mapping system.
Although terrestrial subject matter was used (area of Truth or Consequences,
New Mexico), the scale and resolutions employed are consistent with those
proposed. The low resolution pictures (377 meters are in fact poorer than
those expected in Voyager (250 meters). It is felt that these pictures give
a more concrete impression of the results to be anticipated than can be obtained
from the statement of resolution as a number.
5Z0
SO LU TI0 N 
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Figure A-2 DETAILS OF FIGURE A-1, OPPOSITE AS SEEN BY DlGiTAL TEiEVISIDi\l 
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APPENDIX B
EFFECT OF ERRORS IN ORBITER SLOW DOWN MANEUVER
UPON TERMINAL TRAJECTORY
I. Introduction. This analysis was conducted primarily to determine the
effect of errors in the orbiter slow down maneuver upon the unperturbed space-
craft trajectory in the vicinity of the planet.
Analyses were performed for maneuvers taking place at the approach
ranges of 1,000,000, 550,000, and 300,000 km, respectively; itwas found that
the DSIF navigation inaccuracy of 150 km (ia) in position overshadowed the
assumed inaccuracies in the retrothrust maneuver.
2. Description of the trajectory. The trajectory is hyperbolic. The
initial point occurs approximately at the sphere of influence (about 5.5 x 105 km
for Mars). The terminal point occurs at periapsis. The altitude at this point
will be 1,500km above the surface of Mars. Figure B1 depicts the trajectory.
-6220 Km
Fig. BI
Using the conditions given in figure B1 and the momentum and energy
equations as applied to a free-fall trajectory in an inverse square central
gravitational field, the data in table B1 were assembled for the given trajectory
and various other ranges.
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i/ RESOLUTION PHOTOGRAPH FRAMED WITH DOTTED LINES 
H RESOLUTION PHOTOGRAPH FRAMED WITH SOLID LINES 
Figure A - 1  PHOTOGRAPH OF TRUTH OR CONSEQUENCES DISTRICT, NEW MEXICO 
TABLE BI
TRAJECTORY AND VARIOUS OTHER RANGES
R o
(kin)
13,800
300,000
550,000
I, 000,000
Vo
(meters/sec)
6,578. 2
6,106.4
6,095.7
6,095.5
V1
(m/sec)
7,833.6
7,833.6
7,833.6
7,833.6
Yo
(deg)
162.150
179.132
179.529
179.739
0o
(deg)
85.795
103.473
I03.868
104.056
Mars' gravity was taken to be 0. 383 Earth's gravity and the value of
Mars' mass used was 0. 11 Earth's mass.
3. Computation of time constant error coefficients. The above informa-
tion was used to compute constant time of flight error coefficients for each of
the four cases. The results are expressed in polar coordinates (R ,0 , V , y )
and are included in tables B3, B4, and B5.
4. Sources of the trajectory perturbations. The following conditions
were considered as sources of the perturbations at the initial point:
a, Trackin_ errors, ;:'150-km initial position error measured along
and normal to RO. (These errors are in the directions of the local vertical
coordinate system X, Y, and Z defined in figure 133.)
b. Errors due to a retro velocity which will be applied to slow down
the vehicle that will go into orbit about Mars. The configuration of these errors
is given in table B2 in terms of a coordinate system defined in figure B2.
*0,02 meter/sec initial velocity error measured along and normal to R O .
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TAB LE B 2
ERROR CONFIGURATIONS
Error Source
Accelerometer
IMU Error
Retro Velocity
Mi s al ignme nt:
About X'-Axis
About Y "-Axis
Velocity Errors
AX"
t
I"
- A0/ Adt
d
0
AY" Az"
t
0 E Adt 0
0
t
A 60f Adt
Position Errors
AX " AY " AZ "
t t
-A6 offo Adtdt
t
A 61] Adtdt
d d
0 0
t t
E of_o Adtdt
The acceleration level was assumed to be i0 ft/sec 2. The thrust was
allowed to occur for periods of 100 and 50 seconds giving two values for the
retro velocity, 1,000 and 500 ft/sec. Three values were used for the IMU
error (E). They were 0.01, 0.1, and l percent of the retro velocity. Also
0. i, 0.3, and 0.5 degree were used as retro velocity misalignment errors
(A6). The retro errors are oriented with respect to the retro velocity vector
in the X', Y', and Z' coordinate system. They must be transformed to the local
vertical coordinate system X, Y, and Z which has the Z-axis coincident with
R o •
5. Conversion of the perturbations for use with the error coefficients.
The perturbations described above are given in terms of AX, AY , AZ , AV x , AVy ,
and AV z. These errors must be converted to an error system of 8r ° ,86 o , 3V,
and 3y in order to be used with the error coefficients. Figure B3 shows the
orientation of r ° , 6o , V, and y with respect to the local vertical coordinate
system. 6o is the range angle over which the retrothrust occurs. However,
this angle is very small and is assumed to be zero. Therefore, r o = Z and
Y = Yo • With this information it is possible to derive the equations needed to
convert to 3r o , 3t9 o , 3V _ and 3y. However, this derivation will not be included
here. The out-of-plane errors do not need to be converted.
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TABLE I
POSITION AND VEL
13,800 KILOMETER RANGE
ERROR
ERROR
SOURCE ERRO
INPUTS
6@ o = i. G902 x 1_ -2 rad
5-fo = -1.0902 x 10 -2 rad
150 Km. Error
Normal to R o
and In-Plane
60/60 o
1.0
rad / rad
1. 0902 x 10 -2
0
6e/6_ o
1.4299
rad/rad
RANGE ANGLE ERROR (£s9)
AT PERIAPSIS
60/6R o 66/6V o
-3.4117 x 10 -7 5.6951x 10 -4
rad/m rad/m/sec
0 0
0 0
0 0
-5. 1176 x 10 -2 0
0 3. 4913 x 10 -8
0 0
0 0
0 .i. 0841 x 10 -5
0 0
0
-i. 5589 x 10 -2
150 Km. Error
Normal to R o 6N = 150 Km. 0 0
and Out-of-Plane
150 Kin. Error 6R o = 150 Km 0 0
Along R o
0.02 m/sec Error 6V o = 6. 1304 x 10 -3 m/sec 0 0
Normal to R o and
In-Plane 670 = -2.8940 x 10 -6 rad 0 -4. 1381 x 10 -6
0.02 m/sec Error
Normal to R o and 5V N = 0.02 m/sec 0 0
Out-of-Plane
0.02 m/sec Error 6V o = -I, 9037 x 10 -2 m/sec 0 0
Along R o 670 = -9. 3194 x 10 -7 rad 0 -1. 3326 x 10 -6
RSS* £_9 = 0, 051390 RADIANS
6R/6e o
0
m/tad
0
0
0
0
0
0
0
0
0
RADIAL POSITION ERROR (_R)
AT PERIAPSIS
aR/6_o
-1.3722 x 107
m/rad
0
I. 4960 x 105
6R/6R o 6R/aV o
3. 0465 x 10 "1 1. 9827 x 102
m/m m/m/sec
0 0
0 0
0 0 0
4.5698 x 104 0 0
0 1. 2155 0
0 0 3. 9711 x 101
0 0 0
0 -3. 7745 0
0 O 1. 2786 x 101
kR = 156. 42 KILOMETERS
*Errors resulting from the same error source are added algebraically before they are RSS'd with the errors from the other error sources.
TAN_
6V/60 o
0
m/sec/rad
0
0
0
0
0
0
0
0
0
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3)CITY ERRORS
ENTIAL VELOCITY ERROR (LV)
AT PERIAPSIS
aV/aR o
0453 x 10 -4
_n/sec/m
6VR/60 o
-7.8339 x 103
m/sec/rad
aV/6V o 6V/6"_ o
7. 5230 x 10 -1 6.0265 x 103
misec/m/sec m/sec/rad
0 0
0 -6.5701 x lO 1
0 0
0 0
4.6119 x 10 -3 0
0 -1. 7441 x 10-2i
0 0
-1. 4322 x 10 -2 0
0 -5.6163 x 10 -3
-8.5045 x 101
0
RADIAL VELOCITY ERROR {AV R)
AT PERIPASlS
aVR/aTo
-1.3433 x 104
m/sec/rad
5VR/6 R o 5VR/6 V o
6.4339 x l0 "4 -4.1410 x I0 -I
m/sec/m m/see/m/see
0 0
0 0
0 0
9.6509 x I01 0
0 -2.5386 x 10 -3
0 0
0 0
0 7. 8832 x 10 -3
0 0
0
1. 4645 x 102
LATERAL VELOCITY ERROR
(AVI,)AT PER_PSIS
LATERAL POSITION ERROR
(aL) AT PERIAPSIS
5L/6N 5L/SV N
8.1602 x 10 "1 1.7517 x I03
m/m m/m/sec
0 0
0 0
I. 2240 x 105 0
0 0
0 0
0 0
0 3. 5034 x I01
0 0
0 0
aVL/aN
-4. 3803 x 10 -4
m/sec/m
-6. 5705 x I01
5VL/aV N
2. 8520 x 10 -1
m/sec/m/sec
,5680 x 101 0 0 0 0
0 0 0 0 0
0 0 3. 8875 x 10 -2 0 0
0 0 0 0 5. 7040 x 10 .3
0 0 0 0 0
0 0 I. 2519 x 10 -2 0 0
AV= 67. 546 METERS/SEC AV R = 114. 39 METERS/SEC hL = 122. 40 KILOMETERS AV L = 65. 705 METERS/SEC
TA
POSITION AND
1 X 106 KILOMETER RANGE
ERROR _ ERROR '!
SOURCE ERROR_EFFI_ENTS
INPUTS
150Km. Error 500 = 1.50xl0-4m/sec
Normal to R o
and In-Plane 6_ o = -I. 50 x IO -4 m/sec
150 Km. Error
Normal to R o 16N = 150 Kin.
and Out- of -Plane
150 Kin. Error 6R o = 150 Kin.
Along R o
0.02 m/sec Error
Normal to R o
and In-Plane
0.02 m/sec Error:
Normal to R o
and Out-of-Plane
0.02 m/sec Error
Along R o
L0. I Percent
Error in
Retro
Velocity**
i 0.1 Degree
Velocity Vector
Misalignment
About Radial
Axis
O. 1 Degree
Velocity Vector
Misalignment
About Lateral
Axis
6V o - 9. I0 x I0 -6 m/sec
670 • -3. 2799 x 10 .6 m/sec
6V N • 0.02 m/sec
6V o • -0.02 m/sec
670 • -1.4929 x 10 -8 tad
680 • -6, 9361 x I0 -II rad
6R o • 15.239 m
6V o = -0.30479 m/sec
67o • 6. 9361 x I0 -II rad
6N • 26. 597 rn
6VN= 0. 53194 m/sec
60 o = -2.6597 x I0 -8 rad
6R o = -0.12105 m
6V o = 0
6_ o = 8.7291 x 10 "5 rad
69/6_ o
1.0
rad/rad
RANGE ANGLE ERROR (_9)
AT PERIAPSIS
66/6R o
-3,6386 x 10 -7
rad/m
6615V o
5.8523 x 10 -2
rad/m/sec
1.50 x I0 -4 0 0 0
0 0 0 -2.0897 x 10 -2 0
6. 9361 x I0 -II
0
0
0
-5.4504 x 10 -2
0
-5, 5372 x 10 -6 1
0
0
O
4. 3985 x 10 -8
0
0
-2,6597 x 10 -8
0
0
0
5.3256 x I0 -7
0
-1,1705 x 1O -3
O
0
0
-1. 7837 x 10 -2
0
RSS* INITIAL CONDITION ERRORS _ = 0. 058334 RADIANS
RSS* RETRO VELOCITY ERRORS _9 = O. 021588 RADIANS
TOTAL RSS
_9 • 0.062200 RADIANS
60/570 6RI60 o
1.3931 x 10 2 0
rad/rad m/tad
0
RADIAL POSITION ERROR (_R)
AT PERIAPSIS
6RI6R o 6R/6V o 6R/67 o
4. 6510 x 10 -3 2. 4839 x 102 -9, 7006 x 108
m/m m/m/sec m/tad
0 0 0
0 0 1. 4551 x 105
0 O 0 0 0
0 0 6. 9765 x 102 0 0
0 0
-4. 5692 x 10 -4 0
0 2.2603 x 10 -3 0
0 0 3,1817 x 103
0 0 0 0 0
0 0 0 -4.9678 0
- _ 0798 x 10 -6 0 0 0 1. 4482 x 101
0 0 0 0 0
0 0 7.0877 x lO -2 0 O
O 0 0 -7.5707 x lO 1 0
9.6627 x 10 -9 0 O 0 -6.7284 x 10 TM
0 0 0 0 0
0 0 0 0 O
0 0 O 0 O
0 0 -5.6300 x 10 -4 0 O
0 0 O 0 0
1.2161 x 10 -2 0 O 0 -8.4678 x 104
_R : 145.56 KILOMETERS
AR : 84. 689 KILOMETERS
ZZR = 168.40 KILOMETERS
* Errors resulting from the same error source are added algebraically before they are RSS'd with the errors from the other error sources.
**Retro velocity considered to be I, 000 ft/sec (305 m/sec).
6_
m/.¢
B4
ERRORS
(_v)
AT PERIAPS_S
6V/6R o 6V/6V o 6V/67 o 6VR/66 o
-'_.8339 x 103-3. 5102 x 10 -6
m/sec/m
-5. 2653 x 10 -1
0
-5.3492 x 10 -5
6.5291 x 10 -1
m/sec/m/sec
1.0802 x 10 -4
0
0
-1. 3058 x
2.3450 x 105
m/sec/rad
0
-6. 3955 x 101
0
-7.6914 x i0 -I
0
-6. 3650 x 10 -3
m/sec/rad
-2.1365
0
RADIAL VELOCITY ERROR (_V R)
AT P_ IIAPS[S
6VR/6Ro 6VR /6V__.=._=._.=__o 6VR/67
5. 6777 x 10 -4 -4. 9188 x 101 -3. 0728 x 105
m/sec/m m/sec/m/sec m/sec/rad
8.5166 x 101
-8.1382 x 10 -3
0
0
0
: 0
0
0
8. 3804 x 101
0
1. 0078
0
8. 3405 x 10 -3
LATERAL POSITION ERROR
(_L) AT PERLAPSIS
6L/6N 6L/6V N
7. 5387 x I0 -I 6. 8152 x 104
m/m m/m/sec
LATERAL VELOCITY ERROR
6VL/6N 6VL/6V N
-4.2637 x 10 -4 -3.7224 • 101
m/sec/m m/sec/m/sec
-7.4448 x I0-i
-7.1473 x 10 -2
0
0
5. 3769 x 10 -5
1.7962 x 10 -6
0
1. )992 x i01
_x__2__
0
0
0
-7. 0456 x 10 -5
0 0
0 0
1.1308 x 105 0
0 0
0 0
0 0
0 1.3632 x 103
0 0
0 0
0 0
0 0
0
3. 6258 x 104
-6.3956 x I01
0
/
0
I. 9801 x 101
7.7260 x 10 -7 0
0 0
0 0
0
0
2. 0476 x 101
0
8. 6522 x 10 -3
0
0
-2. 6830 x I01
2.0051 x I01
0
-1.1340 x 10 -2
0
3.7883 x 10 -4
-1.2497 x 10 -4 0
0 0
0 0
0 0
0 0
0 0
0 0
0 0
0 0
/',V = 63. 965 METERS/SEC Z_VR ffi 117. 99 METERS/SEC /,,I = 113. 09 KILOMETERS z_V L = 63. 962 METERS/SEC
AV = 20. 476 METERS/SEC _V R = 28. 432 METERS/SEC AL = 36. 278 KILOMETERS _V L = 19. 790 METERS/SEC
_V = 87. 162 METERS/SEC &V R = 121. 37 METERS/SEC _ = 118. 77 KILOMETERS SV L = 66. 953 METERS/SEC
-5Z7-
TAB LE_
POSITION AND VEL
5.5 X 105 KILOMETER RANGE
ERROR
ERROR R_S
SOURCE ERRO
INPUTS
150 Km. Error 59 o = 2. 7273 x 10 -4 rad
Normal to R o
and In-Plane 670 = -2. 7273 x 10 -4 rad
150 Kin. Error
Normal to R o 6N - 150 Kin.
and Out-of-Plane
150 Kin. Error 6R o - 150 Kin.
Along R o
0.02 m/sec Error 5V o = I. 6545 x 10 -4 m/sec
Normal to R o
and In-Plane 570 • -3. 2799 x 10 -8 tad
0.02 m/eec Error
Normal to R o 6V N • 0.02 m/sec
and Out-of-Plane
0.2 m/eec Error 5V o = -0.02 m/eec
Along R o 570 = -2. 7143 x 10 .8 tad
O. 1 Percent 690 • -2. 2929 x 10 "10 rad
Error in 8R o • 15. 239 m
Retro 5V o • -0. 30479 m/see
Velocity** 870 = 2. 2929 x I0 -10 tad
0.1 Degree
Velocity Vector 5N = 28. 597 m
Mlsallgnment
About Radial 6V N • 0. 53194 m/sac
Axis
0.1 Degree 69 o = -4.8358 x 10 -8 rad
Velocity Vector 6R O = -O. 22010 m
Misalignment 6V o : 0
About Lateral 670 • 8. 7318 x 10 -5 rad
Axis
RANGE ANGLE ERROR (&_
AT PERIA_9_
50/690 60/6R 9 68/6V o 60/579
1.0 -3.6328 x 10 "7 3.1944 x 10 -2 7.8448 x 101
rad/rad rad/m rad/m/sec rad/rad
6R/69@
0
m/rad
RADIAL POSITION ERROR (eR)
AT PERIAP$|$
6R/SR 9 6R/6V 0 6R/_7_
8.0280 x 10 -3 2.8582 x 102 -5. 3397 x 108
m/m m/m/sec m/rad
2. 7273 x 10 "4 0 0 0 O 0 0 0
0 0 0 -2.0850 x 10 -2 0 0 0 1.4563 x 105
0 0 0 0 0 0 0 0
0 -5.4492 x 10 -2 0 0 0 1.2039 x 104 0 0
5.2851 x 10 -6 0
0 -2.5074 x 10 -4
0 4.7289 x 10 -2 0 0
0 0 1.7514 x 103 0
0 0 0 0 0 0
0 0
0 0
0 0
0 0
0 0
-2. 2929 x I0 -I{ 0
0 -5.5380 x 10 -8
0 0
0 0
0 0
0 0
-4.8358 x 10 -8 0
0 7.9958 x 10 -8
O O
0 0
0 0 -5.7164 0 0
0 0 O 1.4494 x 101 0
-6. 3888 x I0 "4 0
0 -2.0750 x 10 -6
0 0 0
0 0 0
-9. 7362 x 10 -3 O 0
0 I. 7529 x 10 -8 0
0 0 0 0
1.2231 x 10 -2 0 0 0
0 -8.7115 x 101 O 0
0 0 -1.2243 x 10- 0
0 0 0 0 0 0 0
0 0 0 0 0 0 0
0 0 0 0 0 0 0
0 0 0 -I. 7665 x 10-3 0 0 0
0 0 0 0 0 0 0
0 6.6751 x 10 -3 0 0 O i-4.6624 x 104 0
6vl60 o
0
mlseclrac
0
RSS* INITIAL CONDITION ERRORS
RSS* RETRO VELOCITY ERRORS
TOTAL RSS
_8= 0.058252RADIANS
L_8 = 0. 011800RADIANS
_9 - 0.059435RADIANS
AR = 145.65 KILOMETERS
_R = 46. 628 KILOMETERS
"_R = 152.93 KILOMETERS
*Errors resulting from the same error source are added algebraically before they are RSS'd wlth the errors from the other error sources.
**Retro velocity considered to be 1,000 ft/sec (305 m/sac).
BLE B5
TELOCITY ERRORS
TANGENTIAL VELOCITY ERROR (/_V)
AT PERIA PSIS
I/6O o 6V/6R o 6V/6V o 6V16_ o
0 -2. 4599 x 10 -6 7. 3666 x 10 -1 4. 2453 x 105
ec/rad m/sec/m m/sec/m/sec m/sec/rad
0 0 0 0
0 0 0 -6. 3680 _ I01
RADIAL VELOCITY ERROR (_V R)
AT P ERIAPSIS
6VR/60 o 6VR/6R o 5VR/6V o 6VR/6%" o
-7. 8339 x 103 5. 6461 x 10 -4 -9. 0198 x 101 -5. 5410 x 105
m/sec/rad m/sec/m m/sec/m/sec m/sec/rad
-1. 1751 0 0 0
0 0 0 8. 3115 x 101
LATERAL POSITION ERROR LATERAL VELOCITY ERROR
(Z_L) AT PERIAPSIS (Z_V_) AT PERIAPSIS
5L/6N 6L/6V N 5VL/6N 6VL/SVN
7. 5397 x I0 -I 1. 2383 x 105 -4. 2625 x 10 -4 -6. 8680 x I01
m/m m/m/sec m/sec/m m/sec/m/sec
0 0 0 0
0 0 0 0
0 0 0 0 0 o
-3.68899 x 10 -I 0 0
0 6. 7036 x 10 -6 O
0 0 -1. 3924
0 0 O
0 1.1310 x 105 0 -6.3938 x 101 0
0 -1.4733 x 10 -2 0
0 0 -6.3378 x 10 -3
0 8.4692 x l01 0 0 0 0 0 0
O 0 -8.2080 x 10 -6
0 . 0 0
0 0 0 0 0
1. 8174 0 0 0 0
0 0 0 0 0 2.4766 x 103 0 -1. 3736
0 0 0 O
0 -3.7486 x 10 -5 ,_ O
0 0 -2.2453 x 10 -2 0
0 0 0 2.9446 x 10 -5
0 0 1.8040
0 0 0
0 0 0 0 0
8. 2722 x 10 -3 0 O 0 0
5.4337 x 10 -7 0 0 0 0
0 8.6041 x 10 -3 0 0 0
0 0 2.7491 x I01 0 0
0 0 0 -3.8433 x 10 -5 0
0 0 o
0 0 0
0 0 0
O 0 0
0 0 0 o 0 0 0
O 0 0 0 0 o 0
0 0 0 0
0 2. 9777 x 10 -7 0 0
0 0 O 0
0 0 0 3. 7058 x 101
2.0053 x I01 0 -1.1337 x 10 -2 0
0 6. 5870 x 104 0 -3.6534 x 101
2.0836 x 10 -4 0 0 0
0 -6.8346 x 10 -5 0 0
0 0 O 0
0 0 0 -4.8368 x 101
0 0 0 0
0 0 0 0
0 0 0 0
0 0 0 0
AV : 63. 700 METERS/SEC
AV = 37. 061 METERS/SEC
AV = 732 697 METERS/SEC
z,V R : 117.88 METERS/SEC
AV R : 55. 644 METERS/SEC
AV R : 130.35 METERS/SEC
_L : 113.13 KILOMETERS
Z_L : 65. 895 KILOMETERS
Z_L : 130.92 KILOMETERS
AV L : 63. 956 METERS/SEC
z_V L : 36. 549 METERS/SEC
Z_V L : 73. 662 METERS]SEC
-5Z8-
6. Presentation of errors. Tables B3, B4, and B5 show the errors at
periapsis due to the initial perturbations described above. The definitions of
these errors are given below:
A0 - Range angle error at periapsis
AR - Radial position error at periapsis
/_V - Tangential velocity error at periapsis
AV R - Radial velocity error at periapsis
AL - Lateral position error at periapsis
AV L - Lateral velocity error at periapsis.
Figures B4 through B9 are graphs showing the variation of the error with
various parameters.
7. Discussion of results. The results presented in figures B4 through
B9 show that the navigation inaccuracies of DSIF, which yield the initial con-
dition errors, contribute much greater errors in position and velocity at
periapsis than the errors due to retrothrusting. An inspection of tables B3,
B4, and B5 shows that the position error of DSIF, 150 km (la) had a much
greater effect than the velocity error, 0.02 m/sec (1_). Thus, it appears that
if the resulting errors at periapsis are not tolerable with respect to orbit in-
jection accuracy or fuel expenditure requirements, trajectory corrections sub-
sequent to orbiter slowdown may be required. The suitability of the DSIF
navigation technique for correction can be determined by checking the periapsis
errors due to DSIF as the range decreases. As can be seen from examining
figures B4 through B9 and tables B3 through B5, the total errors at periapsis
remain essentially constant with range. Thus, a trajectory correction based
solely on DSIF tracking and performed subsequent to orbiter slow-down would
not improve the periapsis accuracies.
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APPENDIX C
ANALYSIS OF APPROACH GUIDANCE REQUIREMENTS FOR
INJECTION INTO A PLANETARY ORBIT
1. Introduction. If a precision orbit is to be established around one of
the near planets, then the capability of the Deep Space Instrumentation Facility
(DSIF) to perform the approach guidance function for this mission must be
questioned and resolved. That is, can sufficient accuracy in the planetary
orbit be obtained by use of DSIF information only or must an onboard guidance
system be incorporated in the orbiter to provide additional or supplementary
information? Further, if onboard guidance is required, the equally important
questions pertaining to the type of new information which best complements that
obtained by DSIF and how it is to be processed must also be answered. The
analysis which follows attempts to answer these questions.
Z. Analysis of orbital accuracy usin 8 DSIF only. The analysis to deter-
mine the capability of DSIF to provide the information required to establish a
precision orbit begins at that point in the trajectory at which separation of the
lander from the orbiter is initiated. The methods used for separation will be to
slow down the orbiter and provide only enough velocity change to the lander to
change it from a fly-by to an impact trajectory. Because of this slow-down
maneuver new errors will be introduced at this point into the knowledge of the
orbiter's velocity which will eventually affect the knowledge of its position also.
Thus, the original precision of the trajectory obtained from DSIF information
will be disturbed. Now, if only DSIF information is used from this point to the
point of injection into orbit, one to three days later, how well can DSIF update
the estimate of the orbiter's state vector? 1 Basically, the DSIF doppler mea-
sures range rate of the vehicle with respect to the radar.
1The state vector used here is composed of three position and three velocity ccrapon, eats. IF ._is defined to be the state
vector, then it is expressed as
X
m
_x
ry
_Z
Vx
V
Y
, Vz
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Let
rRV = position vector of the vehicle with respect to the radar
VRV = velocity vector of the vehicle with respect to the radar
I r = unit vector along iRV
;RV = range rate of vehicle with respect to the radar
Thus, range rate can be written as
}RV = lr VRV (Cl)
Now, what information can be obtained about the deviation of the vehicle's
velocity and position by knowing the change in its range rate? From equation
(C1):
8}RV = l_r aVR v + a_lr VRV
(c z)
But,
rRV_ rRV 3rRV -iRV 8rRV
al r : 8
_rRV/ r 2RV
= _ SiR V - __ (1 r 8rRv)
rRV rRV
(C3)
where rRV is the magnitude of rRV and 8rRV is the component of &RV along i r
Substituting equation(C3) into equation (C2) and rearranging terms gives:
6[RV -- V R a_rRV (VRv . I r ) (1 r) . _5rRV + 1 r • 8VRv
rRV - _
Equation (C4) can be written in the following form
(C4)
8;RV = h T eSX
(C5)
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where
h
m
1 1
-- VRv-_ (VRv
rRV rRV
I--E
hJ is the transposed matrix of h, and
i_RV_X--
_VRv
In essence, then,
• it) i_
the effect of DSIF is to provide information about the
state vector X along the direction of h__. During the time from the point of lander
deployment to initiation of the injection thrust this is the only type of information
that DSIF can provide. Further, durin_ this time there is very little curvature
to the trajectory relative to the radar._ Therefore, VRV, rRV, and i r can be
considered nearly constant vectors over the approach phase. The effect of
DSIF information is simply due to an averaging of identical data; there is little
difference in the kind of information that it gathers over this interval. Thus,
we might assume the averaging of this data to be such that all errors in the data
are averaged to zero; still the data will be inadequate to improve the estimates
of all the components of X since the only information, once again, is along_h.
Based upon the above assumption that all errors in the data are averaged to
zero and in particular averaged to zero instantaneously, which in effect means
that DSIF information is graciously assumed to be perfect along h, a simplified
mission is analyzed to determine the merits of using only DSIF information in
establishing the planetary orbit. Before going into details, however, the follow-
ing procedural skeleton with an accompanying diagram (figure CI) is presented
to clarify the method and ideas used.
By definition --
(0)
(I)
point on the hyperbolic approach trajectory immediately preceding
the slowdown maneuver or the AVcorrection.
point on the hyperbolic approach trajectory immediately after the
AV correction.
(2) point immediately after (1) at which DSIF information is used to
reduce the errors along h 1 to zero.
2This fact will be illustrated in a subsequent example.
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(3) point on the hyperbolic approach trajectory just prior to the initia-
tion of the injection thrust.
(4) point immediately after (3) at which DSIF information is used to
reduce the errors along h 5 = h I to zero.
(5) any point in the final elliptical orbit about the planet.
The analysis will now proceed as follows:
At (0) the correlation matrix of the orbiter's position and velocity errors
will be given by the DSIF midcourse capability. Call this matrix [Eo] At (I)
new errors will be introduced into the state vector's velocity components because
of the errors in the achieved velocity correction. Call the associated error
correlation matrix at this point [El] . At (g), DSIF information will, by as-
sumption, instantaneously nullify all errors along h I . In order to nullify the
errors along h I the errors at (i) will have to be expressed in a frame of refer-
ence in which one axis is alongh I . This is accomplished by use of an orthogonal
rotation matrix [Rl] , which will be derived subsequently. Call the error
correlation matrix at (2), [E2] Now, two approaches are available to deter-
mine the errors at point (3). The first is to propagate the errors at point (2)
to point (3) according to the dynamics of the trajectory between these points
with the constraint that the errors along h_/ remain zero. This constraint implies
that h is constant over this interval. The second is to propagate the errors
from point (2) to point (3) without any constraints and then at point (4) nullify
the errors in the state vector at (3) along_h 5 which may in general be different
from h I. In both cases a transition matrix is needed which will multiply the
errors at point (2) to give the errors at point (3). Linear perturbations are
used to obtain this transition matrix. The second approach is employed in this
analysis because of contractual time limitations. Call the error matrix at (3),
[E 5] . The error matrix at (4) is obtained through the use of another orthogonal
rotation matrix [R5] which enables the errors along h5 to be nullified. Call
the error matrix at (4), [E 4] . Finally, the errors in the orbital parameters
can be determined by multiplying the errors at (4) by a transition matrix or a
matrix of influence coefficients. Call the orbital parameter's error matrix
[E 5] . From [E5] we can determine:
a. The capability of DSIF information by itself to produce a precision
orbit based upon allowed tolerances in the orbital parameters.
b. The type of new information needed to supplement DSIF if the ac-
curacy obtainable from just DSIF is not sufficient. This new information can be
selected by noting those components of position and velocity error at (4) which
contribute most to the unacceptable errors at (5), and determining the type of
onboard measurement which most directly improves our knowledge of those
components.
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In order to carry out this simplified mission analysis, a type II trajectory
to Mars was used. In particular, the trajectory of 25 January 1969. For this
trajectory the values of theh matrix at points (i) and (3) are:
h I
16.932
6. 723
2. 082
O. 380
-0. 834
-0. 400
m
Units
m
-1
sec
sec-1
sec-1
dimensionle s s
dimensionle s s
dimensionle s s
_h 3
16. 906
8. 559
= O. 506
O. 424
-0. 814
-0. 397
Units
sec -I
sec-I
sec-i
dimensionle s s
dimensionless
dimensionle s s
where all pertinent vectors 3 used in obtainingh at these points are expressed
in a heliocentric (Earth) equatorial frame of reference. Clearly, h does not
change substantially between slowdown and injection into orbit. This, therefore,
gives credence to our original assumption that there is essentially no difference
in the kind of information that DSIF gathers over this interval. Now we are
justified in proceding with the anlaysis as outlined previously.
Point (0): Assume the DSIF capability at approach to the planet to be
150 km, i_, in each position component, and 2 x 10 -5 km/sec,
1 _, in each velocity component - all uncorrelated.
Thus,
[Eo] =
m
2.25 x 104 0 0 0 0 0
0 2.25 x 104 0 0 0 0
0 0 2.25 x 104 0 0 0
0 0 0 4 x I0 -]0 0 0
I 0 0 0 0 4 x 10-I0 00 0 0 0 0 4 × I0-I0
3This information is obtained from trajectory calculations made at Avco.
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Point (I): The slowdown maneuver is initiated. Suppose that based on
the present estimate of the state vectorX o a commanded ve-
locity correction AKe is given. Actually, however, there are
errors in the application of Av_so that the achieved velocity
correction is given by Avc plus the errors in its application.
That is,
Commaaded AV = Avc
Achieved AV = Av c + d
where d is the application error vector.
m
Let, the symbol ^ represent an estimate of the quantity above which it
appears. Thus, after a correction is made the actual state vector is
X 1 = X o + [J] Av e + [J] d
where
The estimate, however, is:
A ^
X I = X o + [J] A v c
Therefore, the error in the estimate is:
A
21 -- xl-xl
A
= (X o + [J] Avc ) - (X o + [J] Avc
A
cx o-x_o>- [j] a_
+ [j] d_)
= Eo - [11
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where _o is the error in the estimate before a correction is made.
The error correlation matrix at (I) therefore is:
[E 1 ] -- e 1 e I T
(_e o - [J]d) (e o - [J]d_) T
_---T
_oeo + [j]___'_T [j]T
-- [E o] + [J] [D] [j]T
assuming no correlation between d and_e o .
[D] = ___T is the velocity execution error correlation matrix. Now, the
slowdown AV will be directed primarily along -Vpv , which is the velocity of
the vehicle with respect to the planet Mars expressed in a heliocentric (Earth)
equatorial frame whose unit vectors will be denoted by!, _ , and k. In this
frame,
Vpv = -i 2.137 - j 1.805 - k 2.233 km/sec.
Let us, then, start with [D] expressed in a coordinate frame which has the
i axis along Vpv , the 2 axis normal to this and in the plane of VpV and the Martian
north pole (it is assumed that the vehicle will fly into a polar orbit), and the 3
axis orthogonal to I and 2. The i-, 2-, and 3-axes system is shown pictorially
in figure C2.
SLOW DOWN
V
--PV
V-.ev
__P_LANET
la: I! X Ie
\ L,
I18-|881
FigureC-2 AXES SYSTEM
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The velocity correction is considered to be executed by a control system
which has three gyros to control the vehicle to a commanded orientation and one
integrating accelerometer to command engine cutoff at the desired magnitude
of velocity change. The error in the achieved A_V will then have a component
in the direction of _Vpv which is due to accelerometer errors and uncertainty in
thrust cutoff; we take this to have a io value of 1 ft/sec = 3.05 x 10 -4 km/sec.
In any two directions normal to this, the error is due primarily to thrust axis
misalignment; an uncertainty of i/2 degree in a velocity correction of 500 ft/sec
gives an error component of 5 ft/sec = 1.53 x 10 -3 km/sec; we take this as the
Io value in the directions normal to Vpv. Therefore, in the i, !2 ,13 coordinate
frame we can take [D] as:
[D 1] _-
9.30 × 10 -8 0 0 61
0 2.34 × 10 -6 0
0 0 2.34 x 10-
But in order to calculate [E 1] = [E 0] - [J][D][j]T , we must rotate [D 1]
into the original ori, i,k - frame; call it the 2 frame. That is, we want the
matrix which will transform vectors from the 1 (_1 1 , 1 2 , 1 3 ) frame into the Z
(_i, L, k_) frame such that d2 = [A12] 41 ; giving the velocity execution errors in
the 2 frame. This coordinate transformation matrix between the coordinate
frame in which the velocity execution errors are most easily expressed and the
coordinate frame in which the errors at (1) were expressed, is found to be
[A12 ]
-0.597 0.131 -0.791"-]
!
-0.504 -0.829 0.243]
-0.624 0.543 0.561 __]
In the 2(i,j , k) frame, the [O] matrix is given by:
[D 2] = d 2 d 2 T
= [A12 ] _d1 d1_ T [A12]T
-- [A12] [D I] [AI2]T
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Carrying out the matrix multiplications gives:
[D2].
1.54 × 10 -6 -0.68 x 10 -6 -0.84 x 10 -6 -1-0.68 10 -6 1.77 × - - .71
0.84 x 10 -6 -0.71 × 10 -6 1.46 x 10 -6
From this we can determine [E l[ :
2.25 "< 104 0 0 0 0
0 2.25 x 104 0 0 0
0 0 2.25 × 104 0 0
0 0 0 4 x 10 -10 0
0 0 0 0 4 × 10 -10
0 0 0 0 0
0 0 0
0 0 0
0 + 0 0
0 1 0
0 0 1
4 x 10 -10 0 0
J
0
0
0
0
0
I
[D 2 ]
I 0 0 1
0 0 0
0 0 0
oo]1 0
0 1
B
2.25 x 10 -4 0 0
0 2.25 x 104 0
0 0 0
0 0 0
0 2.25 x 104 0 0 0
0 0 0 1.54 x 10 -6 -0.68 x 10 -6 -0.84 x 10 -6
0 0
0 0
0 -0.68 x 10-6 1.77 × 10-6 -0.71 x 10-6
0 -0.84 x 10-6 -0.71 × 10-6 1.46 x 10-6
Point (2): Use of DSIF information.
...... 11
At pn_*. I,-,_v¢c wv_u like to incorporate the information of DSIF into the
knowledge of our state vector. As mentioned earlier, the effect of DSIF will be
by assumption to nullify the errors instantaneously along h. Thus, we must
define a rotation matrix which will transform the error vector at (I) into a
new frame of reference which places one position axis and one velocity axis in
the direction of DSIF sensitivity. In this frame we can nullify the components
of errors along h and then, if we desire, rotate back into the original or i__,i '
frame. To begin,
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P1 1
V_.RV -
rRV rRV
h
which was derived from
q
(VRv -4 ) Lr
_[RV = _ (lr ' --VRv) = hT _X
_.rRv 1
_X=
L_VRv
1
Therefore, the sensitive direction for position is the direction of _VRv-
1 rRV
-- (-VRv "lr)/r = h-.r and the sensitive direction for velocity is the direction of
rRV
_1r = h v. Now we need to express the position error in a coordinate frame that
has one axis in the direction of h r . To do this we construct the rotation matrix
m
-_----_ R rlT
[R r ] -._------ R r2 T
_'-----._ R r3 T
where we specify that Rr 1 = ihrl Then Rr2 and Rr3 can be chosen in any con-
venient way which results in an orthonormal matrix. One way to proceed is to
select the smallest component of h r to construct a unit vector R_r2 using Schmidt's
orthogonalization procedure which will be orthogonal to R rl. To determine _Rr 3'
take the cross product R r1 x Rr2 . Similarly, the velocity error should be ex-
pressed in a coordinate frame in which one axis is in the direction of h v.
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IR V ] .._-.---.-- R T
-V 2
_------ R T 3
m
--v
where we specify that RVI = [hv I " Once again, Rv2 andRv3 can be chosen in
any convenient way which results in an orthonormal matrix. Now the effect of
DSIF tracking can be simulated by setting to zero the first component of position
and velocity errors in the new coordinate frames, then if we desire we can
rotate the modified error vectors back into the original coordinate frames.
These separate operations on the position and velocity errors can be collected
into operations on the 6-dimensional error vector for rotational convenience.
The mathematical steps involved are:
a. Rotation of the error vector at (1) into a frame of reference which
has one axis along h.
whe re
[R 1 ]
[ R 1 ] e I
0
b.
B
[R r ]
!
i 0
I
.... i......
I
I
I
[Rv ]I
Setting the components of e 1" along h to zero.
= [T 1 ] _el"
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where
m N
0 00I
I
0 1 Oj 0
0 0 1 I
[T1] = II0 0 0
I
I0 1 00 0
I0 0 1
nulls the components of e along h_.1 .
c. Rotation of the error vector e{ back into thei, i ,k frame
_2 = [RI IT _2
Note that
[RI]T[RI] = ' - '[RI'_1 ---_L0 '!
I I
I d|Rr]T[Rt] I! 0-- [-I0 I [Rv]T [Rv
I
So [R 1] is orthonormal if [Rr] and [Rv] are orthonormal.
The effect of this simulated tracking on the error correlation matrix is then:
e2 = [RI ]T [T1] [R1] si
= [Tll] e 1
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where
[Tll] _= [R 1]T [T 1] [R 1]
[E 2] = e 2 e T = [Tll] [E 1 ] [Tll]T
For the particular (25 January 1969) type II trajectory using _hI
h = i 16.932 + j 6.723 + k 2.082
--r _ _ _
h V = i 0.380 -j 0.834 - k 0.400
Q
Let us now construct [Rr]
hr
_Rrl = [h r [ = i 0.923 + i0.367 + k_0.114
By Schmidt's orthogonalization method
= k -0.114 RrlRr 2 - _
where k is the unit vector along the smallest component of R_rI .
'_r2_ = -i_ 0.105 - _J 0.042 + _k 0.987
[__r2[ = 0.9935
Thus,
N
R
- r2
R r2 = I_r2 ]"
= -i 0.106 -j 0.042 + k 0.994
Rr3 = Rrl x Rr2 -- -i 0.369 + j 0.929 + k 0 .
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So_
[R r ]
[R V]
B
0.923
= -0.106
- 0.369
0.367 0.114
- 0.042 0.994
0.929 0
is constructed in the same manner starting with
_by
= _ = i 0.380 - j 0.834 - k 0.400
-gVl Ikv I - - -
The result is
0.38O
[a v ] = 0.925
0
B
Thus,
0.923
- 0.106
- 0.369
[R1] =
0
0
0
m
-0.834 -0.400
[Tll] = [RI]T
0.343 0.165
-0.433 0.902
u
m
0.367 0.114 0 0 0
- 0.042 0.994 0 0 0
O.929 0 0 0 0
0 0 0.380 -0.834 -0.400
0 0 0.925 0.343 0.165
0 0 0 -0.433 0.902
m I
0 0 0 0 0 0
0 I 0 0 0 0
0 0 1 0 0 0
0 0 0 0 0 0
0 0 0 0 I 0
0 0 0 0 0 1
[R I ]
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0.147 -0.338 -0.105 0 0 0
- 0.338 0.865 - 0.042 0 0 0
- 0.105 - 0.042 0.987 0 0 0
0 0 0 0.855 0.317 0.153
0 0 0 0.317 0.305 -0.334
0 0 0 0.153 -0.334 0.840
Finally, the error correlation matrix at point (2) is:
[E 2] = [TIll
a
2.25 x 104 0 0 0 0 0
0 2.25 x 104 0 0 0 I 0
0 0 2.25 xl04 0 0 0
0 0 0 1.54x10 -6 -0.68x10 -6 -0.84 xl0 -6
0 0 0 -- 0.68 x 10 -6 1.77 xl0 -6 -0.71 xl0 -6
0 0 0 -- 0.84 xl0 -6 -- 0.71 xl0 -6 1.46 xl0 -6
0.33 xl04 -0.76x104 -0.24x104 0 0 0
- 0.76x104 1.95 xl04 -0.10xl04 0 0 0
-0.24 xl04 -0.10xl04 2.22 xl04 0 0 0
0 0 0 0.68 xl0 -6 0.51 xl0 -6 -0.41 xl0 -6
k-
0 0 0 0.51 xl0 -6 0.67 xl0 -6 -0.92 xl0 -6
0 0 0 -0.41x10 -6 -0.92x10 -6 1.52xi0 -6
Note that the largest change in the variances of the components of position-
estimation error occurred in the i component. This is due to the fact that the
direction of DSIF position-error sensitivity is predominantly in the i direction.
Similarly, the largest component of velocity error sensitivity is the i_ component,
and the variance of the i component of velocity estimation error enjoyed the
largest decrease in this simulation of the effect of DSIF tracking.
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Point (3): The errors at this point, just prior to the initiation of the injec-
tion thrust into orbit, are obtained by propagating the errors at
point (2) to point (3) according to the dynamics of the trajectory
between these points. That is,
e 3 -- [4P23] e 2
where
e 3 = error in the state vector at point (3)
e 2 = error in the state vector at point (2)
and
[¢25] = the matrix of influence coefficients relating the perturbations from
nominal of the state vector at (3) to the state vector at (2).
Specifically,
ax___i
ax2
°Z_i
ox2
°z__i
ax 2
[q_23 ] =
_%_=
OX 2
OVy3"
OX 2
OVz_..../_
OX 2
u
ox__i ox__i ax; 0x__i o,,i
0Y 2 c?Z2 0Vx2 OVy 2 OVz 2
oY___i o_'_ oY_i; oYi o,,,__;
OY 2 az 2 OVx2 OVy 2 aVz 2
oz_ ozg azi ozg azi
a_2 a_ a% av_ av_
aVx_ 0Vx___i OVx_ OVx_
OY 2 OZ 2 OVx 2 OVY 2 OVz 2
aVyi ova,i ave,3- ovYi avyi
OY 2 az 2 OVx 2 OVY 2 OVz 2
ova__,i O,,zi _vz__i _Vz_ _Vzi
o,,'_ oz_ 0Vx3 _vy2 _v_,2
m
• , V_3where x3, Y_, z_, v_3, Vy3, are the positional and velocity components of
the orbiter at point (3) expressed in a primed frame of reference, 4 and
4The primed frame o_ reference is a localinertial frame, whose original is centered at the rendezvous planet. The X 3 axis
is along the position vector of the orbiter with respect to the planet at the initiation of the position vector of the orbiter
with respect to the planet at the initiation of the thrusting maneuver. The Z; axis is in the plane (See inside) of the
orbiter's position and velocity vector with respect to the planet and perpendicular to X_. The Y;. axis is chosen to
form the normal right handed coordinate frame. This frame was introduced to facilitate computational procedures at Avco.
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X2 ' Y2 ' Z2 'Vx 2 'VY 2 ' VZ 2 5 are the position and velocity components of the
orbiter at point (2) expressed in our original or heliocentric (Earth) equatorial
frame of reference.
Now, the corresponding error correlation matrix at poine (3) is:
[E3] _T= e3e 3
= [¢23 ] e 2 L T [¢23 IT
= [¢23] [E 2] [¢23 ]T
Based upon the type II (25 January 1969) trajectory from slowdown - point
(2) (10 6 km from the planet) - to initiation of the injection thrust - point (3)
(determined from the trajectory which minimizes fuel consumption during the
thrusting into orbit) - the transition matrix is:
[¢23 ] =
!
0.534 -0.576 1.011 1.313 xl05 -1.638xi05 2.696 xl05
-0.517 0.163 0.369 1.448 xl05 0.457x105 1.034 xl05
-0.839 -0.501 -0.970 -2.238x105 -1.406 xl05 -2.629×105
3.060 x 10 -4 -1.239 x 10 -4 4.900 x 10 -4 71.655 -21.863 128.424
1.889×10 -4 -0.597×10 -4 -1.350×10 -4 50.668 -16.011 -36.201
0.615 x t0 -4 1.665 x 10 -4 0.110 × 10 -4 8.067 37.809 6.397
Thus, the error correlation matrix at point (3) is:
0.31×104 5.76 xl04 -8.43×104 77.41 -20.215.76xi04 3.53 ×104 -0,93 ×104 19.52 -12.46
8.43 xl04 -0,93 ×!04 8.48xi04 -39.76 3.40
-10.84 1- 4.05
- 1.25
[E 3] = 77.41 19.52 -39.76 3.07 x 10 -2 -0.69 x 10 -2
-20.21 -12.46 3.40 -0.69 x 10 -2 0.44 xl0 -2
-10.84 -4.05 -1.25 -0.33 x 10 -2 0.14x10 -2
5Note that throughout this analysis the KMKS system of units is used.
-0.33 × 10-2
0.14xl0 -2
0.13 ×10 -2
551
This is the correlation matrix for position and velocity estimate errors
at point (3) expressed in the local inertial coordinate frame at that point.
Point (4): Use of DSIF information. At point (4), just as was done at
point (2), we use DSIF information to reduce the errors in
the state vector at (3) along h r and h v to zero. For the type
II (75 January 1969) trajectory, h_3 has the following components:
h r = i_ 16.906 + _j 8.559 + k_ 0.506 =-1 X, 5.66-1y, 10.91- 1 Z, 14.42
h v = i 0.424 -j 0.814 -k 0.397 = 1X,0.539 -!y'0.761 + I Z, 0.362
Following the procedure given at point (2), the orthonormal rotation matrix
at (3) is:
m
-0.299
0.954
0
[R 3 ] =
0
0
0
Also
[T3"]
where
a
-0.576 -0.762 0 0 0
-0.180 -0.258 0 0 0
-0.798 0.603 0 0 0
0 0 0,559 -0.761 0.362
0 0 - 0.209 0.296 0.951
0 0 -0.816 -0.578 0
i
= [R3]T [T 3] [R 3]
0 0 0 0 0 0
0 1 0 0 0 0
0 0 1 0 0 0
0 0 0 0 0 0
0 0 0 0 1 0
0 0 0 0 0 1
[T 3 ] --
55Z
bL
It is calculated to be:
0.910
-0.172
[T_] = -0.227
0
0
- 0.172 -0.227
0.669 -0.439
-0.439 0.421
0 0
0 0
Thus,
is
0 0 0
m
the error correlation matrix at (4),
[E 41 = [T_] [E 31 [r_] T
[E 4 ]
18.97 x 104
4.05 x 104
= -10.51 x 104
48.80
21.56
-27.33
0 0 0
0 0 0
0 0 0
0.710 0.410 -0.196
0.410 0.422 0.277
- O.196 O. 277 0.867
given by
4.05 × 104 - 10.51 × 104 48.80 21.56 -27.33
1.76 × 104 -2.92 × 104 9.66 4.29 --5.39
-2.92 × 104 6.33 x 104 -26.46 -11.70 14.81
9.66 -26.46 1.29 × 10 -2 0.61 × 10 -2 -0.65 × 10 -2
4.29 -11.70 0.61× 10 -2 0.32× 10 -2 -0.22x 10 -2
-5.39 14.81 -0.65× 10 -2 -0.22× 10 -2 0.50× 10 -2
These errors at point (4) are only slightly changed from those at point (3),
since the only effect of the simulated DSIF tracking in this case was to nullify
the small error components which had propagated into the direction of DSIF
sensitivity during the flight from slowdown to injection.
Point (5) : ....................... _,_=_ orbit are obtained through the
use of another matrix of influence coefficients.
( ¢45 ).
Then, the errors at (5) can be written as:
e5 = [¢45 ] e4
Call this matrix
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where
&5 - represents the errors in the final orbital parameters and
&4 - represents the errors in the state vector at point (4).
The orbital parameters being considered are:
a - the semimajor axis of the orbit
e - the eccentricity of the orbit
- argument of periapsis
¢ - the angular displacement of the final orbital plane from the plane
of the nominal orbit or approach trajectory
rp - the radius of periapsis
Therefore,
[¢45 ] =
Oa Oa Oa
-"'--7
o_ _ o_3
Oe Oe Oe
"-'7
ax 3 ay_ az 3
0_ 0_ 0_
o_ a_ o_
aq ay_ oq
arp ar__pp
oq Oy_
Oa Oa Oa
aVxj OVy_ aVz_
Oe ae Oe
ovq OVy_ ovq
0co Oco Oco
OVx_ OVy_ OVzg
aO a¢, a¢,
avq aVy_ ovq
0r__p.p 0 rp 0rp 0 rp
oq ovq ovy_ ovq
k •
and the corresponding error correlation matrix at point (5) is:
[E 5] = e se5T
= [045] e4e4 T [045] T
= [0451 [E 4] [¢4515
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[_45 ] =
For the trajectory being studied:
[es] =
m
6.596 0.005 0.470 -1.477 x 103 0.037 x 103
2.768 × 10 -4 0.005 × 10 -4 0.073 x 10 -4 -0.106 0.002
-0,361 x 10 -2 -0,167 x 10 -2 3.392 x 10 -2 33.464 -0.361
0 0.904 x 10 -2 0 0 13.94
0.9913 0.0078 0.1894 167.99 1.32
1
The error correlation matrix of the orbital parameters is:
m
2.998 x 106 1.037 x 102
1.037 x 102 3.691 x 10 -3
-1.136 x 104 --0.3726
2,769 x 103
6.749 x 105
0
--1.136 x 104 2.769 x 103 6.749 x 105
-0.3726 9.751 x 10 -2 22.30
57.70 -12.57 - 2,776 x 10
9.751x 10 -2 -12,57 3.152 6.074x 102
22.30 - 2,776 x 103 6.074 x 102 1.629 × 105
0 0 0 0
14.760 x 103
0.827
12.959
0
37.27
0
0
0
0
0
0
Therefore, if the only information that is used to guide the vehicle into
its final orbit about the planet is that from DSIF,
parameters are:
a - + 1732 km
8e- + 0.0608
the io deviations in the orbital
aco- + 7.596 degrees
a_- + 1.775 degrees
, *vJ.v _***
--'p __
The uncertainties in semimajor axis, eccentricity, and radius at periapsis
are seen to be significant. Perhaps the most significant of these is rp because
of its importance in determining the lifetime of the orbiter. If the nominal
peripasis altitude is about 1700 km and the D uncertainty in it is as large as that
derived above, any reasonable distribution for periapsis altitudes would indicate
a nontrivial probability of short lifetime orbits. The only important contributor
to the error in radius at periapsis is the error in the radial component of position
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at the beginning of the injection thrust, and the error in that position component
is due almost entirely to the initial position error (taken as 150 km In) and the
integrated effect of the corresponding component of velocity correction un-
certainty at the slowdown point. That component is nearly normal to the direction
of the velocity correction and thus was considered to have an open loop error
of 5 ft/sec la due primarily to the uncertainty of the thrust axis. The perform-
ance of this minimum-equipment system could be substantially improved by
use of two additional accelerometers with perhaps all six inertial instruments
operated in a strapped-down configuration to permit complete three axis feedback
control over the correction thrusts. This modest addition to the complement of
equipment would reduce by perhaps a factor of five the velocity error which was
the major contributor to the error in rp - and to a as well. Considering the
remaining sources of error, it seems likely that such a system, still using only
DSIF for navigation information, would have la errors in periapsis altitude and
semimajor axis of about 200 and i000 kin, respectively.
3. Choice of additional sources of navigation information. If the perform-
ance of the DSIF's only system is judged inadequate, one must determine what
kind of additional information derived onboard the vehicle will best complement
the information already available from DSIF doppler tracking. This requires the
determination of those measurements which are sensitive to components of
position and velocity error to which DSIF doppler is insensitive, and especially
those components which have the strongest influence on the important orbital
errors. The residual between a predicted observation and the actual observation
defines, except for the noise in the measurement, one linear combination of the
errors in the estimates of the position and velocity components. Call the observa-
tion residual $A since we shall consider only the measurement of certain angles.
_A = h T _x
For the measurements to be considered here, 6A depends only on the errors
in the estimates of position components, so the lowest 3 components of the 6
dimensional vector h will be zeros. If a measurement taken at time t is used to
help estimate the state of the vehicle at the nominal time of initiation of the
injection thrust, : i , the dynamics of the trajectory between the times t and t i
play an important role. Because of the nature of the dynamic situation, position
errors at time : propagate into both position and velocity errors at time t I, and
thus observations sensitive to position only become effective in estimating both
• position and velocity at the injection point.
556
Using the notation of the preceding section,
8.x (t i) = [ _t,ti ] 8___x(t)
-1 8x (t i)8_x (t) = [q)t,ti] --
8A(t) = h(t) T 8__x(t)
= h(t) T [q_t,ti ]-1 8._x(t i)
= h'(t) T _x (t i)
So
h'(t) = [q_t,t] -1T h(t)
is the direction in the state space of the vehicle at the injection point along which
an observation at time t is effective or sensitive. To facilitate understanding
of the nature of the situation, a simple model of the dynamic situation will be
employed to derive an understandable transition matrix. The portion of the
hyperbola which the vehicle flies between slowdown and injection is nearly straight-
line. A straight-line trajectory is modeled by a mass falling through a uniform
gravitational field. The trajectory of such a mass, using the injection time
as a boundary point, is
r -- G -- const
V(t) = V(t i) + G(t-t i)
1
r(t) = -,r(t:) + V(t:), (t-t:), + _ G(t-ti)2
- -- 2 --
The required transition matrix [_-t, t i] -1 has as its general element
0x i (t)
_ij = 0xj (t i)
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For this simple dynamic situation, the transition matrix is
1 0 0 t-t i 0 0
0 1 0 0 t - t i 0
0 0 1 0 0 t - t i
0 0 0 1 0 0
0 0 0 0 1 0
,0 0 0 0 0 1
where
_rr = [I]
_rv = (t-t i)[I]
%r -- [o1
_vv = [11
As noted before, the measurements to be considered here are sensitive to
position only.
where hr(t) and 0_ are 3-vectors. The sensitive direction in the space of the
variables at injection is then
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h'(t) = [_t,ti ]-IT h(t)
T
rr
•
Tt[:1err _h (tII T
[ ¢vv
So the direction of both position and velocity sensitivity is the direction of
hr(t) for the particular measurement considered, but the effectiveness of the
velocity information decreases toward zero for measurements taken close to the
injection time. This is simply a statement of the fact that an error in the esti-
mate of velocity at ti does not imply a significant error in position at time t if
t is close to ti . This qualitative nature of the behavior of h'(t) will be employed
in the discussion to follow, and the simple dynamic situation used to derive a
transition matrix will be used for no other purpose.
The vector h r will now be derived for the two most commonly considered
observations. Planet Diameter Measurement:
$3-9@@_ Figure C-3 PLANET DISC MEASUREMENT
A D
sin
2 2r
1 A D
cos _ 8A
2 2 2r 2
_r
D
8A = - _lpv B_rpv
r2 _ 1-(_--_-) 2
hr(t) = S (t) lpv (t)
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where/pv is the unit vector in the direction from the planet center to the vehicle.
This is an analytic statement of the fact that the planet angular diameter mea-
surement is a measurement of range from the planet.
TO STAR
®
IvP =- I__v
Figure C-4 STAR PLANET ANGLE MEASUREMENT
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lvs • lvp = cosA
_lvs lvp + lvs • __lvp = -sinA_A
Blvs = 0 for a far star
1
_Ivp = -_lpv = -_ _ rpv
rpv
I 1
= _ rPv _rpv-
rpv rPv
-- __rpv
1 1
= _ lpv (!p v • _rpv) -_ __rpv
rpv rpv
(lpv ]• lvs)(lpv" _rpv) -_ lvs • __rpvrpv
sinA
lvs - (l_vs ' -lpv) !pv
rpv sin A
_rpv
hr _ 1 [!vs- (lvs" lpv)!pv]
rpv sin A
The direction of this vector is that direction normal to the planet-vehicle
line which lies in the plane of the planet, vehicle, and star.
The geometry of the positions of Earth, vehicle, planet, and star together
with the velocity of the vehicle with respect to the Earth can now be used to note
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the directions of sensitivity for various measurements. For this purpose a
transfer from Earth to Mars is considered and the approach trajectory is taken
appropriate to an injection into a near-polar orbit. The date of launch is unim-
portant, but the difference between a type I and type II trajectory is significant.
A qualitative picture of the situation is given in figure C5.
®
I
tYPE Ti"
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NORMAL TO THE PLANE
OF THE APPROACH TRAJECTORY:
Figure C-5 TYPE I AND TYPE II TRANSFERS
The direction of DSIF velocity sensitivity is the direction from the radar
to the vehicle, which is essentially the Earth-Mars line. The direction of DSIF
position sensitivity is that direction normal to the radar-vehicle line which is
in the plane of the position and velocity vectors of the vehicle relative to the
radar. This direction is roughly normal to the Earth-Mars line and near the
ecliPtiC plane. The planet-vehicle line which is of consequence in each type of
onboard measurement considered here rotates through somewhat more than 90
degrees between the slowdown and injection points, always in the plane of the
approach trajectory. The normals to these planes for types l and II trajectories
are indicated in figure C5. These vectors also lie close to the ecliptic.
With the geometry of the situation defined, one can determine qualitatively
at least which components of position and velocity of the vehicle at the injection
point can be estimated from the various measurements. The direction of DSIF
position sensitivity is a linear combination of the normal to the plane and the
tangential direction for a type I trajectory and is essentially in the tangential
561
for a type II trajectory. This leaves the radial componentof position at injection
poorly estimated in each case and the normal componentin addition is poorly
estimated in a type II trajectory. It is interesting to note that it was the radial
componentof position error, which we find here to be poorly indicated by DSIF,
which was the major contributer to the important orbital errors in the example
of the preceding section. The direction of DSIF velocity sensitivity is a linear
combination of the normal to the plane and the tangential direction for a type l
trajectory and is essentially normal to the plane for a type II.
The direction of position sensitivity for the planet diameter measurement
is the planet-vehicle line which rotates through both the tangential and radial
directions but has no component in the normal direction. Its direction of velocity
sensitivity is the same but the effectiveness of it decreases toward zero as the
direction rotates toward the radial at injection. Actually, the effectiveness of
a planet angular diameter measurement is also limited early in the approach
trajectory due to the large distance from the planet. In this formulation, this
D
effect is evidenced by the magnitude of hr varying as -- for large r . Alterna-
r2
tively, one may just recognize that the sensitivity of _A to 6r becomes very
small at large distances when the angular diameter of the planet is small. This
restricts the quality of both position and velocity indication in the tangential
direction.
A star selected for planet-star angle tracking should lie at a substantial
angle off the vehicle-planet line so the plane of the planet, vehicle, and star is
well defined. If a star in the ecliptic were selected which makes a 90 degree
angle with the initial vehicle-planet line, that star line would be essentially
along the normal to the trajectory plane - and that same direction would be the
direction of position and velocity sensitivity. This would yield no information
about the in-plane components. Thus some compromise would be drawn for a
star in the ecliptic; if a star were chosen which makes an angle of about 45
degrees with the initial vehicle-planet line, the direction of sensitivity for
position and velocity describes a somewhat conical motion starting along the
normal to the plane of the trajectory, developing a small radial component, and
ending essentially along the star line. For a star line near the normal to the
ecliptic, the sensitive direction always lies essentially in the trajectory plane,
rotating from the radial to the tangential direction. It must be recalled that the
effectiveness of the velocity indication decreases throughout this period.
These qualitative results are summarized in table C1. The assignment
of good, medium, and poor to the various components has been adjusted to
some extent in an effort to reflect the basic quality of the measurement. The
example of the preceding section showed the most important contributors to the
errors of consequence, the radius of periapsis and semimajor axis, to be the
radial component of position and the tangential component of velocity. From table
C1 we find that no measurement considered gives a good estimate of the tangential
velocity, but (b) and (d) give some assistance to DSIF in this component. The
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radial component of position is well indicated both by (b) and (d) but it might be
noted that (d) has its sensitivity in the radial direction near the slowdown point
whereas (b) has its sensitivity in this drection just at the time when the vehicle
is approaching the injection point. For other components of position and velocity_
(d) has somewhat better performance than(b}, but these components are of lesser
consequence.
It would appear then that both the planet angular diameter measurement and
the planet-star angle measurement using a star near the normal to the ecliptic
are good candidates to supplement the DSIF. The choice between them should
of course be based on a quantitative study of their effect considering the perform-
ance expected of the basic instruments.
4. Processing the navigational data. If an effort to minimize onboard
equipment is considered desirable, it should be entirely feasible to do all the
navigational data processing on Earth, even if an onboard measurement is em-
ployed. On the other hand, this forces complete dependence on the communica-
tion link, which may well be considered undesirable. In either case, the question
of what scheme to employ in processing the data must be answered. There is
first of all the choice between the classical approach of least squares estima-
tion and the newer recursive scheme first published by Kalman. The choice
between these depends on how frequently the revised estimates of the state
variables are required. In some navigation situations one would like to have a
revised estimate every time a new piece of information is acquired. In this
case, the recursive scheme is clearly superior; it involves just a modest number
of ordinary matrix operations with no inversion. In the Voyager situation, how-
ever, it may be perfectly adequate to accumulate data over a substantial period
of time and only occasionally calculate a revised estimate of state variables.
In this case, the classical approach is almost certainly to be preferred.
Another question is of interest: since some components of position and
velocity at injection are more important than others in terms of their effect on
the orbital parameters, one might wonder if it were possible to design a data
processing scheme which minimizes a weighted sum of the variances of the
estimate errors so the important components could be weighted more heavily
than others. The answer to this query is that to the extent the estimation errors
are linearly related, they are independently estimated. The consequence of
this is that there is nothing one can do using linear perturbation theory to give
up some power in the estimation of certain variables for the sake of adding power
to the estimation of others. The optimum processor to minimize a weighted
sum of the variances of the estimate errors is the same for all nontrivial choices
of the weighting coefficients.
5. Conclusions. A simplified analysis of a mission to Mars indicates that
a minimum-equipment system which controls thrusts using 3 gyros and 1 accelero-
meter only, and employing only DSIF information for navigation data can achieve
an orbit around the planet with a la uncertainty in periapsis altitude of about
564
400 kin, and a la uncertainty in semimajor axis of about 1700 kin. The other
errors in orbital parameters are so small as to be unimportant. Use of
3-gyro and 3-accelerometer control over thrusts improves these values to
perhaps 200 and 1000 km respectively. If more accurate orbital injection is
required, the type of additional navigational data which supplements DSIF in
the best way is either a planet angular diameter measurement or a planet-
star angle measurement using a star well out of the ecliptic.
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APPENDIX D
SELF-CONTAINED TERMINAL GUIDANCE ANALYSIS
1. Introduction. Since preliminary results had indicated the possible
inadequacy of DSIF for precise terminal guidance, an analysis of a self-con-
tained optical guidance system for this phase was initiated. Although the scope
of the study was restricted due to contractual time limitations, sufficient
quantitative results were obtained to delineate problem areas and suggest
hardware requirements.
Z. Statement of problem. Consider the following situation: A space-
craft is approaching Mars; when at a distance of about 5 x 105kin from Mars,
it receives information from the Earth giving its position and velocity relative
to Mars, with the probable errors in these quantities. At this stage, observa-
tions from the spacecraft begin. The object of this is to reduce the probable
errors in the areocentric position by about an order of magnitude, and to
leave ample time for the implementation of a "final orbit" that has a periarion
distance of 5Z00 ± Z5 kin. It is with the observations, and their treatment
during the "preliminary approach orbit", that this analysis is concerned.
For present purposes, one definitive preliminary approach orbit was used.
Observations of two star-to-disk-center angles and a disk-diameter measure-
ment were considered, and these were calculated at regular time intervals, to
form the genuine orbital data. On each simulated approach, these "perfect"
observations were corrupted by deliberate errors with varied intensity levels,
representing the instrurnental errors; these errors represented the input
observations in the simulation. The assumed initial position and velocity (that
is, the initial "best estimates") were not the same as the actual values, but
the differences were consistent with the initial probable errors. Then followed
the step-by-step revision of the '"oest" estimate using the methods of Kalman
and others. During this process, it is possible to assume {on the basis of
"statistics cannot lie") that the errors of a 'q_est" estimate are given by the
corresponding covariance matrix. This is not always the case, and the validity
of the assumption was one of the subjects considered.
3. Technique
a. The definitive approach orbit. This orbit was, roughly, a hyper-
bola lying in the ecliptic (with Mars at one focus) with its size and shape given
by:
a = 0.1169 • 104km , e = 5.7045 ,
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so that the periarion distance was:
q = 0.5500 • 104km
For immediate purposes, it might have been sufficient to use a hyperbolic
Keplerian path. But, for verisimilitude, there were added to the dominant
attraction of a spherical Mars the effects of the sun and the oblateness of
Mars. The effects of the sun are mostly confined to the early stages of the
approach, while the oblateness of Mars mainly affects the final stages.
Over the part of the orbit of primary concern, it was found that the smooth-
est numerical results were obtained using Taylor series in powers of the time;
these agreed, as well as could be wished, with a numerical integration. For
motion relative to Mars, if r.._ s
the sun, the force function is:
are position vectors of the spacecraft and
r r2 J2 p + ms k2 Its-r I
P2 is the Legendre polynominal of the sine of the latitude. With units of 104 km,
the mass of Mars, and the ephemeris hours, values for the constants were
adopted as follows:
k2 = 0.55699 , Ms = 3.564 106' J2 = 8 • 10-4
Initially, L and Ls were taken to be perpendicular. Some of the constants
could, as well, have been taken out of a hat. Precise values are not known,
but small changes would not alter our immediate results.
b. Observations. Three observations were assumed to be recorded
simultaneously: Two angles between the center of Mars* disk and two (imagin-
ary) stars: and the angle subtended by the disk itself. For different simulations,
the frequency of observations was varied.
The choice of stars is important. A poor observ_ttion can lead to a con-
siderable fluctuation in the 'q_est estimate". Later observations must be cap-
able of damping this down in all three dirnesnions. For instance, with an in-
judicious choice of stars, the errors in two coordinates might decrease very
nicely, but in the third they might even 8teadi!y increase. Two stars were in-
vented. They were in mutually perpendicular directions and lay in a plane that
was roughly perpendicular to the initialdirection of Mars.
c. Assumed and actual erros of observation - correlations. The
following standard deviations of instrumental errors were considered: for star-
to-disk angles, one minute of arc; for disk measurements, one second of arc.
In some of the simulated approaches, these were increased. Also, the assumed
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statistics of the errors were not always the same as those of the deliberate
errors. No variation of these errors with distance from Mars was considered;
this was not a serious limitation, since the simulation stopped at a distance of
about 160,000 km from Mars. Also, owing to lack of time, systematic (bias)
errors were not included in the analysis.
Since observations were assumed to be made simultaneously, the two star-
to-disk angle measurements were likely to have strongly correlated errors.
Consider a star tracker to have errors with standard deviation i0 seconds, and
the corresponding figure for the planet tracker to be one minute. (Errors in the
actual measurements of the angles are assumed to be smaller, and are included
in the errors of the star trackers.) Since both angles are measured from the
same line (provided by the planet tracker), the major cause of error will be
shared by each. The convariance matrix of the errors of observation will be:
Q = a 2 +
0 0 a
where a_ and _2 refer to the star trackers, _3 refers to the disk angle mea-
surement, and a2 is the variance of the error of the planet tracker.
d. Initial conditions. Standard deviations of errors in the initial
estimate of position and velocity were 150 and 1 km/hour. These errors were
assumed to be isotropic. Note that the statistics of the errors allow values in
excess of the standard deviation, and in some of the simulations a suitably pessi-
mistic view was adopted. The initial covariance matrix of the estimation errors
was taken from the statistics quoted above, but the effects of varying this were
briefly considered.
e. Description of the calculations.
Notation -
tK are times of observation. In the present work they were equally
spaced, but the program can cope with irregular intervals.
x K is the column matrix containing components of position and velo-
city at time t K.
PK is the covariance matrix of the errors in an estimate x K.
YK is the column matrix containing the three observations recorded
at time t K.
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L
u K is the "noise" in the observation YK"
Q is the covariance matrix of the errors of observation, assumed to
be independent of the time.
CK, K-1 is the matrizant relating errors in x between times tK and tK_l.
A prime after a quantity means that the quantity has been predicted.
A starred quantity is the "best estimate" of the quantity.
MK is the Jacobian matrix with typical element Oyi/Ox j evaluated at
time tKo . Since y involves positional data only, MK = [m K ]
This introduces some simplifications into the usual formulas.
A superscript T transposes a matrix.
The relevant formulas for the filtering process are given in figure D1. The
increment At K , the genuine orbital data, and the random numbers were stored.
The series for xK, and CK,K-1 are straightforward Taylor series. The formulas
for mK involve only elementary geometry.
4. Description of the results
In figures D2 through D10 there are plotted, for simulations using various
models, the squares of the errors in position of the "best estimate" (and, in one
case, velocity also), and the corresponding theoretical values found from the
covariance matrix. The figures also include a horizontal line which denotes a
periarion uncertainty of 25 kin. The models illustrated demonstrate the effects
of correlations, frequency of observations, and the errors in the disk angle
measurement.
The description of the model is included in each figure. Initial conditions
are mostly the same. The accuracy of the initial "best estimate". (even when
this was quite poor) had no effect on the genera/pattern. Also, the behavior
of the errors was not very sensitive to changes in the initial p matrix (at any
rate by a factor of two). It was not possible to judge the effects of a difference
between the actual and assumed values of the errors of observation, since this
was tried using errors of 5 minutes in the disk measurement when the entiJ:e
picture was confused.
Only one figure is given for the errors in the estimates of velocity. This is
typical. No observation involves the velocity, and it is inevitable that the ac-
curacy will drift. But, in the simulations, the error was always welI within
tolerable limits for present purposes.
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In general, there is a rough indication of two critical times. Before the
first critical time, the observations ( or some of them) do not help at all to bring
down the errors to levels that are within an order of magnitude of those pre-
dicted theoretically. In some simulations, this time fell apparently before the
start. It is doubtful whether the present filtering process should be used at this
stage for all the observations; and it might be preferable for the observations
themselves to be smoothed before being introduced into the calculations.
After this time, the actual and predicted errors are within an order of
magnitude, and an observation pulls its weight (metaphorically, as well as
literally). Finally, after a second time, the theoretical and true errors agree
adequately. Only then can the statistics be trusted.
Correlations between the two star-to-disk angle measurements have a con-
siderable influence, and it could well pay to record each observation at an
individual time. It may be feared that systematic (bias) errors are still more
serious, but these were not considered.
Changing the frequency of the observations can produce some striking
effects. But, it is probably the case that, when the error of an observation
corresponds to an error of position much larger than the error of the "best
estimate", then the most efficient way to use more frequent observations is to
smooth them.
The most delicate parameter is the error in the disk angle measurement.
Generally speaking, if this error were increased by the factor n, then the great-
est distance from Mars at which adequate accuracy could be obtained would be
decreased by the factor x/_. So, if a 1-minute error allows adequate accuracy
i0 hours before periarion, then a 4-minute error might be acceptable if we
could wait another 5 hours.
From an inspection by eye, there seems to be no advantage in smoothing
the "best estimates". But, this might be considered in more detail.
It is possible that the number of observations, as well as the time over which
they were needed, might be reduced if observations were stored and used again
in iterations (an iteration starting essentially with a posteriori statistics). An
inspection of the figures does not encourage too much optimism here, but again,
the possibility is worth considering furthcr.
Finally, there are strong arguments in favor of including an extra star-to-
disk angle measurement. The purpose of this would be to help damp out fluctu-
ations in the estimation errors of the coordinate perpendicular to the direction
of Mars, and in the plane of the orbit. It is the error in this coordinate that
influences the periarion distance most strongly.
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APPENDIX E
THE DETERMINATION OF A THRUST PROGRAM TO MINIMIZE FUEL
CONSUMPTION IN TRANSFERRING TO A DESIRABLE ELLIPTIC ORBIT
ABOUT A PLANET FROM HYPERBOLIC APPROACH CONDITIONS
First, consider the following problem which shall be designated as problem
I. A space vehicle is approaching a spherical celestial body {which shall be re-
ferred to as "the planet"), the entire region of space under consideration being
far removed from gravitational fields other than the planet's. The vehicle's
trajectory is a hyperbola with the celestial body at its focus. If we disregard
the orientation of the hyperbola in its plane, the trajectory can be specified by
two quantities, v and h (the latter quantity being the smallest distance from
the hyperbola to the center of the planet).
Let r represent the distance of the vehicle from the center of the planet at
some time t, let v be its scalar velocity and let y be the angle made by the ve-
locity vector of the vehicle with the local horizontal. While the vehicle follows
the hyperbola, the quantities r, v, and y are related by the equations
2v (El)= V2 +
cosy rv
+ 2vh
where v = g R Z, g is the acceleration due to gravity at the surface of the planet
and R is the radius of the planet.
It is desirable to transfer the vehicle to an "acceptable" planetocentric
elliptical orbit by activating its engine for a certain period of time, the engine
being capable of delivering a constant thrust in an arbitrarily varying direction.
We wish to determine the point on the hyperbolic trajectory at which to actuate
the engine and the thrust direction as a function of time so as to minimize the
total fuel consumption in achieving an acceptable orbit.
An acceptable planetocentric elliptic orbit is defined as one contained in the
plane of the approach hyperbola and with its maximum and minimum distance s
to the center of the planet specified respectively by given numbers r a and r .
• It then easily follows that the coordinates r , v , y of a vehicle in such an orbit
satisfy the relations.
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L
v )
- r a -+ rp' = 0 (E2)
rv cosy - (V_rarp/(r a + Vp)) = 0 .
Let _ represent the angle made by the thrust vector with the velocity vector
at a time t and let m represent the mass of the vehicle at time t. Let a and /_
be respectively the (constant) mass flow rate and specific impulse of the propel-
lant. Then the equations of motion of the thrusting vehicle are
d'7 = cosy + -- sine (E3)
V mv
dr
-- = v siny
dt
dv
dt
v /_a
siny + _ cos
r2 m
dm
(7
dt
The initial conditions are (see(E1))
v + -- , y = arccos v + 2v < < m mo (E4)
fo "_-- Y -- ' =
where ro is the distance of the vehicle from the center of the planet and m o is
the mass of the vehicle at the time when the engine is activated.
Mathematically, the problem consists in determining a positive time T,
a value ro and a function ¢ (t), 0 < t < T, such that r (T), v (r), y (T) satisfy
relations (E2) (defining an acceptable orbit) and m(T) is minimum, This is a
Bolza-type problem of the calculus of variations and the optimal thrust program
qS(t ) and the optimal values ro and T satisfy the following conditions:
Introducing "dual" variables zy, z r , z v , z m which satisfy, simultaneously
with system (E3), the differential equations
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gR2 v cos y • zr +
d ( v 2gR 2 2gR 2= - cos y + Zyt r2 r3
gR 2
COS _ • Z V2
r
siny. zv (E5)
dzv (1 gR2_ /za
dt cosy \r + v--_-r2_ zy - siny. zr + _rav 2 sine • Zy
dZ'm /za /_a
= _ sine • zy + cos¢ • zv
dt m2v m2
The above system is obtained as follows: let x 1 = y, x2 = r, x3 = v, x4 =
m, let z 1 = Zy, z 2= zr , z 3 = z v, z4= zm and let system {E3) be written as
dx i
d'-_ = fi(xl .... ,x4; ¢), i = 1,..,4
Then system (E5) is equivalent to
4
dz i Ofj
j=l
Consider now the combined system (E3), (E5). It will be a well-determined
system of differential equations in y, r , v, m, Zy , zr , z v , zm if we can define
¢(t ) as a function of these eight variables. It follows from variational argu-
ments that
sine = - z/vx/'-- , cost = - Zv/_/--" ,
(E6)
where x/-"= (z2/v2 + z2) 1/2 '
Y
It remains now to determine initial or boundary conditions which specify
the solution of the combined system (E3), (E5), (E6). These conditions are
At time t = 0
Conditions (E4), yielding v, y , m as functions of ro ; z m (0) = 1; zr (0), Zv (0)
Zy(0) are solutions of the linear equations
-584-
z r -- _ z v + cotan y . 2_2vr 2 v
zy + _ z v + #zy = 0
(E7)
vtan¢oZv - zy = 0
where ¢o = ¢ (0) and _, _ , # are the time derivations of r, v,y at t = 0 evaluated
by system (E3).
At time t = T
Conditions (EZ) and the relation
z,--- zv+cotany y_ zy =vr 2 v
0,
1. The computational procedure. If the values r o and ¢o are surmised,
v (0) and y (0) may be evaluated from relations (E4) and zr (0), Zv(0), zy (0)
from relations (E7). Then, integrate system (E3), (E5), (E6) until, at
some t = T" , the function uo (t) = v 2 - 2v - • becomes O. If such a
ra + rp
time T" can be found (which for most choices of ro and _bo is the case), then
we record the corresponding values at that time of
u 1 (t) = rv cosy - _/2v rarp/(ra+r p)
and of
)u2(t) = z r - VZv/Vr 2 + cotany -v/v 2r zy
Let these values be represented by u 1 ( ¢o, ro ) and u 2 ( ¢o, ro )" Determine
¢oand ro so as to yield u I (¢o, to) = 0 and u2(¢o, r o ) = 0. This is done by a
systematic search, varying, for a glven ro , L,lv value of ¢o until, for some
Co(to ) the value Ul (4o' ro ) = 0 and the corresponding value u2 (r o ) = u 2 (¢o
(r o), to) is recorded. Then, vary ro until u2(ro) = 0.
Next, consider a slightly different problem (problem II). Instead of mini-
mizing the fuel consumption while transferring from a given hyperbolic trajec-
tory to one of a class of elliptic orbits, let us consider the transfer from one of
a class of possible hyperbolic trajectories. This class is defined by fixing v_
but allowing h to be varied and choosing that value of h which results in the
smallest fuel consumption.
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It canbe shown(using the transversality conditions of the calculus of varia-
tions) that the optimum thrust program and the optimum trajectory satisfy the
same differential equations as before (systems (E3), (ES), (E6) and the same
conditions at t = T. However, the conditions for t = 0 are now replaced by
conditions
t =0
ro and Yo ' the initial values of r and y, are unknown.
v(0) = vo = _v 2 + 2v/y o
zr (0) = 0
zy (0) and z v(0) are solutions of the system
z r - (v/vr 2)z v -- 0
_z r + ÷% = o
Once the values ro and Yo are guessed, system (E3), (ES), (E6) can be
integrated for increasing values of time The computational procedure is
entirely analogous to that previously described except that the search is for
appropriate values of ro,Y o instead of values of to, _o as before.
3. Discussion of results. Typical results obtained from this program
are presented in table E1 for the following conditions:
Spacecraft planetary approach velocity, v , 3. 5 km/sec
Periapsis altitude of unperturbed approach hyperbola 2000 km
End orbit 1500xi0,000 km
Thrust (constant) 1000 to 8000 pounds
Specific impulse 315 seconds
Initial spacecraft weight 5000 pounds
Figure E1 illustrates the orbit injection geometry. For all values of thrust
the final payload was essentially invariant - 2592 pounds - implying that there is
no detectable difference in gravity loss between 1000-pound thrust and 8000-pound
thrust. This result was confirmed for a large variety of initial conditions.
Figure E2 depicts typical inertial orientation time histories for the thrust vector
for optimum orbit injection. For the conditions stated above, two extreme cases
are shown: 1000 and 8000 pounds. The departure from linearity of the 1000-
pound thrust level is minimal and suggests the possibility of using open loop
techniques for orbit injection.
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APPENDIX F
ANALYSIS OF OPEN-LOOP ORBITAL INJECTION
A preprogramed thrust vector orientation time history for orbit injection
would have significant advantages in terms of simplicity and reliability pro-
vided that such a scheme can be shown to perform with sufficient accuracy
to satisfy the desired constraints on the final orbit, In order to evaluate the
performance of this open-loop scheme, it is necessary to consider the princi-
pal error sources and their effect on the orbital elements of the desired final
ellipse.
The error sources can be conveniently divided into two categories (1) er-
rors in the vehicle state at the start of injection and (Z) instrumentation errors.
Prior to injection, the orbiter has performed a series of corrective maneuvers
such as the orbiter slowdown maneuver and approach guidance corrections.
These maneuvers are not perfect and cause perturbations from the nominal
state which in turn propagate into errors and uncertainties in the conditions of
state at the start of injection.
Two types of open-loop injection guidance schemes could be considered,
and the choice between the two is dependent upon a differentiation between de-
viations and uncertainties. There are three trajectories of importance to this
discussion: (1) the actual trajectory (Z) the nominal trajectory and (3) the mea-
sured trajectory. The difference in state between the actual trajectory and the
nominal trajectory (the actual deviation from the nominal) is composed of two
elements; the measured deviation from the nominal and the measurement un-
certainty. The vehicle computer recognizes the measured deviation from the
nominal as an error. It cannot determine, however, what proportion of the
measured error is measurement uncertainty. The first (and simplest) scheme
uses the same thrust orientation program (fixed-program scheme) without re-
gard to any deviations from the nominal conditions of state at the start of in-
jection. This scheme propagates both deviations and measurement uncertainties
into errors in the final orbital parameters. The second scheme uses the know-
ledge of state errors (measured deviations from the nominal) to adjust the thrust
orientation program so that the actual final orbit differs from the desired final
orbit only by the propagated measurement uncertainties.
If approach guidance corrections are made prior to injection, the deviations
from the nominal can be reduced to essentially the level of the measurement
uncertainties. With approach guidance corrections, then, the fixed-program
scheme is starting injection with essentially the same errors as the adjustable
program. The choice between the two schemes now reduces to a comparison of
complexity and fuel economy for the fixed-program scheme with approach guid-
ance corrections versus the adjustable-program scheme which incorporates the
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approach correction in the injection maneuver.
The second category of error sources, instrumentation errors, includes
accelerometer and gyro errors and thrust magnitude errors. At the start of
injection, the orientation of the thrust vector with respect to some inertial re-
ference frame will be in error due to a mechanical alignment uncertainty of
the thrust vector with respect to the vehicle and to an optical alignment uncer-
tainty of the vehicle with respect to the reference stars. Since the orientation
reference will be maintained by body-mounted gyros during the injection man-
euver, additional orientation uncertainties will accumulate due to gyro drift.
The attitude control system is characterized by a limit-cycle operation con-
tributing additional uncertainties (but with a zero mean). Uncertainties in the
magnitude of the thrust acceleration will also exist, caused by mass and specific
impulse uncertainties. If a simple timer is used to control burning time, the
effect of uncertainties in thrust acceleration is quite significant. If, however,
an axial accelerometer is used to measure the incremental velocity imparted
to the vehicle during injection, the significance of this factor is reduced to a
negligible value.
In order to obtain specific numerical results, an error analysis was per-
formed using the approach conditions for a type II Martian trajectory launched
on 25 January 1969 (approximately the middle of the 1969 launch window). The
error matrix [E 2] , for the orbital elements of the final ellipse was calculated
using the error matrix [E l] at the start of injection and the state transition
matrix [_12] for the injection maneuver. [E2] = [_12 ] [El] [_.12 ] T . The errors
in five orbital elements were of interest: aa = standard deviation of the semi-
major axis, % = standard deviation of the eccentricity, of = the standard
deviation in true anomaly, u i = standard deviation in the orbital inclination and
Orp = standard deviation in the periapsis radius. Two sets of state errors were
analyzed. The first set had the position uncertainty of 150 km occurring along
the X-axis only (the X -axis is along the local vertical at the start of injection)
and the velocity uncertainty of 0. 0162 km/sec occurring along the Z-axis only
(the Z-axisis normal to the local vertical and in the orbital plane). The second
set included the same uncertainties in position and velocity but equally distri-
buted between the three axes. The resultant uncertainties in the orbital ele-
ments ( 1 _ values) are summarized in table FI.
TABLE F1
UNCERTAINTIES IN ORBITAL ELEMENTS
Case
1
2
aa (kin)
1017. 836
589. 156
%
O. 04362
O. 02521
as (degrees)
O. 581
2.977
a i (degrees)
0.0
O. 156
_p (kin)
148,701
87.423
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Neglecting instrumentation errors for the moment, it would appear that
open-loop orbit injection would provide satisfactory accuracy provided that
either the adjustable-thrust program or the fixed-thrust program with approach
correction is used.
The orientation uncertainties (star-measurement errors, thrust misalign-
ment, gyro drift, and attitude control limit-cycle errors) were treated as a
single error source of 0.5 degree and contributed a periapsis uncertainty of_-
15 kin. If thrust is terminated entirely on the basis of a fixed-time interval
from thrust initiation, variations of 1 percent in mass flow rate or specific
impulse can cause periapsis uncertainties of 135 kin. If, however, an integrat-
ing accelerometer is used to terminate thrust, this error is reduced to insignifi-
cance.
A satisfactory open-loop orbit injection scheme using an adjustable- thrust
orientation program or a fixed program with approach corrections and using an
integrating accelerometer for thrust termination appears feasible. The anti-
cipated performance of such a scheme would demonstrate periapsis uncertainties
of _ 150 km and sernimajor axis uncertainties of _ 1200 kin.
The principal contributors to this uncertainty are the uncertainties in the
initial state, in particular, the X component of position and the Zcomponent of
velocity. The scheme would be simpler and more reliable than a closed-loop
scheme and additionally should be lighter and more compact than more compli-
cated closed- loop schemes.
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APPENDIX G
IN-ORBIT GUIDANCE ANALYSIS
I. Introduction. After injection of the space vehicle into orbit around
Mars, it may be necessary to modify the orbit for the photographic objective
of the mission. In this study, an on-board optical technique for determining
and predicting the orbit is described and an error analysis of the technique is
made. The technique described requires two star trackers and a horizon
scanner to provide two inertial or space-angle inputs which, when measured
fairly frequently (about once every five minutes), can be used to update the
position and velocity information of the orbiter. The instruments required
for this technique are available, since the star trackers are required for
approach navigation and the horizon scanner is needed to point the camera at
local vertical.
2. Statement of the Problem. The translational navigation of a space
vehicle in orbit about Mars is of concern when its initial state (injection
conditions) is assumed to be approximately known. An estimate of the actual
state of the vehicle can then be determined from a knowledge of angular
measurements made between stars and other celestial bodies on board the
vehicle. Since sensors are never perfect, errors will occur when measuring
angles in space. It is necessary, therefore, to smooth or filter the navigational
observations. While six independent observations, made instantaneously and
without error, will uniquely determine the state of the vehicle, this idealized
event can rarely happen in practice. Hence, it is usually necessary to assume
a sequence of observational data defined at discrete points in time. It is possible
to define the navigational data or angular measurements which will be of concern.
As illustrated in figure GI, let $I and s2 be two right-handed orthogonal
reference frames whose unit vectors (I l, 12, 75 ) and (71 ,-[2, T5 ) are always
parallel. Both coordinate frames are pseudonewtonian in that they may be
accelerating in inertial space, but are not rotating relative to each other or
with respect to the celestial sphere. Consider SI and S2 as the Mars-centered
and vehicle-based coordinate frames, respectively.
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Figure G1 GEOMETRY AND COORDINATE FRAMES
It is seen, using figure G1, that if a Cartesian coordinate system is
assumed in s 1 and S 2 such that the position vector of the vehicle relative to the
center of Mars is
r--xK1 + Y_2 + zT3 inS1
or (G1)
-- -- T" --
r = -xl 1 - yl 2 - zl 3 inS 2
then it is possible to describe the relationships between the angles 0 (t) and 6(t)
with respect to the center of Mars by
--X
_(t) = c°s-ll x2_+Yy2)= sin-l/_x2÷y2 )
(G2_.,)
( _z )6(t) = c°s-i %/x2 + y2 + z 2
The vehicle-based frame ( i 1, i 2, i 3 ) may be generated by an optical
reference to the celestial sphere, or it may be mechanized in the form of an
inertial system (e. g., gyros).
In this study it is assumed that two star trackers and a horizon scanner
are available. The observational data consists of the angular coordinates _ and
q_referred to S2, as illustrated in figure G1, and the time instant (supplied by
a clock) that the observation is made. If it is assumed that no observations of
the angles and their times of measurement are made, the observational data
will consist of the triples
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(eT, q), .......
where the superscript m denotes a measured quantity, 0m =Om (ti) and ¢_=¢m(t i )
and t i denotes the instant at which the ith measurement is taken. One has a
variety of choices for a best estimate criterion.
Some of the most widely recognized best estimate criteria are embodied
in estimation techniques such as the Kalman filter, the Bayes estimate, the
method of least squares, and a minimum data method based on only two
observations. Some of these criteria, such as the one used in the Kalman
filter, although highly accurate, are very complicated and required much
computer memory. Criteria such as that employed in the minimum data
method are in general not sufficiently accurate to be used in space flight. A
least-squares criterion of "best" is chosen since it is reasonably simple to
mechanize, and yields sufficiently accurate results.
The least-squares criterion of "best" consists of defining the loss function
L, as
L = [[0 (ti) - _m (ti)]2 + _6 (t i) - q_m (ti)]2] (G3)
i=l
and searching for functions 0 (ti) and ¢(ti) which minimizes (G3). This procedure
may be thought of as simply curve-fitting the data points 0m and ¢_ with two
curves, 0 = 0(t) and ¢= ¢(t), such that the sum of the squares of the residuals,
(_rn(ti) - oR (ti)
and
95m (t i) - q5R (t i)
where OR (ti) and _R (ti) are calculated from a reference orbit, is minimized.
After a number of observations the angles would be known with a greater
accuracy than from any single obscrvation, &Lid could then be used to obtain a
better estimate of the position and velocity of the vehicle. When the standard
deviation of error in the smoothed angular observations is known, the precision
of the estimate of vehicle position can be calculated readily, if it is assumed
that the estimated angles are independent random variables.
3. Theory of the linear least-square filter and Keplerian state
transition matrix. In this discussion a procedure will be developed to obtain
an estimate of the deviations in position and velocity from some reference
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path, as well as respective variances of these deviations, for a vehicle in an
arbitrary orbit about Mars, after m full revolutions.
Derivation of the linear least- square filter is dependent on the basic
assumption that the true path of the vehicle is close to the idealized reference
path obtained from the solution of the nonlinear differential equations of motion
representing the chosen mathematical model, for given idealized initial
conditions of position and velocity. The "close to" assumption is necessary in
order to represent all disturbed motions as solutions of first-order perturbation
equations. The general solution of the perturbation equations for the restricted
two-body problem has the advantage of being expressed in closed form.
Before proceeding with the development of the least-squares filter,
consideration is given to the perturbation equations and their respective
solutions. Our prime objective is to derive in closed form the general solution
to the homogeneous linear first-order perturbation equations corresponding to
the nonlinear differential equations of motion in the classical restricted two-
body problem. This is equivalent to obtaining in closed form the equations for
the "state transition matrix" of Keplerian motion. The state transition matrix
may be described as a 6 by 6 matrix of partial derivatives used in translating
deviations in position and velocity from some given point on a reference orbit
into deviations at any future point along this orbit.
4. The Keplerian state transition matrix. Under the assumption of a
negligible point mass vehicle in a central inverse-square gravitational field,
the equations of motion may be stated in vector form as
d2_- K?
+ -- = 0 , (G4)
dt 2 r5
where K > 0 and represents the gravitational constant of Mars. At some initial
time, to , we assume the following initial conditions in position and velocity are
given:
-/- (to) =r o-R + _'_o
\
/ (GS)
(to) = vo-R+ 6_'o
where r and v are three component column matrixes in position and velocity,
respectively. We must obtain the solution to equation (O4) given the initial
conditions (G5), which will be denoted as the reference solution 7 R (t)and _R (t).
In addition, the solution of (G4) is determined for small but arbitrary
variations in the initial conditions (G5), that is
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\7(to) = -Rro
d _
= _ = V O •
_'(t°) dt r (t o ) -R
(G6)
One is now able to represent the solution of (G4) for arbitrary initial
conditions (which are close to the reference initial conditions) as
7(t) = T R(t)+aT(t)
_'(t) = T R(t)+a_'(t) (G7)
with T o = T R + 8 Toand_," o -R 8 _" (t)O = VO +
It is apparent that to use (G7) the quantities 8T (t) and 8 T (t)must be found.
The above solutions may be denoted as
T R = T(.,OR,vOR;t) i
/
and
(G8)
T = T(_ + 870,%s + 8Vo,-.o
(Gg)
By expanding (Gg) in a Taylor series about (G8), and truncating after
first-order terms
aT io -
a7 (t) 8T + 8 T o
8 T (t) = 0 T'='=_ o o_To
8 _" (t) _ ¢"(t)
-- 87o + -- 8 To8_'(t) = 07 o O_'o
(G10)
Now the problem of finding 87 (r) and 8 _ (t) is replaced by the problem of
finding the vector partial derivatives in (G10). Note that each of these vector
partial derivatives may be represented as a 3 by 3 time varying matrix. For
notation_l convenience, denote these partials by
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u(t,to) \aT o /' \aT o /
= (a T (o'_
v (_,_o) \a %/' \ a-'_-o/
Differentiating (GIO) and using the above notation
- = -- U(t,to).87 o+ -- V(t,to).8¢'od (8r (t)) dr dr
d . d
_,_ (a _-(t)) d-i" u (t, to). a_o + _ i, (t, %) a % .
Now sincep
d (ST (t)) 8 :dT (t)_ 8_" (t)
Ca_'Ct))= a _(t = aT(t)
d (U) TJ
dt
d (V)
dt
SO that
8_'(t)- U(t,to)aT 0 + _'(t,to)a_o
a _ (0 - -- dd EJ(t,to)aT o + -- _'(t,to)a_'o
dt dt
(Gtt)
Recall from equation (C,4) that r is a function of only 7, To , and _o • Hence
the total differential or r is given by
a_ = 7f " (a-T-o)" _o + Tf- " _ T° (Gtz)
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By equating terms in (GII) and (GI2)
or equivalently,
_ (u(t, to)) = _ •dt 2
d 2 0(@__.)(V (t, to)) =
dt 2
U (t, to)
V (t, t o)
and recalling the definitions of U (t, t o ) and V (t, t o ), then
(G13)
Initial conditions on the above differential equations are obtained by
inspections of (GIO) , .
and
t°.o/<:<° ' °
= o
(o_ " (t)_ d (oG_" (t!_
o_.o_ _ --- 0, _t t,-_-_-oo _ t = I
it = t o = t o
(G14)
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For the restricted two-body problem defined by (G4)
r R (t)
=?R (t)
Hence,
a :_R (t) a / "_-K'_
aT (t) 07 _-77-]
\'IT = T R (t)
(G15)
The perturbation equations of disturbed motion are then
ST=
dt 2
= TR (t)
a_ (GI6)
Their general solution will be of the form in (G1 0) where the vector
partial derivations are obtained from (G13) and (G14) using (G15) for a_/OTt
the coefficient (time-varying} matrix. Our goal is to obtain this general
solution in closed form. Using (G15), the coefficient matrix0_/aTinthevector
form of the perturbation equations is easily shown to be
m
3K xy
im
r5
3K xz
r5
o?
8F
3 x2 _ 3K xy 3 K xz
;; / 7- _5
-_ (, 3_2/ 3K_,7. 77 ,%
-,.21
r5 r3 r2 /
7 = 7 R (t)
where
r = A 2 + y2 + z2 •
The perturbation equations in second-order matrix form (G16) are then
given by:
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-K
r3
m
x2 -3 xy -3 xz
1-3
r2 r2 r2
-3 xy 3 y2 -3 yz
r 2 r2 r2
- 3 xz - 3 yz 3z 2
r2 r2 r2
r_r R
_x
_y
_Z
The solution of these equations for the error state vector may now be
obtained in closed form.
Equation (GIO), representing the form of the general solution of the
perturbated equations, may thus be written in the fferror state space f' notation
as
8x(t) = n(t,t o)SXo (_17)
where f_ (t, to)is the matrix of fundamental solutionst or state transition
matrix, and 8X (t), 8Xo are the error states of the system at timer and to,
respectively. The error state vector in our case is a six-dimensional vector
defined by
8 _ (=). ,8 _o = (m_8)
The total state vectors (or state vector) and reference solution may be
represented in the same manner. The Keplerian state transition matrix
(t, to) between time t° and time t is composed of the submatrixes indicated
in (GI0), i.e.,
(t, to) =
"a_'(t) aP(t) l
/To a Vo
Substituting expressions (O18) and (O19) into equation (GIY), the
representation of the error s_te given by (GI O) is obtained
(Gi9)
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j J
Hence, the error state vector is easily determined upon computation of
the Keplerian state transition matrix.
The state transition matrix _ (t, to ), and related properties of the
perturbation equations are of simpler form and, hence, of special interest
in the case of circular orbits. Consider a circular orbit example where the
initial conditions are given as:
x o
Yo
m.
-R
0
I (Gzo)
Zol = o
J
iol o
÷o J -v
ZoJ o
where R is the radius of the circular orbit, v = is the circular satellite
IR
speed, and _m = I. 524088 x 1015 ftS/sec z is the value to be used for the
gravitational constant of Mars,
If the mean angular motion or orbital frequency of the satellite
vehicle is expected by _ = _- and the initial time is to = 0, the state
transition matrix _ (r, ro )for circular orbits takes the form given by
equation (G21).
rl (t, t o) •
Ii .... t- 1. emit [ _t- |Ln_tj Jiri _t (1 ..... t) O _|Ln m (| ..... t) _(1 ..... t)',$t |in _t-. 4 _ii t
mwt(, .... .,,- ,_t .... ¢ , ..... t( .... ,-1, 0 I " Co, ,, (3 - {{, _,, ' ,La ,1 (1 .... krt} - St .... t w i
o v@ OOl _t O @ n_t
Iw2t col_t "w I_ wt (2 col _" D W O01 wt (1-2 col wt)*W @ L*a ©OI _t (&- COrn_t) 3 _Jt 4:OI _* S_ Vt (1 " 4 @OI _t)
SvJ]t liner • w*w COl _t (] col wt "1 ) _ I_ _t (1 - ] col wt) 2 IL_ vt (1 - col _t) 'a _( I_ vt - 2 * col _ (4 COl _ -_)
O @ -W lin Wt O @ _OI wt
(G.n)
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Now, the circular-orbit Keplerian state transition matrix has been obtained
which is necessary in our development of the linear least-square digital filter.
The state transition matrix for noncircular Keplerian orbits is known and may
be derived through the same procedures.
4. The linear least-square filter. Now continuing with our development
of the linear least-square filter -- recall the assumption that the orbit of the
vehicle is near some reference orbit so that it is reasonable to perform a
Taylorts series expansion on the angles 6 (t) and ¢(t) about the values which
would be obtained if the vehicle were on the reference trajectory OR (t) and
CR (t). Thus,
[0 0 (t)_
e_o = oR _o + \a-7_0/R 87 _o+... (G22)
a ¢ (t!'_
co = _R (o + \a-7_o)R o 7 (o +...
where --a8 (t) and __a¢ (t) are three-element row vectors obtained from
a 7 (t) a F (t)
equation (G2), aT (t) = F (t) -T R (t), and the subscript Rmeans the partial
derivatives are evaluated about the reference orbit. Note that for the
particular angular measurement scheme given in figure G1
_r " x2+y2 ' x2+y2 '
I"
a ¢ I -xz
_7 = _,2+ y2+ _2__ '
-yz
(x 2+y2+z 2)_ '
for any Keplerian path.
Now substituting from equation (GI0)
as(t) .ST(t) = 8r o+ 8_"
oj
c9¢ (t__._).at(t) = -- r° 8F
o7 \07 / \ a /
(GZ3)
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R.ewriting equations (G23) in matrix form the following is obtained:
aT (t) T (t) a)-o '
(Gz4)
For notational convenience, define
-T h IS0(t ) 8_'(t) 80(t) a_'(t)lK =
-T A F_ ¢ (t) aT (t) a ¢ (t) o_" (t)_
J = LaT(t) a_o ' 8_(t-'-_ "
(G25)
-T -T
where K and ] are obviously one row by six column matrixes.
Equation (G22) becomes:
-T -
(t) -- OR (t) + K . _ Xo (G26)0
-r _ Xo¢ (t) -- ¢R (t) + J ' (G27)
- A
where _ X o = I_-_--Irepresents deviations in position and velocity. As expressed
L ol
above, the state transition matrix i_(t,to) of t_e perturbation equation (Gl6)
allows us to express the error state vector_X (t) at an arbitrary time t in terms
of the initial error state _ Xo by
X(t) = a(t,to)_xo
where
L.
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12 (t, to) =
"c9T (t) 8 T (t)-
a Fo a _'o
r(t) 8_'(t)
a ? o a _'o
Substituting (G26) and G27) into the least-square functional of (G3),
i=l
-T
-T(ti) gXo 12 [6 R(t i)-6 m(t i)+J[i0R (ti) - tim (ti) + K + (t i) _ Xo}21 (G28)
Equation (G28) may be written as
n
L = _ [{_T (ti) 8 Xo - 8 (9 (ti)l 2 t-T+ j (t i) gXo-8_5(ti)121
i=l
(G29)
where
0m(t i)-o R(ti) = 88(t i)
@m(ti)__R(ti) = 86(t i)
In the on-board filtering system, the quantities 8 0 (ti) and 8 (_ (ti) are
simply the numerical differences of the measured and reference values of the
two angular coordinates 0 and 4 of figure G1 at time ti. We wish to minimize
the functional L by finding the least-squares estimate (at each t n ) of the error
path resulting from the initial error state 8 Xo must be a continuous path.
Also, a minimum of zero value implies that the higher-than-first-order terms
in the Taylor series (G22) vanish exactly. After the best estimate of the
initial error state 8 Xo is obtained L (G10)may be used to evaluate the present
position and velocity error state 8 × (t).
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The minimum of (G29) occurs at a L/a 8 Xo = 0. Differentiating (G29)
8L 2 _""_ [{_Tax o 80(ti)IK T -T= - - + lJ 8 x o - a ¢ (ti)l]'T]
aax o L__
i=l
E + -T
= 2 [{_TS.Xo_T _-Tb,Xo J'Tl-{80(t i) K +8_b (t i):TI]
i=l
(030)
Equating (G30) to zero and taking the transpose of each side of the
obtained expression results in
i=I i=l
(G31)
The left side of (31)will not be simplified, i.e.,
-T - -T T -T - -T T
(K 8X oK ) = ((K _X o)K )
-T - T -T T -T
K 8 is scalar quantity)
= ((K _X o) K ) (since X o a
- -T w
= K (K 8 x o) ;
similar ly
-T -T T - -T
(J 8XoJ ) = J J aX o
Now equation (G31) may be rewritten as
n n
i=l i=l
(G32)
Equation (32) may be written as
c(t,_o )axo = _ ' (G33)
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la
where
C (t, to) = [K
i=1
+_-_T] = a6by6matrix, and
i=l
[KS0(t i)+ J'SqS(t/)] = 6by l column vector.
The filtering equation can be displayed by noting that from (G33)
a Xo = c-1 (_ito) _ (G34)
where c -1 (t, to ) is the inverse of the matrix C (t, to) defined in (G33). The
general form of the linear least-square filtering equation is then
-R
(t) = X (t) + f_ (t, to) • C-1 (t, to) d (G35)
or
" 7
_"(t)
I
I
y
7 R (t) 1
I
= + f/(t, to) • C-1 (t, t o)
Since d can be decomposed into
(t i) = K(t i) 80(t i)+J'(t i) 86(t i)+_(ti_l)
the linear least-squ_re filtering equation can be written as
(G36)
(G37)
r (ti) _
F (ti) ]
- ...I
V R (ti) ]
+{_(ti, to )- C-1 (ti, to).K(ti)]_0(t i)
+ If/(ti, to) • C-1 (ti, to). J"(ti)l a _b (t i)
+ [f_ (t i, to) • C-1 (ti, to ) d (ti_l)]
(G38)
-607-
A flow chart of the filtering procedure is presented in figure G2.
5. The linear least-square filter and analysis of circular orbits. The
following formula has been obtained representing the linear least-square
estimate of the initial error state _ x (t o ) at the time of the ith measurement t i :
8 _ %) = ¢-1 (ti, %) I_ %) _ 0 %) + j (ti) _ ¢ (ti)l + d- (q)
where
d" (ti) =
j=l
i
m
(t i, to) =C
j=l
@ _ 0 (ti) + ]'j 8 6 (tj)l
x+ 7i yiTi
_j"r
¢90 (tj)
[U (tj, to), V (tj, to)]
[U (tj, to), V (tj, to)] (G39)
A 8"i" (tj)
U(tj 't°) = "aT"
0
A 87 (tj)
V (t j, to) = 8 F o
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f,-
;r
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Now, obtain the matrix C(t i, to ) in terms of U(t i, to)and V(t i, to). Obviously,
C (t i, to) = j=_ T"j,_oUL_/L_J--J[U (t j, to) V (tj, to)]
(tj, [u %)1
+ T (tj, to)_ L° iJ (tj, to) V (tj, ,
since
T
ra0 (tj_ T
and similarly
_'i =
Combining terms
C (t i, to) =
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[U (tj, to) V (t i, to)l
For the circular orbit example
O0 ]
0_" 2 2 I-y, x, 01
x +y
_ Islet , -coscotR
a6 1
OT (x 2 + y2 + z2) (x 2 + y2)l/2
[-xz, -yz, (x 2 + y2)]
since
x(t) = -Rcoscot, y(t) = -Rsincot, z(t) = 0
-T -T
The row vectors K and J for this case have the form
-T 0 0
K = o"_'[u'v] =[K 1,K 2...K 6]
J-T = O'-_O_[U,V] = [J1,J2 ....J6]
where
FaT (t.)-], FaT (07L- --oJ j
are the two submartixes of the circular orbit Keplerian state transition matrix.
Using the above values of x (t)s y(t), and z(t), and the previously obtained
value s for
F__T (t)] and FO_"(t)l
L-a-_--oj L-TT_-oj
Thus, the following equation is obtained:
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30 0 'II
II
.-'13
I
4- I
÷ 4-
v
_I•_I.
3 0
3
u
v
i
_ _ o
I
-;, +
| _ '_
"w"
0
m
r-X-n r----g-_1
!l"
i N
-612-
r
0 0 m
•_I ';
i
4- i
3 o
÷ 4-
I N 3 0
._.
o Q o
A
o
_ j
v
i
÷
o
o
N
,J
o
o
0
m
.?
Hence
i
(3 cot - 2 sin cot)/R
(1 - 2 cos cot)/R
2 (1 - cos cot)/v
3 cot - 4 sin cot/v
0
m m
o
cos o_t/R
Obviously, matrix C is obtained by simple addition of the two above
6 by 6 matrixes.
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217
The orbital period of a satellite in a circular orbit is defined by T - _-
where e in the mean angular motion of the satellite. Assume navigational
sightings are made in equidistant intervals of time, At = mr/am , over the
orbit, where n is the total number of observations made in one full period,
and m = I, 2, 3, . . . is the total number of complete orbital revolutions.
Then multiplying and dividing the summation for the C matrix in (G39) by
At ,
nm
C (tm, to) = mT
j=l
where
tm = t o + rnT
It is assumed that n is large enough so that this sum can be approximated
by the integral
fo
t o
+ mT
-T
z +T TT1d,
One then has the value of matrix c at the end of mfull periods
approximated by
t o + mT
lo -T -T
_,= __rim IK(t) K (t)+J'(t)J (c)ldc.
C (tm, to) mT
-614-
Recall thae _e C maccix is defined as
i T
j_ L J _ J
The sq_._re _a_a-ices K _T a_d _'_
3v_t - 2 SL_ _L) 2
R 2
(_ - 2 cos _3 (3 _.-2 s_ lob
KK - 0
2(_ - cos _) (S _ - 2 I_
Rv
(3_ - 4 _L=_) (3 _ - 2 s_,, _J
_.v
o
0 0 0 0 0
0 0 0 0 0
col 2 _t 0 0o _
0 0 0 0 0
0 0 0 0 0
R
(3 ,,.'t- 2 s_ v'_) (1-2 cos _)
1,t_.
(1 - 2 cos ,.,..)2
0
R 2
0 0
2 (1 - cos _ (_. - 2 cos _t) 0
(3 _ - 4 I, Ln _) (1 - 2 cos .,'_ 0
_v
O 0
0
0
Rv
0
0
IIL_ _l ,,,'t
0 2(3 _t - 2 si_ _t) (i - COl ._¢) (3 ,.,t - 2 lii_ ,._) _3 w't - 4 I;i.= _,.'_) 0
2 (1-2 cos _) {_.- cos _0 (_. - _ cos _) (3 _ - 4 ¢.n .._
RT EV
0 0
v 2 v 2.
2(3 vt - 4 m:_ _ (_. - co,, _.) (3 ,..'t - 4 s_ ,.'t) :_
v2 ,,_
o 0
0
o_
-6z -
Letting t o equal zero and performing the integration of each element of C
.... "_ _; r_7; [_,'. " ',2 rl, :_ r 2)
..... :) :; r,, _ 0 _ 0
C" (.:., tr,) = nrJ
Rv Rv
" O _ R" 0 0 0
_," r ; 0 ! 61 6n _ r)
- /7-/ --_J',' F', v"
il', P,v v_" r z
0 _ 0 0 0 ! v2
2
In evaluating the integrals the fact t._.t m o_ T -2rn_ haft been employed.
The inverse matrix C -1 ( rm, ro ) can then be shown to be
3 m _ I" * 3_ 30 rr, • -30 m • - (3m _ w2 * 22)
2 "7- 0 0
' Rv Rv
R2 2
6 r_"n (_ ;! I, 2 - 6)
c;
30 m._w (36 m 2 _2 . I08) 0 . (3Q m2 f2. 72......__) - 24 m_ 0
v _ v 2 Rv Rv
('.2 rn 2 2 -';2)
D 0 ,c 0 0 0
v
' -_ _ • -(30 n_ 2 2 . 72) 0 (27m2 w2 54) 24 m •
Rv Rv R2 _ 0
_ .=._ ..... __- - 24 m , (3 24 rn _ (3 rn 2 •2, 14) 0
R_ R. R_ F_2
(_2rn 2 ,2 -_2)
0 0 0 0 0
L s_
Note that after injection into orbit Cis symmetric and positive definite and,
hance, C -1 is also symmetric and positive definite. Therefore, we are assured
of the existence of the matrix C-1. Note, too, that C-1 matrix is the value
attained after m full periods of the reference orbit. In the general case of non-
circular orbits, the c -1 matrix is a function time and is considerably more
complicated.
(G4o)
Now assume the errors in measuring the angular coordinates of the
planetary center 8j (tj) and _j (tj) are normally distributed with zero bias
about the mean, the errors in measurzng _ and ¢ are uncorrelated, and the
errors occurring in _ or in ¢ _t different times are uncorrelated. Then the
coveriance matrix of errors at injection is
-616-
I 6 to T}_o (t_l' to) = E 8"_o " i
_ _ ,,_,_i_ _ ,,_l>= E i Lc %" t°) j=_-(v'J ' i(t_' %) ' J---'_(_j 6 (_j_.jj- .r
,)
where E denotes the mathematical expectation. The last equality holds since
the errors occurring at two different times are uncorrelated. If o 2 is the vat-
lance of error in making an angular coordinate observation of either 0_ or 4_,
then
can be written in terms of a,
For
, f_,.,-K,_,,- _,2_,_,,,,'t•,.,_ _T,. f_,}
Now the variances of 80 and 84 are given by
2
_0 = E I(80-9(S0) 2}
2
_4 = E {(84 - _84)2_
respectively, where _80 and #8_ are the mean values of 80 and 84.
From the precedLng a=..=umption_ _0 - _ = 0.
Therefore,
2
_ = E {8021
2
c% = E'-'_(sO2)
but from the above assumptions
2 2
e@ = _4 = _2 ,
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and so
E {592} = E {5¢2} _-2 .
Hence expression (G42) reduces to
n T T 2
(_ KkKk + JkJk ) a .
k;l
Substituting this expression into (G41)
(k_1 - -T -_a 2 C- 1 to)T
Po (tin' to ) = C-I (tin' to) Kk Kk + _k ] (tin,
= o 2 [C -I (tin, to)T
since the Bummation term is simply the C matrix.
Since C-1 is symmetric, C-1 = ( C-1) T and hence Po (tin , to ) = °2 L-1 •
Thus, Po (tin' to) is given by
R 2 v 2 rt2
Po (tin' to) "
6 am (m2 n2 -6)
3 m 2 v 2 + 52 50 m • -30 m _ - (3 m 2 if2+ 22)
30my 36m 2v 2- 108 -(50m 2n 2-72) - 24m n
-- 0
v 2 v2 Rv Rv
12 m2 rr2 - 72
0 0
v 2
27m 2rr 2- 54 24m_,
0 R 2 R-'-_
24m_ 3m2_2+14
0
R 2 R 2
0 0 0
0 0
-30 mn'
Rv
-(30m 2.2- 72)
Rv
-(3m 2_2+22) -24rare
Rv Rv
0 0
0
0
0
12 m2 tr2 - 72
R 2
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At time to ' the covariance matrix Po (tin'to ) is in theory defined by
Po (tin' to) =
E {8xo21 E [Sx o 8YoJ
E [Sy o 8Xol E [8y2o }
E [Sz o 8%1 E 18% 8yo}
E {84 o 8Xo_ E {SXo 8yo I
E 18_o 8%1 E i8))o 8yol
E {8_o8Xol E 187-o 8yol
8 2 8z 2
YO_" " " O
• . . E {Sx o 8:_ o}
• . . E{by o 8Zol
• .. EISz o8_o}
• . . E {8 4 o 8 £o I
2
The expectation of 8x o ,
ard deviation of error in each of the coordinates 8x
0
• .. E {8)) 0 8_ol
• .. E 18_21
is the variance or square of the stand-
, 8yo... and 8z o •
Theexpectationofthecrossproductterms(e,g,, E{Sx o 8Zol) is theproduct of
the correlation coefficient with the product of the standard deviatxons of error
of each of the two coordinates. Since C -1 is symmetric it is obvious that the
correlation coefficients Pij and Pji are equal. Thus, from expressions (G40)
and (G43)
R _ m 2 _2 + 32o (8x) _ m 2 n2 - 36
4-77
R ./6(m 2n 2- 3)
o (Sz)= _
v ,,,/_. (3 m 2 _.2 _ 6)
.......... O"
c8x>= x21 v 2cm2.2_
v _/3 m2 n2 + 14 o
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o(Sz) = v/E{Sz2} _ _/_v°
P (Xo'Zo) = P (Yo'%) = P (_o'%) = P (90,%) = 0
P (xo,Yo) =
5mrf
[(3 m2 n2 + 32) (m2 n2 - 3)}1/2
P (Xo,_o) =
-10 m rr
[(3m2 v2 + 32)(3m2 n2 - 6)1/2
- (3m2 ,r2 + 22)
P(x°' 90) = V/(3m 2_r 2+32)(3m 2rr 2+ 14)
P(Xo'Zo) = P(Yo'_o) = P(ZoZo ) = P(5o_o ) = P(90'Zo) = 0
-i
P(Yo'_o) " T
(5m 2 n2 - 12)
[(m 2n 2-3)(3m 2n 2-6)] 1/2
P(Yo'Yo) =
-4
[(m2 n2 - 3)(3m2 rr2 + 14)]I/2
The covariance matrix of errors at time tin,Pro(tin to ), is
Pm (tin'to) = E{Sx(tm).Sx T(tm)l
= E _ft (tm, to) SX ° • 8x o Til T (t m, to)}
= fl (tin' to) Po (tin' to) _T (tin, to )
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The state transition matrix (linear prediction matrix) _ (tin, to ), given by(G21), simplifies for m full revolutions to
:+,
k
n(t m, t ) =
0
1 0
-6mTr 1
0 0
6mlrv 0
R
0 0
0 ,, 0
= I+ &Q(t m, to),
0 0 0 0
-6m _rR0 0 0
V
1 0 0 0
0 1 6m_" 0
0 0 1 0
0 0 0 1
where
&_ (t m, to) =
0 0 0 0 0
- 6 m_r 0 0 0 - 6m_rR
v
0 0 0 0 0
6m_rv 0 0 0 6mTr
R
0 0 0 0 0
0 0 0 0 0
m
0
0
0
0
0
0
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Hence.
" Po + [_'_' Po + Po _nT + _N" Po "ANT] • Po 4..*.p
0
• P +. p,2v2o 2 0
o 8r_n(m f'-e) sore,1
0
0
o o o
0 0 0 0
J'"' _ "1
[_a-_._,1 o _*'-,_ oL--_-_j
0 0 0 0
R | v| l
Pm (t=, to) • 6ree(r_2r_ . s)
-30 = -(3 m = ,2 + 22)
v2 _ 0 _ o
Rv 1_v
- 0 m r 1311 m :l r_ - _08) 0 -,_30 m | f2 . ?:_ e4m.__.T 0
v 'I xv Rv
0 0' _ 0 0 0
30 ms, .. 30 m 8 ir fr - '/2) 0 _) -_4 rnlr 0
v_ Rv P.° ' Rv
- 3 m 2 w2 ÷ 22) 24 na r 0 -24 _ _ (3 m 2 f2 + 14) 0
Rv Rv Rv _
0 0 0 0 t. 0 (12 _ t,2 - 72
Rz
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Since APhas zeros on its main diagonal, the expressions for standard devi-
ations of error in x, y, z, x, y, z, remain unchanged from the initial time to until
the end of m full revolutions at time tm . The only change that occurs in the p
matrix during this time interval is the sign reversal of Pxy, Px_, Py_, P_
6. Error analysis. In order to compare the accuracy of the optical on-
board technique of determining an orbit around Mars with the accuracy of the
primary alternate technique of doppler tracking using the DSIF, accuracy calcu-
lations were made on a circular orbit for which the DSIF accuracies were avail-
able. The orbit considered had an altitude of 2300 km and a period of 3.6 hours.
Readings were assumed to be taken every 5 minutes, giving 43 readings during
each orbit. Assuming that the angles between the planet center and the stars
can be determined to a i- _ accuracy of 1 minute of arc (standard deviation =
la = 1 minute of arc) the resulting l-a accuracies in position and velocity are
shown in figures G3 and G4 for 12 orbital periods. The curves for the doppler
tracking are also shown and are based on a doppler tracking standard deviation
of 0.02 meter/sec. The accuracies for the on-board technique lie between the
best and the worst of the doppler curves and would still match the worst of the
doppler curves if the error were an order of magnitude greater. It should be
pointed out that the coordinate frames for the two types of measurement were
not oriented identically, but this is not significant since we are only comparing
general magnitudes of errors. The results are plotted in figures G3 and G4.
Although calculations were not carried out for elliptical orbits, there is no
reason to doubt that accuracies equivalent to the doppler tracking accuracy could
be obtained for elliptical as well as circular orbits.
The results indicate that, in general, on-board optical tracking of the Mar-
tian orbits considered for Voyager would result in position accuracies between
0. Z and Ikm and velocity accuracies between 0. 1 meter/sec and 0.5 meter/sec
if the standard deviation of angle measurements can be kept to 1 minute of arc.
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APPENDIX H
SCIENTIFIC PAYLOAD AND ANTENNA POSITION CONTROL SYSTEMS
I. Scientific payload position control. The payload consists of a video
camera, an IR camera, a planet horizon sensor, and other detection equipment
mounted on a platform with freedom to rotate about two orthogonal axes as
shown in figure HI. By controling angular position of the platform about both
axes, it is possible to hold the payload in a fixed orientation with respect to the
planet. A two-channel horizon sensor mounted with the payload will detect its
orientation with respect to the planet local vertical and supply error informa-
tion to position the payload about the pivot and rotation axes. In this way the
payload will be oriented to continuously monitor the surface of the planet.
a. Performance requirements. Pointing accuracy of the cameras
must be held within 0.5 degrees with respect to the planet local vertical in
order to allow accurate monitoring of the surface. The maximum operating
angular rate capability of the camera platform positioning servomechanism will
be 0.00087 rad/sec corresponding with the maximum angular rate of the satellite
about the planet. A rate capability of 0.00348 rad/sec will be necessary for
platform retraction during planetary entry and orbital correction phases of the
mission. The platform rate accuracy must be held within 0.000040 rad/sec to
prevent camera blurring effects.
b. Position control concept. The automatic position control system
required £o maintain payload orientation with respect to the planet will consist
of a servomechanism controlling rotation about each of the two platform axes
(see figure MI). A component block diagram of the system configuration for
the pivot axes is shown in figure HZ. The platform rotation axes system will
be similar to that shown for the pivot axes.
As illustrated by figure HZ, position of the payload with respect to the
planet local vertical will be detected by a horizon sensor mounted on the plat-
form. Output from the horizon sensor is a voltage proportional to payload
angular displacement from the local vertical. This voltage is summed with
position command information from the computer and operated on by compensa-
tion networks to provide an input signal for the motor drive amplifier. The
drive amplifier will provide a balanced two-phase 400-cps output to the instru-
ment servo motor. The drive motor is in turn coupled to the platform axes
through a speed reducing unit. Deviation of platform position from that com-
manded by the computer will result in drive motor rotation to restore the
desired platform position. Under normal operating conditions the computer
input signal will be zero so that the control system will orient the payload
along the planet local vertical. It is anticipated that payload pointing errors
-626 -
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&L
generated by rotation of the vehicle about the planet will be compensated for
primarily through operation of the rotation axes. However, the servomecha-
nisms on both axes will provide whatever torques are necessary to maintain
commanded attitude.
c. Drive motor. The drive motor will supply mechanical power
necessary to rotate the payload at 0. 00348 rad/sec and at a somewhat higher
rate for the slewing operation. Analysis of motor loading effects shows that
under test conditions at l-Earth-gravity power requirements will include:
payload platform support bearing friction loss, load acceleration power, trans-
mission friction loss and motor friction loss. The total torque required at the
motor shaft to supply all demands will be less than 0.2 oz-in. This torque
level can easily be supplied by a size 8, Z-phase, 400-cps instrument servo
motor. It is interesting to note that under the free-fall conditions existing when
the vehicle is in orbit around the planet, bearing loads will reduce to random
effects with the exception of extremely light acceleration loadings. As a re-
sult, torque demands on the motor will be even further reduced.
The size 8 instrument servo motor for this application will weigh approxi-
mately 3 ounces and will require an input power of 2 watts. As outlined under
the transmission section, the motor will be housed in an inert atmosphere
within a hermetically sealed enclosure and hence will not be exposed to the
rigors of operation in a vacuum.
d. Tachometer. A small, two-phase, 400-cps instrument tacho-
meter will be used on each axes of the payload drive system to improve system
dynamic performance and velocity accuracy. This device will be procured as
an integral part of the servo motor assembly if performance requirements
permit. Low null quadrature and fundamental components of output voltage
will be important to proper functioning of the rate loop when tracking near
zero speed, and will be considered in detail during the design phase of the pro-
gram. The tachometer will weigh 8 ounces and will require 5 watts of 400-cps
power.
As with the servo motor, the tachometer will be located in an inert gaseous
environment at approximately one-half an earth atmosphere of pressure within the
hermetically sealed harmonic drive transmission.
e. Electronics. Exclusive of the planet horizon sensor, electronic
components required for each axes of the payload drive system will include a
summing preamplifier, a compensation network,and a power amplifier. The
electronic package will be designed using completely passive circuitry with
welded modular construction. Each unit will weigh 4 ounces and will require
3 watts dc power.
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f. Operation of slidin_ parts in a vacuum. A major state-of-the-art
problem associated with past space vehicle missions has been cold welding en-
countered on sliding and rolling metallic surfaces operating in the vacuum of
space. A number of solutions have been used to counter this problem and some
have been successful on long-term space missions. Special solid lubricant
coatings have been used on bearing gear tooth and slip ring surfaces on a num-
ber of programs including OSO and Midas. Gold plating of contacting bearing
and gear tooth surfaces was used on other satellites including Advent and
Nimbus. An O-ring grease seal technique was used on the Mariner satellite
to retain critical components under a low pressure. Still other applications,
including the Midas satellite, used hermetic sealing of rotating parts within
an inert atmosphere through application of the harmonic drive transmission.
Preliminary consideration of the requirements on the Voyager payload
drive suggest use of the harmonic drive transmission to provide the required
speed reduction on each axes while enclosing the drive motor and tachometer
within a hermetically sealed inert atmosphere. In addition, bearing and spline
surfaces that must be located outside the harmonic drive hermetically sealed
enclosure will be treated with special solid lubricant applications similar to
those used on the OSO satellite.
g. Harmonic drive. There are three components that are basic to
harmonic drive concept. These are:
1) Wave generator
Z) Flex spline
3) Circular spline.
Each is illustrated and labeled in the hermetically sealed unit shown in
figure H3. The wave generator performs two functions. First, it is elliptoid-
ally shaped and transmits this shape through its bearing to the thin-walled
flexspline. Second,rotation of the wave generator will cause a rotation of the
elliptoidal shape on the wave generator and in the thin-walled flexspline.
The flexspline is a thin flexible member with integral spline teeth in the
position shown in figure H3. For the harmonic drive illustrated, the flexspline
is terminated at both ends in a closed diaphragm so that the enclosed volume is
hermetically sealed from the outside and can be maintained under pressure.
The circular spline is a rigid, circular member with spline teeth on its
inner surface. The diameter of the circular spline teeth is slightly larger than
the average diameter of the flexspline teeth so that when the two are meshed,
teeth near the major axes of the e11ipsoidally deflected flexspline will engage
while teeth near the minor axes will be completely disengaged. Teeth on the
-630-
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flexspline and circular spline are cut to the same circular pitch with the smaller
flexspline carrying slightly fewer teeth than the circular spline.
.As the wave generator (the input) is rotated, points on the flexspline ahead
of the major axes are deflected progressively outward to engage the circular
spline teeth. This rotation of the elliptoidal shape also produces a tangential
displacement of the flexspline at the minor axes of the ellipsoid causing rela-
tive rotation between the flexspline and the circular spline. The output circular
spline will move at an angular rate which is related to the angular rate of the
input wave generator by the ratio of the number of teeth on the circular spline
to the tooth difference between circular spline and flexspline. Because the
tooth difference is small, the ratio can be very large within one stage of reduc-
tion.
In addition to the advantage of hermetic sealing, the harmonic drive also
offers substantially lower backlash than is available using class two precision
gearing and has a velocity accuracy that is an order of magnitude better than
that of spur gearing due to the unique manner in which the spline teeth engage.
h. Gear ratio. The gear ratio between the payload and the drive
motor has been sized on the basis of maximum possible motor speed providing
necessary life for the Voyager mission. A ratio of 13,600 to 1 will be divided
between a I00 to I gearhead mounted integrally with the two-phase instrument
drive motor tachometer combination and a 136 to i ratio harmonic drive. This
configuration is shown schematically in figure H3.
The 100 to 1 gearhead will be located within the hermetically sealed atmos-
phere of the harmonic drive and hence will not present tooth welding problems
due to operation in the vacuum of space.
i. Accuracy. There are a number of factors that will affect the
accuracy of the payload position control system.
1) Planet horizon sensor accuracy
2) System velocity error
3) System acceleration error
4) System friction torque error.
Planet horizon sensor accuracy is dependent upon a number of factors but
can generally be depended on to provide sensing accuracies of between 0.1 and
0.4 degree. Since allowable error between payload position and the local verti-
cal is 0.5 degree, approximately 0.1 + degree may be used for systematic
errors listed above.
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Since acceleration is essentially negligible in this application and velocity
constants as high as i0 to 20 thousandcanbe achieved, the required position
accuracy does not appear unreasonable. The system will be designed for an
adequatetorque constant to minimize position errors causedby torque dis-
turbances. However, as discussed previously, the weightless condition en-
countered during free-fall will substantially reduce the small bearing and gear
friction torques that will be encounteredunder the influence of i Earth gravity.
Z. Four-foot antenna position control system. The 4-foot antenna used
for Earth communication during the rnidcourse portion of the Voyager mission
must be pointed at the Earth with an accuracy of 0.5 degree until the vehicle
has entered its final planetary orbit. A schematic of the general antenna and
mounting configuration is shown in figure H4.
Since the position of the antenna with respect to inertial space will be
commanded by stored information in the computer as a function of time, it is
evident that the position control system outlined for the payload may be applied
for antenna position control with the exception that the planet horizon sensor
will be replaced with an induction potentiometer sensing antenna position. The
payload position control component block diagram is shown in figure HZ.
3. Eight-foot antenna position control system. The 8-foot antenna (see
the general configuration schematic in figure HZ) will be deployed after the
Voyager vehicle has entered its planetary orbit. This antenna must be directed
at the Earth at all times with an accuracy of 0.5 degree.
As in the case of the 4-foot antenna, the position of the unit will be com-
manded by stored information in the computer. Again, the payload system
outlined in the figure HZ component block diagram may be applied directly to
control this large antenna except that the planet horizon sensor must be re-
placed with an induction potentiorneter.
4. .Weight summary. Table HI is a weight summary of the position con-
trol systems required for the antennas and scientific payload. It is to be noted
that induction potentiometers are only required for the antenna position control,
since the scientific payload position control can use the horizon sensor for rate
sensings.
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APPENDIX I
ORBITER TOTAL IMPULSE REQUIREMENTS
I. Introduction. The total impulse requirements for the orbiter vehicle
have been determined for the Mars 1969 {type II) mission, with an interplane-
tary cruise period of 300 days and a Martian orbit life of 165 days. Control
impulse is required for maintaining a desired attitude during the interplanetary
cruise and the Martian orbit, and is a/so required for reorienting the vehicle
for special purposes. In addition, control impulse is required to offset the
effects of the following disturbances:
I. Initial angular rate of 3 deg/sec (maximum), following separation from
the Saturn booster
2. Meteoroid impacts, during entire flight
3. Solar radiation torques, during entire flight
4. Gravitational gradient torques, during Martian orbit
5. Inertia forces from payload indexing, during Martian orbit
6. Magnetic torques, during Martian orbit
The vehicle characteristics assumed are as follows:
TABLE I1
VEHICLE WEIGHTS AND INERTIAS
Mission
Phase
1. Transit
2. Post-lander separation
3. Martian orbit
Mass
(pound s)
7Z6Z
5410
1966
Moments of Inertia,
Ixx (roll)
Z866
2501
1419
Iyy (pitch)
5813
1753
996
s lug- ftZ
Izz (yaw)
5477
1416
940
The torque arm for all jets is 8.3 feet. There are 12 jets, or four per
axis, for the cold gas subsystem; these jets are operated in coupled pairs to
provide pure torques. The control jet minimum "on,' time is 0. 010 second,
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and the control jet thrust level is 0.03 poundfor all axes, based upon acquisi-
tion and reorientation times.
Z. Total Lmpulse calculations
a. Initial acquisition. The total angular rate after separation from
the Saturn booster is 3 deg/sec. If the angular rate about each axis is taken
3/V_-or 1.73 deg/sec, then the impulse requirements to stabilize these initial
rates can be found:
Impulse = 2 F
3 3
E b i
i=l i=l
where F _-_
b =
! =
thrust for one jet
vehicle initial rate about thrust axis
vehicle acceleration when a pair of jets are on
vehicle moment of inertia
control moment arm (= 8.3 feet).
For a jet thrust level of 0.03 pound for each of the 12 jets, the vehicle
accelerations while thrusting are given in table IZ.
TABLE IZ
VEHICLE ANGULAR ACCELERATIONS - JETS ON
Mission
Phase
1. Transit
Z. Post-lander separation
3. Martian orbit
X axis (roll)
Angular Accelerations - de_/sec z
Z axis (yaw)Y axis (Pitch)
0. 005
0.016
0. 030
0.01
0.01
0.0Z
0. 005
0.0Z0
0. 030
-637-
The total impulse for each axis is then
ITx = 2 (0.03) = 10.4 lb-sec
ITy = 2 (0.03) = 20.8
ITz = 2 (0.03)
-_/(-_-_/ = 20____8
Total = 52.0 Ib-sec to null the 3 deg/sec rate.
The initial acquisition is not completed until the vehicle has reoriented to
the sunline Canopus-line attitude, if a reorientation rate of 0.1 deg/sec, and
one start stop is required for each axis, then
3
Impulse = 2x2 F .-_
i=1
I 0. I 0.I 0.I= 2×2 003) 0.5f5 + ÷ 0. 0 = 61Wsec
Total impulse for initial acquisition is therefore 52 + 6 = 58 ib-sec. The
time required to null the initial rate (per axis) is t - @ - 0.005 - 346 seconds
for pitch or yaw, and only 173 seconds for roll. Assuming the three axes are
sequentially nulled, then the total time would be 346 + 346 + 173 = 865 seconds
or less than 15 minutes. This is quite reasonable, so the jet thrust level is
adequate, and table IZ is valid.
b. Cruise limit cyclin_ and solar radiation bias torques. The cruise
phase of the mission (transit and Martian orbit) finds the spacecraft oriented to
the Sun-Canopus frame with the roll axis pointed to the Sun. The solar radia-
tion pressure on the unsymmetrical antennas produces constant bias torques.
The vehicle limit cycles about all three axes with a ± 0.1-degree amplitude
during cruise. The limit cycle rate varies inversely with the moment of inertia
in the absence of disturbance torques. These rates and the limit cycle periods
are tabulated below (table 13), and are derived from the following expressions:
and
2
4
T= 6o
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wher e:
0
At
T
limit cycle body rate (deg/sec)
control torque acceleration (table 12) (deg/sec 2)
limit cycle amplitude (=0.1 deg)
jet "on" time (= 0.01 seconds)
limit cycle period (minutes)
TABLE 13
LIMIT CYCLE ANGULAR RATES AND PERIODS
(no disturbance torques)
Mi s s ion
Phase
1. Transit
2. Post-lander
s epar ation
3. Martian orbit
Limit Cycle Rates, deg/sec
X Y Z
0.5 x 10 -4
0.5 x 10 -4
-4
l. OxlO
0.25 x 10 -4
0.8x10 -4
i. 5 x 10 -4
O. 25 x 10 -4
I. 0 x 10 -4
1.5x10 -4
Limit Cycle Period,
minutes
X Y Z
133 267 267
133 83 67
67 44 44
For no disturbance torque, the total impulse per axis during the transit
period is found from the expression
I T = (transit time) × (transit duty cycle) x 2 F
where F is 0.03 pound. Similar formulas are used for other axes and time
intervals.
The duty cycle and total impulse required for the transit and Martian orbit
mission phases are tabulated by axes in table 14. The time in transit is
2.6 x 107 seconds, and the time in Martian orbit is 1.43 x 107 seconds.
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TABLE I4
DUTY CYCLE AND TOTAL IMPULSE FOR TRANSIT AND
MARS ORBIT LIMIT CYCLING
Mission
Phase
Tr ans it
Mars Orbit
X axi s
0.25 x i0 "5
0.5 x i0 "5
Duty Cycle
Y axis
0. I25 x I0 "5
0.75 x i0 "5
Z axis
0. I25 x I0 -5
0.75 x I0 -5
Total:
X axis (roll)
Total Impulse -- Ib-sec
Yaxis (p{tch)
3.9
4.3
8.Z
no solar with solar
torque torque
2.0
6.4
8.4
Zaxis (yaw)
14.8 2.0
20.4 6.4
35.2 8.4
The total impulse for limit cycling is 52 lb-sec with solar torques included.
The penalty for solar torques is 27 lb-sec, or half the total requirement.
The impulse required to null the solar radiation pressure bias torque is,
strictly speaking, not additive to the limit cycle torque. Indeed, when the bias
torque is more than 25 percent of the nominal total impulse per axis, the total
impulse is computed from
iT = L- L°'DI= L 'DI
r
where
L is the mission time, seconds
O'D is the disturbance acceleration, rad/sec 2
I 'is the vehicle moment of inertia, slug-ft z
is the control moment radius (= 8.3 feet}
is the control acceleration.
Comparing the above expression to the expression when the disturbance
torque is zero, i.e.,
IT = L ....r 0 "-_
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where
is the limit cycle rate, rad/sec
is the limit cycle amplitude, radians.
It is seen that the ratio of total impulse with and without bias torque is
. Examination of the two above expressions show that there is no im-
b2/e
pulse penalty for small solar torques, i.e., when I_l < _2/_ . (See ref. I.)
It is therefore quite conservative to sum the solar bias torque impulse with
that required for limit cycling, as was done here.
The solar torques on the antenna dishes were computed from the following
assumptions:
1) The 4-foot diameter dish is deployed in transit, while the 8-
foot diameter dish is deployed in orbit.
Z) The effective area of each dish is 30 percent of the circular
area, due to mesh construction.
B) The moment arms from the center of each dish to the body roll
axis are 11.5 feet in transit and 13.3 feet in Martian orbit.
4) The solar pressure at the Earth's radius from the Sun was
used during the entire interplanetary transit. This pressure was reduced
during Martian orbit as the inverse square of solar distance.
5) Perfect reflectivity (a conservative case) was assumed.
6} An average Value of 45 degrees for the sun-vehicle-Earth
angle was assumed.
7} _The solar radiation pressure at Earth radius was taken at
9.4 x 10 -8 lb/ft =.
8) Although the antenna placement produces torques about the
pitch and yaw =xes, the ass-._.-nptionthat _II th_ antenna bias torque acts about
one axis {pitch) was used in these calculations. This is a conservative assump-
tion.
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The solar radiation pressure torque impulse is determined from the
r elation
IT L trosit
where
p --
A" --
P A "1L t
+
r Mars orbit
Z
L =
r
From the foregoing, we have
(9.4 x 10 -8) (3.77) (11.5) (2.6 x 107)
IT = 8.3
solar radiation pressure in lb/ft Z
effective antenna cross section (30 percent of circular area) in
square feet
antenna moment arm in feet
mission time in transit or Martian orbit in seconds
control moment lever arm in feet.
= 12.75 + 14.0 = 26.8 lb-sec for solar torque
c. Orientation
(4.03 x 10 -8) (15.1) (13.3) (1.43 x 107)
8.3
1) Transit. During transit there are three midcourse AVcorrec-
tions (three orientations and three reorientations) and one orientation for lander
separation. Each maneuver consists of a O. 1 deg/sec orientation about the
pitch and yaw axes.
Impulse = 2x2F + x7
f 0"10.005 0.005 1"1 lx
= 2 (2) (.03) + _.
= 33.6 lb-sec.
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2) Post-lander separation. Following lander separation there
are the following maneuvers:
a) One reorientation from lander separation attitude to
cruise attitude
b) Three h V corrections (retrothrust and two terminal
corrections)
c) One orientation for orbital injection.
Each maneuver consists of a 1. 0 deg/sec orientation about the pitch and
yaw axes.
Impulse = 2(_) (0.03)
= 107 Ib- sac.
1.0 1.0
x8
3) Orbit. Following orbital injection there are the following
maneuver s :
a) One reorientation from orbital injection attitude
b) One AV correction (orbit trim maneuver).
Each maneuver consists of a 1.0 deg/sec or orientation about the pitch
and yaw axes.
Impulse = 2(2) (0.03)
= 24 Ib-sec.
x3
Total impulse requirements for orientation:
33. 6 + 107 + 24 = 165 lb-sec.
d. Payload indexing. Payload indexing consists of reorienting the
scanning payload through 360 degrees when it reache_ the end of each scanning
period so that it is correctly pointed to start the next scan. For maximum
data acquisition, a short time should be used for payload indexing. Assuming
an orbital period of 7. 36 hours, a total indexing time of 8.8 minutes or 2
percent of the orbital period was used, Indexing is accomplished by means
of a constant acceleration for half this time, followed by a constant decelera-
tion for the remainder of this time.
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The payload mass of 200 pounds has a radius of gyration of 2. 5 feet, or a
moment of inertia of 38.8 slug-ft 2. It is indexing through 360 degrees once
for each Martian orbit, and there are 538 Martian orbits.
The impulse required for payload indexing is derived below:
T D t 2
I 2
or
20I
TDt = _
t
Impulse = Ft
20I
m
_t
Total impulse = IT = 2 Ft = 2(2) (_) (38.8) = 0. 223 lb-sec
8. 3 (263) indexing
where
0 = payload angular motion for one half of indexing cycle ( = 180 degrees)
/ \
TD = disturbance torque couple (ft-lb) when indexing = I0 = 38.8 2(___)
= 0. 00352 ft-lb.
t
F
It
= payload inertia (= 38.8 slug-ft 2)
= time for motion through one half of indexing cycle (= 263 seconds)
= jet radius ( " 8.3 feet)
= jet thrust ( = 0.03 pounds)
= total impulse per indexing cycle .
The total impulse is then:
(0. 223)" (538) = 120 lb-sec.
The ratio of control torque to disturbance torque should be considerably
greater than unity for adequate margin. The control torque is
T = 2rF = 2(8. 3) (0.03) = 0. 50 ft-lb.
The ratio of control torque to disturbance torque is 0.5____0 = 142.
0. 00352
This high ratio further supports the adequacy of the jet sizing of 0.03 pounds
per jet.
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e. Gravity gradient. The instantaneous gravity gradient torque on the
inertially oriented satellite while in Martian orbit can be expressed as (ref. 2),
R 3
Where
_G = gravity torque vector
gp = acceleration due to gravity at radius Rp
Rp = radius of planet Mars
R = orbital radius
il3JBkB
the Sun
= satellite body axes, wherei B is the X axis pointed towards
IXIyI Z
iolok o
^
ko
^
i o
= principal moments of inertia about body axes iBJBk B
= local vertical coordinate system
: along gravity vector
: normal to the orbital plane.
From the above, the gravity gradient torque is proportional to the sum of
the differences in the principal moments of inertia, and varies inversely as
the distance from the planet center cubed.
Torque expressions about the three body axes were determined in terms
of the orbital parameters. The average torque per orbit about each axis was
then found, and from this, the total impulse required for gravity torques. The
differences in the principal moments of inertia are:
Iy - Iz = 56 slug-ft 2
I Z - Iy = -479 slug-ft 2
Ix - Iy = 425 slug-ft 2
From this and the first equation it is seen that the torque about the roll
axis is an order of magnitude less than the torques about the pitch and yaw axes.
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From this and the first equation it is seen that the torque about the roll
axis is an order of magnitude less than the torques about the pitch and yaw axes.
Ifa circular orbit of 1500-kin altitude were assumed, then the average
torques per orbit would be
TXAvg = 1.51 x 10 -5 ft-lb
TYAvg -- 1.24 x 10 -4 ft-lb
TZAvg -- 1.14 x 10 -4 ft-lb.
When converted from a circular orbit at 1500 km to an elliptical orbit of
1500 x 10, 000 kin, ref. 2 gives the following relationship for reducing the
torque per orbit:
TElliptical - Avg =/R_ 3
Tcircular - Avg
For the elliptical orbit:
a = 9150 km
(1 - e2) -3/2
R = 4900 km (periapsis)
e-- 0.47 .
Therefore,
TElliptical- Avg _4900 ._3 0.472)_3/2
Tcircular_Avg =_9-_J (1- = 0.223.
For the actual Martian orbit, then, the average torque per orbit is
= 0.336 x 10 -5 ft-lb
= 0.276 x 10 -4 ft-lb
= 0.254 x 10 -4 ft-lb.
TXAvg
TYAvg
TZAvg
The total required impulse is then found from
TAvg x (time in Martian orbit)
IT - control moment arm
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1.43×107)ITx = (0.336× 10-5) 8.3 = 5.80lb-sec
_1.43×107)ITy = (0.276× 10-4) _ 8--3 = 47.6 lb-sec
107
ITz = (0.254 × 10 -4 ) 1.43 × = 43.8 lb-sec.8.3
Total = 97,2 lb-sec, while in Martian orbit .
f. Meteoroid impacts. Angular momentum resulting from meteoroid
impacts on the symmetrical vehicle body and the asymmetrical antenna config-
uration have been estimated according to the concepts outlined in refs. 3 and 4.
The relationship
N = 10 -12 mp-4/3 impacts/meter2/sec.
is used to describe the impact flux of particles of mass mp (in grams) or larger.
Since the number of impacts decreases rapidly as mp increases, this relation-
ship may also be interpreted as the impact flux due to particles of mass rap,
There are a number of emperical formulas describing the impact flux of part-
icles in the near-Earth region. Whereas the estimated flux can vary by orders
of magnitude, depending upon which of these formulas (based on abundant obser-
vationl is used, it is felt that attempts to guess the flux in interplanetary space
(where data are very scarce) is not warranted, The relationship used is quite con-
servative in the near-Earth region.
The total angular momentum input per unit time over the projected area of
the vehicle is derived from the first relationship, and is
r = 4x Vp mr, 1/3 - m 1/3 Aa ir i
_:_ D .... "
where
H/r is the angular momentum input per unit time
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Vp is the particle relative velocity before impact
mpmin is the mass of the smallest effective impacting particle
m
Pmax is the mass of the largest effective impacting particle
n
Aairi is the first moment of area about the vehicle center of pro-
i _ 1 jected area. An average impact velocity of 30 km/sec and
all impacts normal to the projected profile were assumed.
assumed.
Upper and lower bounds for mp are required to evaluate the impact flux.
The upper bound is not important since this term contributes little to the final
answer; there is little difference in assuming mpmax of 1000 grams or an in-
finite mass. The lower bound is highly significant, however. For the asym-
metrical antenna dishes (4-feet diameter in transit and 8-feet diameter in
Martian orbit, with 30 percent effective areas, as before for the solar torque
calculations), the lower bound on mp is in the order of 10 "12 grams; a mass
smaller than this would be driven from the solar system since the radiation
pressure force would be greater than the Sun's gravitational attraction. For
the symmetrical body, the lower bound on mp is in the order of 10 -7 grams.
Lower values of mp will cause such a large number of impacts on the symmetrical
body over the time interval of one half a limit cycle (at least 30 minutes in most
instances, at times more than 2 hours) that the net sum of these stochastic
bombardments is effectively zero (ref. 4).
One final consideration is the momentum multiplication factor, Q, which is
the ratio of the momentum acquired by the vehicle to the initial momentum of
the impacting particle. It is shown (ref. 4) that
Qmax = 1 + _me/m p
where me is the mass ejected during impact, and mp is the mass of the impact-
ing particle. The total angular momentum imparted per unit time is therefore
QH
Values for Q are approximately 16 for cometary meteoroids and 38
for asteroidal meteoroids. Assuming that 90 percent of the flux is cometary
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meteoroids and asteroidal meteoroids comprise the remaining 10 percent,
the perturbing momentum flux is as follows:
TABLE 15
the n
PERTURBING MOMENTUM FLUX, q-_- (in ft-lb-sec per day)
Mission
Pha s e
Transit
Martian orbit
Vehicle
Body
O. 39
0.39
4-foot Diameter
Antenna
I. 08
8-foot Diameter
Antenna
0
5.13
The total required impulse can now be found from
I-_-I number of daysI T = x torque arm
Secular impulse (antennas)
1.08 (300) + 5.13 (165)
= = 142 lb-sec
IT 8.3
Random impulse (body)
(0.39) (465)
-- 22 lb-sec
IT 8.3
Total = 164 lb-sec
g. Magnetic torques. Magnetic torque on a vehicle is proportional to
the product of the flux density (B) of the magnetic field and the magnetic moment
(M) resulting from electric current loops in the vehicle.
If the magnetic field expression is derived for a magnetic dipole located at
the center of a planet, then the magnetic flux density at the equatorial plane is
proportional to the inverse cube of the distance R from the center of the planet
to the point in question. That is:
B = K/R 3 •
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No information is available about the Martian magnetic field; therefore,
for calculation purposes, assume that the Martian field is the sameas that of
the Earth.
Thenfrom ref. 5
1.43 x 106
B webers/meter 2
R3
where R is the orbital radius in nautical miles.
The magnitude of the magnetic moment (M) is dependent upon spacecraft
hardware design and placement. For the Voyager, the magnetic torques can
be considered negligible if their magnitude is on the order of 10 .5 newton-
meters or less. The corresponding magnetic moment for R = 2600 nm is:
T 10 -5 (2600) 3
M _ _
B 1.43 x 106
0.122 ampere-turns-meter 2 .
Therefore, if the effective magnetic moment of Voyager is controlled to 0. IZZ
ampere-turns-meters Z or less, the magnetic torques can be safely neglected.
For this analysis it is assumed that this is the situation.
3. Summary. The total impulse required with mass expulsion devices for
the Mars 1969 type Z mission is summarized in table I6 below:
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TABLE I 6
TOTAL IMPULSE REQUIREMENTS
(MASS EXPULSION DEVICES ONLY)
l,
2.
3.
4.
5.
6.
7.
Item Impulse (lb-sec)
Total
Initial acquisition
Cruise limit cycling and solar torques
Orientations
Payload indexing
Gravity gradient
Meteoroids
Magnetic field
58
52
165
IZO
97
164
0
656 ib-sec
Assuming a factor of safety of Z, the reaction control subsystem requires a
capacity of 1330 lb-sec of impulse.
4. Use of momentum transfer devices. The use of momentum transfer
devices, such as reaction wheels, in addition to miss expulsion devices, such
as cold gas reaction jets, will alter the total impulse requirements shown in
Table 1 7 shows the total impulse requirements for this situation. These
requirements are subdivided into two categories: (a) the total impulse that
can be handled by the momentum transfer devices, and (b) the total impulse
that must be handled by the mass expulsion devices.
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TABLE I 7
TOTAL IMPULSE REQUIREMENTS - MASS EXPULSION PLUS
MOMENTUM TRANSFER DEVICES
Item
Initial acquisitionl,
Z. Cruise limit cyc-
ling plus solar
torque s
3. Orientations
4. Payload indexing
5. Gravity gradient
6. Meteoroids
7. Magnetic fields
Totals
Total
Requirement
(Ib-sec)
58
52
165
I_-0
97
164
0
Absorbed by
Momentum
Transfer Devices
(Ib-sec}
0
25
0
120
80
1
Re sidual for
Mass Expulsion
Devices
(Ib-sec)
58
27
165
22
0
0
17
142
0
656 247 409
Assuming a factor of safety of 2 as before, the SCS requirements are:
1. A mass expulsion control system (cold gas) with a capacity
of 818 lb-sec impulse.
Z. A momentum transfer (auxiliary) control system (reaction
wheels) that will absorb all expected cyclic torqueswith adequate torque and
momentum capacity.
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APPENDIX J
LIMIT CYCLE ANALYSIS WITH A CONSTANT DISTURBANCE TORQUE
I. Summary. In analysing the bang-bang attitude control system for
Voyager, it has become apparent that fuel savings may be achieved if a small,
controllable, steady-state disturbance torque {for example, a solar radiation
torque) is permitted to act on the vehicle. It is demonstrated here that for a
special level of disturbance torques, this saving may amount to three fourths
of the fuel which would be consumed during normal limit cycling with no distur-
bance torque.
Consider a bang-bang attitude control system utilizing, for example, cold
gas jets as the torque producing device. The limit cycle of a system of this
type will be as shown by a solid line in the phase-plane plot of figure Jl.
__
I_
Ae
LIMIT CYCLE WITH NO
O" OI8TURQ&NCE TORQUE. _
LIMIT CYCLE WITH
DISTUR lANCE TORQUE
I|ITCH I IWITCH I
--.,'_ Figure J-1 LIMIT CYCLES IN PHASE PLANE
The dotted line in figure J 1 shows the limit cycle which could be obtained
by the addition of a steady-state disturbance torque. From the fact that only
one switching line now is crossed, which means that for this case the system
only requires one impulse per cycle, and due to the fact that the average rate r
of travel now is lower during the coast period than for the ordinary (solid
line) limit cycle, it is apparent that the limit cycle shown by the dotted line
will consume less fuel than the ordinary limit cycle shown by the solid line.
'654-
K
Z. Derivation of equations.
It =
It
a,
A0
4
The consumed total impusle (fuel) is given by
= (number of cycles) x (impulse per cycle)
Case I. For the ordinary undisturbed (nominal) limit cycle one has:
(Jl)
where
It
I
L
= total required impulse
= magnitude of angular acceleration due to control torque
= moment of inertia of the vehicle about the controlled axis
= moment arm for the control jet.
= mission time duration
AO, AO = limit cycle parameters (see figure 31).
Assume the turn-around time to be very short compared to the coast time, ie.,
that:
For the nominal limit cycle equation (J2) reduces to
L I (z_b) 2
ITN = " rA O
(J3)
b. Case If. Limit cycling in the presence of disturbance torques -- only
one switching line is crossed
IT [ L E++>+'+IA tcoast + 2 (J4)
655
where Arcoasr is the time required for the coasting process. For the coasting
process one has:
TD
L_DI" T (JS)
where
T D = the disturbance torque
I_'DI= magnitude of the angular acceleration due to the constant disturbance
torque
The coasting motion then is given by
- l_'Di: + _o (J6a)
1
e - _ L_DI,2+_o_+ eo
(J6b)
where 80 , _o are constants of integration. Select t = 0 to correspond with _ =
- A_ and _-A_ which yields
1
(J7b)
When the second switching line is not reached at _ = 0, the coast line obtains
from this result by computing the time required to move from t = 0 to the instant
when _ = 0. This yields the full coast time (from equation (J7a}):(where the
required factor of two has been included)
2A_
Atcoas t =-
4_0 0D== "---'- for 0 .Note that when dD = 0, this is not valid, and Atcoas t A0
(J8)
The case when the coast extends up to the second switching line but does not
cross this line is covered by:
,..AO . - --10Di I .lxi,. + AO -A0 (3"9)
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or:
(AS) 2
I_D_l -- 4A0 (J9)
where
I_DI I = The magnitude of the ideal disturbance acceleration corresponding to
minimum fuel consumption.
With equation (J8), equation (J4) yields:
2LI(AO)
IT= F2A_ 2A_J? (Jl0)
r LI_DI + lel J
If one assumes that
i.e., the control torque is much greater than the disturbance torque, then this
simplifie s to
L IL_DI
_T = (jll)
This result is valid only for nonzero values of I_DI. For I_'DI ,= 0, equation (J3)
applie s.
Nondimensionalizing this with respect to the nominal limit cycle (equation (J3))
one ha s
Which from equation (J9) is valid when
(J12)
(A_)2
4AO -
I "1" 1 ,'_ %
_u z_ I
Limit cycle traces for case II as 0D is increased are shown in figure J2.
upper bound for is one-half the control torque acceleration.
I?Dj I'_Jl
2
An
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8WITC H I liWITCH I
I_ol < I0o: I< I_o+I< ....
I #o.O'/,
Figure J-2 PHASE PORTRAITS FOR DECREASING DISTURBANCES TORQUES
(CASE I1: ONLY ONE SWITCHING LINE IS CROSSED)
c. Case III. Limit cycling in the presence of disturbance torques when
both switching lines are crossed. From equation (J7b) the second switching
line is crossed when
+ t#_)l,:2 + AO,:].-AoAO= -7
or,
I#Dlt2-2A_t 1 + 4AO-- 0
solving for tI :
A0 + /(AO) 2 - 4A0 IO'Dt (JI4)
t I ; I_DI
Which is only valid for 10"DI > 0.
With equation (J7a), the velocity with which the second switching line is crossed
is given by:
01 = /(A0) 2 - 4A0 10;[ (j15)
The negative sign for the square root in equation (J14) is selected to give
the positive velocity at point 1, i.e., 01 > u for class III solutions.
The impulse requirement for this case (assuming the time required to impart
control impulses to be negligible) is
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k
IT =
2t 1
which with equations (J14) and(JlS) yields: (note that the negative sign must be
selected for the square root term in equation (J14)
IT-_. -- O17)
(This is not valid for _'D = 0.)
With the use of equation (J3), equation (JlT) normalizes as follows:
• . 1 + x-_{A0)2/4Ao 10DI
4 1 - _ 1 IOD[ {A0)214A0(AO12/4AO
which is valid for
O18)
(A{}) 2
< I{JD[ <0
- 4AO
(J19)
Limit cycle traces for case HI as l'0"_is decreased are shown in figure J3.
SWITCH I ;8
8WITCH 2
8
63-9"r34
Figure J-3 PHASE PORTRAITS FOR DECREASING DISTURBANCE TORQUES
(CASE II1: BOTH SWITCHING LINES ARE CROSSED)
3. Conclusions. From the preceding, relationships between tota_l impulse
and disturbance torque for a given bang-bang system can now be stated. For the
nominal case (% = 0 ), the total impulse is found from equation (J3)
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. L IIl (A(9)2
ITN A_ (J20)
(A_) 2For the case of large disturbances [0DI ! 4--_--J' the total impulse if found from
equation (J 11).
IT=, L <+) _D (JZl)
The break=even point between the nominal and externally torqued systems is
found by equating equations (J21) and (J20), and is described by
(A_) 2 (J2Z)
lO'DI- A--'T-
Most efficient operation can be obtained by operation at the precise point
described by equation (J9)
141= CA )24A'-"Y- (J23)
Substitution of equation (J23) into (J21) and comparison with equation (J20) shows
that total impulse is reduced by a factor of 4 when I_lis optimum, i.e.,
i) (A_)2IToptimum = L _ (J24)
when operating with the ideal disturbance torque, I_Dil
pulse increases linearly with the disturbance torque for large disturbances,
can be seen by equation (J21).
(AO) 2]
For the case of small disturbances U0'DI < 4AO J' the total impulse is found
from equation J17, which is valid for 10"DI > 0
,_ 4A0
1 + i I DI
(_))2
i
__'_ 4A0
1 I_DI
(_)2
Moreover, the total im-
as
(JZ5)
For very small disturbances, the central bracketed term on the right hand side
is nearly constant, so that the total impulse changes linearly with disturbance
torque. The general shape of the normalized total impulse versus normalized
disturbance torque is given in figure J4 and the exact shape of the curve for
abscissa values from 0 to 1 can be found from equation (J18).
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From figure J4, it can be seen that a desirable design point for a practical
system would be at l.Z6 times the optimum l_DIvalue. This would allow for a
reasonable operating range (±26-i/2 percent) and still assure a fuel saving of
at least 60 percent over the nominal (case I) design.
I T
ITN
1.25 ,.
W
(n
/ I
0.
(_ 0175
I--
0
ll.
_U 0.5
N
.,I
n-
O
Z 0.25
I _ I I I I I I
1.0 2 5 4
NORMALIZED DISTURBANCE ACCELERATION,
63- 9735
Figure J-4 NORMALIZED TOTAL IMPULSE VERSUS NORMALIZED
DISTURBANCE ACCELERATION
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APPENDIX K
STEERING LOOP ANALYSIS
1. Introduction. During the retrograde firing for injection into Martian
orbit, the stabilization and Control System (SCS) operates in the steering com-
mand mode, and receives steering commands or body rate commands in pitch
and yaw from the DCU (the roll channel input in grounded to a command zero
roll rate). These steering commands are generated by the guidance equations
so that the vehicle will attain a desired Martian orbit.
For each channel (pitch or yaw), the steering law in the DCU, coupled with
the vehicle dynamics, leads to the formulation of a steering loop. The vehicle
control loop (of which the SCS is a part) is also operative, and can be considered
as an inner loop.
Since the inner and outer loops interact to some degree, and since each loop
contains a nonlinearity, a dynamic simulation of their combined operation is
required to determine: (I) the effect of the significant parameters on transient
and steady-state response, and (Z) whether or not achievable performance will
meet the mission system requirements.
2. Steerin_ loop. During the orbit injection burn, a form of perturbation
guidance may be used. It has been determined from variational studies that
the optimum trajectory during orbit injection would closely follow the relation-
ship
0 = _o -- Kt
where _ and 0o are referred to an inertial reference frame and t is the time after
start of orbital injection. In other words, a trajectory describing a constant
pitch rate is close to an optimum based on minimum fuel expenditure.
A closed-loop velocity steering technique for attaining this trajectory is
presented here. If inertial axes are established at the start of the burn (figure
K1), then the velocity components along these axes as a function of burn time, t,
can be defined for the optimum trajectory (figure KZ). These axes would be
selected so that one is generally downrange (roll axis), one pointing generally
down towards the planet (yaw axis) and one normal to the planar motion (pitch
axis), forming an orthogonal set. (The exact orientation of these axes can be
selected to minimize the initial transients in the steering loop. )
Considering only the pitch steering, for example, the velocity along the
direction can be determined from the body-mounted integrating accelerometers
andtheDCU (using a body-to-steering axes coordinate transformation). This
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TRAJECTORY
=DOWN_/ARD
(YAW) AXIS
VEHICLE AT START OF THRUST
a = DOWNRANGE ( ROLL)AXIS
Y = OUT-OF-PLANE (PITCH)AXIS
MAR
O=PLANET CENTER
63-9724
Figure K-1 INERTIALLY-FIXED STEERING AXES DURING ORBIT INJECTION
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Figure K-2 TYPICAL DESIRED VELOCITY COMPONENTS ALONG STEERING AXES
VERSUS TIME FOR THE REFERENCE TRAJECTORY
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actual velocity V_can be compared to the desired velocity, VD/g (for the optimum
trajectory) as shown in figure K2, and the velocity-to-be-gained in the _]direc-
tion, Vg_, can be computed from
vsB -- vof 3 - v/3
Since the integrating rate gyros accept body rate commands, a suitable steering
law (analog form) would be
O_= KIvs_ + ):2 ('s_
where the second term on the righthand side is for damping. By similar reasoning
for the yaw channel, the yaw rate commands would be of the form
_c K1 + K2 %rg
= Vgy 7
For completeness, the roll channel command would be
_c m 0
It can be shown that the vector form of the steering law from which these three
planar equations are derived is:
COBc = K1 l'a x Vg + K 2 1a x Vg
where
a
is the total command body rate
is a unit vector in the a direction and
_/D" _avoa + _ vo/_+ fy vor
While thrusting along the vehicle X axis with a specific force of value f ( = T/m).
t_,* _,P1,-,,-_+y changes _i^__ _ :-^._'-_ =_v#, be described by
= / f sin fl cltAV/8
The pitch plane steering loop can now be formulated as shown in ligure K3. The
small angle approximation lot sin 6) is used, since errors for large angles only
represent some loop gain error, which is unimportant.
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K I 4. K z S
o,
STE ERING LAW
(ANALOG)
_I AUTOPILOT
VEHICLE
DYNAMICS
Figure K-3 ANALOG STEERING LOOP--PITCH PLANE
The equivalent digital steering law is
0cl = K I'Vg - K 2"Vg
_i - 1 qi - 2
where K I" and Ki are related to the analog constants KI, K 2 by
KI' .= K 1 + K2/T
K2' = K2/T
For asamplingperiodof T seconds, anduseofthe Z transform, i.e.,Z=
Oc(Z) = Kl'Vgq
or
_c (Z)
D(Z)
Vg_/(z)
Ki
K I"[Z- K2"/KI']
Z 2
Figure K4 illustrates this sampled steering loop.
e ST, then
-666-
. •
HOLD
AUTOPILOT
Figure K-4 DIGITAL STEERING LOOP--PiTCH PLANE
3. Autopilot loop. The autopilot loop for each channel contains the SCS and
the vehicle dynamics. The SCS, in turn, consists of a rate-integrating gyro,
a lead-lag network, an on-off level switch, two jet solenoid drivers, and two
hot gas jet solenoids. Two hot gas engines per channel, (for pitch and yaw)
which are integral with the propulsion system are driven by the jet solenoids
to generate the required control torques. (Four hot-gas engines are usedfor the
roll channel to generate pure roll couples.) Figure K5 illustrates the autopilot
loop for the pitch channel.
RATE- INT GYRO.
,FRO. ' I 1 , +o.,,
(DCU) L__ LEAD-LAG
NETWORK
VE_IICLE I
N. L.-2 DYNAMICS
F--ON'OF SWITCH-] [ r = CONTROL MOMENT
J--JET $ELONOIDS I ARM-FEET
| W/DRIVERS |
L- HOT GA JETS J I = MOMENT OFINERTIA SLUG-FT !
F= JET FORCE-POUND
Figure K-5 AUTOPILOT LOOP--PITCH CHANNEL
4. Nonlinearities. There are two nonlinearities for this system -- one in
jets (hot gas) are pulsed in an on-off manner. The two parameters describing
this are:
d2 = the dead zone before the jets go on (degrees)
B = the thrust level (pounds) when the jets are on (= FNL)
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The other nonlinearity (NL-I) occurs in the DCU portion of the steering loop.
The gyros are pulse-commanded at a fixed valued in an on-off manner for
simplicity and greater gyro accuracy. The two parameters that describe NL-1
are.
dl = dead zone before the gyro command is issued by the DCU (deg/sec)
A = steering command level (deg'sec) ( = _CNL).
The complete steering and autopilot configuration is shown in figure K6.
5. Simulation. The nonlinearities NL-I and NL-2 and the interaction of
the inner and outer loops makes it necessary to simulate the system to determine
performance characterisitcs and proper values for the controllable parameters.
Since the rocket burn time is in the order of 5 to 10 minutes, then a sample
period, T, of 2 seconds was taken as quite adequate. An outer loop transient
period in the order of 2 minutes is considered satsifactory. Steering law constants
were determined from linear theory (assuming a perfect autopilot, i.e., _" = _c)
and are
Kl' = 0.003 rad/ft
K2'= 0.90 K I' = 0.0027 rad/ft.
The main engine thrust was taken as constant at either i,500 or 3,000 pounds.
The vehicle parameters for full and empty propellant conditions (nolander) were
used and are shown in table 141. A value of r = 8 feet was used throughout.
TABLE K 1
VEHICLE PARAMETERS
Case Vehicle
1 full
2 full
3 empty
4 empty
Thrust
(pounds)
1500
3000
1500
3000
Weight
(pounds)
5500
5500
2200
2200
f (=T/m)-ft/s 2
8.79
17.58
22.0
44.0
.I
I
(slug/ft 2)
3640
3640
2230
2230
r/z
0.00220
0.00220
0.00359
0.00359
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The system shown in figure K6was simulated on a GPS high-speed analog com-
puter for cases 1 through 4 in table K1.
6. Re@ults. The proposed autopilot and steering loops are compatible and
give satisfactory performance over a wide range of values. A set of gains and
dead zone values have been selected which result in reasonable performance and
are shown in table K2. The following items are noted when these values are
used:
a. Transient response time of less than 2 minutes is achieved.
b. Steady state errors of VgBof less than a- 4 ft/sec are achieved, for
all thrust andfuel conditions studied. - This is well within system requirements
of_+ 15 ft/sec. The steady state error is smaller for the lower values of thrust
and at the full fuel condition, where it is less than • 2 ft/sec.
c. The hot-gas control jet thrust must be at least 20 pounds each in
pitch and yaw or the system is unstable. A value of 60 pounds per jet is recom-
mended.
d. Steering commands greater than 3.5 deg/sec are not usable, and
a value of 1 deg/sec is recommended.
e. A steering command dead zone of a- 0.080 deg/sec is not desirable,
and a value of 0.010 is recommended.
f. A control thrust dead zone of less than =_ 3 degrees is desirable, and
and a value of 0.1 degree (as for the nonthrust mode)is recommended.
g. The ratio of K2'/K 1" of 0.9 represents a good compromise between
adequate damping and good aynamic response, and is therefore recommended.
Figure K-6 COMPLETE CONFIGURATION
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TABLE K2
RECOMMENDED DESIGN PARAMETERS
NL- 1
NL-2
Item Recommended Value
K2"
I A = _CNL
d 1
B = FNL
d2
2.0 seconds
0,003 tad/sec
ft/sec
0.90 KI" = 0,0027 rad/ft
1.0 deg/sec
1.0 deg/sec
60 pounds
0,I degree
The effect of varying the nonlinear parameters, i.e., d 1, d z, A and B upon the
steady state error in Vg is shown in figure K7 and K8.fl
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APPENDIX L
ORBITER-BUS PROPELLANT EVALUATION AND SELECTION
1. Introduction. The performance and reliability of a spacecraft will
depend greatly on the propellants used for the major propulsion systems.
Thus, the propellant selection is of paramount importance in establishing the
basic criteria for the optimum design parameters and final operational capa-
bilities of the Spacecraft. In consideration of this fact, a propellant evaluation
and selection analysis was performed to determine the best propellant com-
bination for the Voyager application. The overall Voyager program time
periods, as related to current propellant technology and present propellant
development plans, were the basic consideration for the analysis and recom-
mendations pre sented herein.
2. Summary. A propellant evaluation and selection analysis was per-
formed to determine the best propellant combinations for the Voyager appli-
cation for periods of application ranging from 1964 to 1975. The results of
the analysis are presented below:
Anticipated Propellant
Usage
1964 to 1969
1970 to 1972
1975
Recommended Propellant
Combination
MON (85/15)/EMHF
Compound A/Hydraz oid- P
Oxygen Difluoride/Diborane
MON is an abbreviation for a binary solution of nitrogen tetroxide (N204)
and nitric oxide (NO) with the composition in weight percent indicated by the
numbers in parentheses. EMHF is an eutectic mixture of hydrazine fuels
composed of 87.6 percent by weight of monomethylhydrazine and 12.4 percent
of hydrazine. This propellant combination was selected for immediate appli-
cation because it is a member of the family which has a high degree of develop-
ment, and its liquidus range will meet the environmental storage requirements
with a reasonable margin for contingencies.
i
The second propellant combination consists of a classified oxidizer and
fuel, under development at Rocketdyne, whose performance and properties
cannot be reported herein because of security restrictions. However, the
unreported classified aspects of this study indicates that this combination
will be ideally suited for inclusion into the Voyager system in the 1971 to 1972
time period
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The last propellant combination is a high-performing chemical combina-
tion that will provide the performance necessary to meet mission objectives
during time periods shown.
In selecting these combinations, various propellants were investigated
and preliminary screenings, based on propellant properties, past experience,
and previous studies eliminated those propellants with undesirable character-
istics and those that had no advantages over similar, more desirable types.
The preliminary screening resulted in the candidate propellant combinations
listed in table LI.
3. Evaluation, classification, and selection criteria. The propellant com-
binations evaluated for the Voyager application are listed in table L2 along
with some of their pertinent characteristics. Those properties that are
classified have been omitted from this table.
Preliminary screening of the propellants was accomplished on the basis
of:
a. Specific impulse comparison, with secondary attention to bulk
density
b. Lack of significant advantages over similar, more desirable
type s
The criterion of specific impulse is, perhaps, the most commonly used
basis for comparison in nearly all propellant evaluations. For example, in
the evaluation of the high-energy cryogenic propellant combinations, a
minimum theoretical vacuum specific impulse of 400 seconds was used as
a preliminary guideline for selection.
However, in an overall vehicle optimization study, the criterion of
specific impulse cannot be used as a hard and fast rule because the bulk density
of a combination also has a pronounced effect on vehicle payload. This can
most easily be seen in the case of the fluorine/hydrazine combination whose
specific impulse is comparatively low with respect to fluorine/hydrogen or
oxygen/hydrogen, for instance, but, whose bulk density advantage can result
in higher ideal velocity increments. Therefore, in the case of those propellant
combinations which had extremely good bulk density characteristics, the com-
bination was carried over for further evaluation.
The vacuum specific impulse values used for the evaluation were based
upon theoretical shifting equilibrium at operating conditions of 150 psia
chamber pressure, 40:1 expansion area ratio, and optimum mixture ratio,
unless otherwise noted.
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The lack of significant advantages over similar, more desirable types is
a criterion which is also commonly used for preliminary screening. For
instance, if two combinations, A and B have equal (or nearly equal) performance,
reliability, test experience, etc., but combination A is extremely toxic and
corrosive, only combination B would be chosen for further evaluation.
Additional propellant combinations were also eliminated during preliminary
screening on the basis of extremely poor logistics, development status, and
projected outlook. The remaining candidate propellant combinations, listed
in table LI, were then subjected to a more intensive evaluation.
A basic criterion used for elimination of many candidate combinations
was applicability for the space storage requirements of the mission. Because
of the Voyager mission durations and total impulses, space storage applicability
was largely dependent on a common liquidus temperature range for the oxidizer
and the fuel. Except for instances where aparticular combination possessed
many outstanding advantages, an uncommon liquidus temperature range was
considered a basis of elimination because of the relatively small tank sizes
(large surface area to volume ratio) and extremely long storage times as-
sociated with the Voyager application. This criterion was felt to be justified
because of the following reasons:
If two propellants are to be tanked prior to launch at widely separated
temperatures, heat transfer between the propellant tanks will occur during
storage in space. Studies conducted by Rocketdyne and other propulsion and
vehicle contractors have shown that the radiation and conductive heat transfer
between the propellant tanks become the predominant mode, rather than
the radiation heat transfer from outer space. These studies have also shown
that, mission considerations permitting, heat inputs from the sun and other
space sources can be adjusted by means of coatings, shadow shields, and
orientation control of the vehicle. The major problem of heat transfer in
space vehicle design then becomes one of insulation, packaging, and other
isolation techniques required to prevent freezing of the higher freezing point
propellant.
These techniques, required to prevent heat transfer internal to the vehicle,
become increasingly significant factors as mission duration increases, es-
pecially as affecting weight and reliability. For instance, the higher freezing
point propellant may sludge of freeze when brought in close proximity with
the lower temperature propellants in injector lines and manifolds, lines
passing near one another, conduction through propellant and pressurant lines,
supporting structure, attach points, monitoring lines, and fixtures, even
though the propellant tanks may be well insulated and/or widely separated.
Although this effect can be partially overcome, perhaps, by proper applica-
tion of insulation techniques, the freezing problem in the injector would still
remain, and the associated weight penalty and loss in reliability would result,
especially in view of the lack of applied technology.
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On the other hand, if propellants with a common liquidus temperature
range are used, many of these problems are eliminated. Tank placement
may be optimized for minimum center-of-gravity shift, the thrust chamber
injector designed for maximum performance, and the vehicle designed for
minimum weight and maximum reliability by use of minimum insulation and
all-welded construction for elimination of leak points. In consideration of
these facts, expeciall 7 as applied to the Voyager vehicle and mission profile,
elimination of a propellant combination on the basis of uncommon liquidus tem-
perature range was considered to be justified.
The remaining propellant combinations were then grouped into three gen-
eral categories as described below to facilitate the evaluation.
4. Category I . This class of propellant is characterized by the present-
day storables having excellent development status, high reliability, good
performance (325 to 350 theoretical vacuum specific impulse), and capability
of being used immediately on an engine development program with minimum
risk. This class is representative of the present state of the art.
5. Category II. This category is characterized by the higher energy
storables which are receiving much attention, but do not yet possess sufficient
development status to initiate an immediate engine development program.
Technology and availability of this class of propellants should be good by 1971.
Performance is significantly higher than category I (350 to 400 seconds
specific impulse).
6. Category III. This category is characterized by a high-energy
cryogenic propellant for at least one of the propellants of the combination.
Performance is extremely good (400 seconds specific impulse and over). De-
velopment status is good for some combinations, but the majority lack applied
technology in space vehicles designed for long-duration space storage.
7. Evaluation method. Each category, then, has been assigned a per-
formance range and a time period corresponding to specified program go-
ahead dates as follows:
Category I (storables) I s = 350 seconds. 1954 to 1959
Category II (high-energy storables) I s - 350 to 400 seconds,
1970 to 1972
Category III (cryogenics) I s>400 seconds, 1975
A final propellant combination was then selected for each of the categories.
The applicability and practicality of the remaining combinations were judged
on the basis of reliability, engine development risk, availability, cost, etc.
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This final phase of evaluation included considerations such as: test experience,
logistics, handling, toxicity, corrosivity, chemical stability, ignition charac-
teristics (hypergolicity), combustion characteristics (combustion temperature,
oxidizing or reducing atmosphere, stability, exhaust products, etc. ), and
future outlook.
These characteristics are summarized for the various propellants in
sub sequent paragraphs.
8. Discussion. The following paragraphs present the specific reasons
for the choice or elimination of the various candidate propellant combinations
presented in table LI. The combinations are discussed under their respective
categories. Also included in the section is the propellant characteristics
comparison.
9. CateGory I -- 1964 to 1969. This period will require use of a pro-
pellant combination with good availability, reliability, cost, and a development
status representing the present state of the art in order to provide minimum
risk during an engine development program. The nitrogen oxides/hydrazines
family, presently in predominant use in current spacecraft systems, possess
overwhelming advantages for the present and near future time period. These
propellant combinations yield the highest reliability, entail the lowest develop-
ment risk and cost, and rate highest in applicability and practicality. The
slight loss in performance as compared to the higher energy combinations is
amply compensated for by this factor. The category 1 combinations are also
the only ones capable of immediate use in a short-term engine development
program.
The particular choice for the Voyager application within the 1964 to 1969
time period, with the vehicle temperature control presently contemplated, is
MON/EMHF. If the temperature limits were changes, an additional amount
of nitric oxide could be added to further depress the freezing point of the
oxidizer as required.
I0. CateGory II -- 1971 to 1972 . When considering future higher energy
Earth-storable propellant combinations, the most promising was Compound
A/Hydrazoid-P. This combination yields a significant performance gain with
excellent storability characteristics, and high reliability. Recent tests with
Compound A to date, conducted at Rocketdyne, have been very successful,
and the experimental results have verified the predicted theoretical specific
impulse. This combination will b_ available in sufficient quant_tie_ for a
major engine development program in approximately 1964 to 1965. Rocketdyne
has recently succeeded in synthesizing Compound A and has developed a man-
ufacturing method, which is efficient and easily adaptable to mass production.
Until recently, it existed only as a hypothetical chemical formula that theoretical
calculations showed to be an extremely desirable, high-energy, Earth-storable
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oxidizer. However, numerous attempts to synthesize the compound have been
unsuccessful. The recent breakthrough, however, resulted in favorable pro-
jected cost and availability. Development risk is considered low and hyper-
golicity provides inherent simplicity and reliability in a system using this
combination. These characteristics, together with a significant increase in
performance potential over the nitroxy amines, resulted in the choice of Com-
poundA/Hydrazoid-P for the 1971 to 1972 period.
The NzO4/BzH & combination was eliminated on the basis of extremely
poor liquidus temperature ranges and poor reliability because of nonhypergo-
licity of these propellants. In addition, diborane availability in sufficient
quantities for an engine development program was questionable for the period
under consideration. The NzH4/B2H 6 combination was eliminated for the
same reasons.
The CompoundA/hydrazine combination was eliminated mainly on the
basis of uncommon liquidus temperature range and poor hydrazine temperature
range, together with the fact that only a small increase in specific impulse
over the Compound A/Hydrazoid-P combination could be gained. The slight
increase did not warrant the disadvantages associated with uncommon liquidus
ranges.
II. Category III -- 1975. When considering a propellant combination for
1975 and later time periods, the high-energy cryogenics are very desirable
because of their appreciable payload potential. The propellant combination
selected for the Voyager propulsion system application for this time period
was OFz/B2H 6. This choice was the result of final competition with many
high-performing combinations. A major criterion in the choice was a projected
outlook on the future cost, development status, and other pertinent factors in-
volved with this combination.
The cost of OF2/B2H 6 projected to 1975 indicates that the propellant
cost for a propulsion system development program will be economically
feasible. Studies conducted at Rocketdyne, together with past experience and
engine development program histories, have shown that if the cost of a pro-
pellant combination can be kept at approximately $2 or less per pound, the
propellant cost will not significantly affect the total R&D program cost.
The performance of the OFz/BzH 6 combination is high, and the develop-
ment risk associated with the high combustion temperatures would also be
high at the present time. It is anticipated that OFz/B2H 6 will be developed
and integrated into a propulsion system by 1966. Rocketdyne has already
initiated a thrust chamber development program for OF z propellant com-
binations. A 1000-pound-thrust motor is presently being developed and uses
OFz/RP-I during the preliminary phases of the program. This program will
provide the practical experience with various OF 2 combinations and will re-
sult in hardware designs and capabilities applicable to future Voyager
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propulsion systems. The combustion temperatures associated with the OFz/
RP-1 combination are more severe than those of the OFz/B2H 6 combination,
thus demonstrating a more than satisfactory thrust chamber design from the
heat-transfe r standpoint.
Heat-transfer problems are not considered a limiting factor because the
combustion temperature may be lowered by operation at off-optimum mixture
ratios with only a slight decrease in performance. For instance, a 5-second
decrease in specific impulse will lower the combustion temperature 650°F,
and a 10-second decrease in specific impulse will lower the combustion tem-
perature ll00"F (within 500 °F of present storable propellant combination
combustion tempe rature s).
In the case of O2/H2, the criterion of common liquidus temperature range
alone was not sufficient for elimination because of the other very attractive
characteristics possessed by this combination. Preliminary consideration of
O2/H 2 appears to yield very favorable results. Cost is low, performance is
very high, and existing development experience acquired in the J-2 and other
programs presently using O2/H 2. However, numerous studies conducted by
Rocketdyne and others has shown that:
a. As storage time in space increases, the O2/H 2 performance
advantage decreases.
b. As AV increases, the performance advantage of Oz/H 2 decreases.
c. For less ambitious missions (low total impulses), the performance
advantage of O2/H 2 again decreases.
Because of the poor bulk density characteristics of the O2/H 2 system,
the additional weight of insulation and shielding becomes increasingly signif-
icant as mission durations become longer. The O2/H 2 possesses a slight
advantage for large missions of less than 200 to 300 days duration but, as
this duration is reached, other propellant combinations can become competitive.
This poor bulk density characteristic is aggravated by the uncommon liquidus
temperature range, previously discussed, which exists with liquid oxygen
and liquid hydrogen. The storability problem is further aggravated when
considering total impulse ranges within the Voyager spacecraft mission pro-
files. For the smaller total impulse missions, storability is aggravated by the
surface area-to-volume ratio of the smaller hydrogen tank associated with
less ambitious missions. The additional weight of insulation now required,
due to the low heat capacity of the hydrogen and the large Lank a=ea available
for heat transfer, further detracts from this combination.
With regard to the nonhypergolicity of O2/H 2 a program is presently
being conducted by Rocketdyne, under contract to NASA, to investigate the
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use of catalytic ignition methods for providing reliable multiple restart
capability for this combination. However, any ignition system which must
be used results in decreased reliability and higher development risk for a
restartable engine compared to a hypergolic combination. Past experience
with Oz/H Z programs at Rocketdyne and also supporting evidence of other
O2/H 2 engine development programs support the fact that an O2/H 2 system
development program is expensive and leads to preference of another pro-
pellant combination for the Voyager application if possible.
The above factors, when considered inlight of even the most ambitious
Voyager mission (utilizing the nominal spacecraft size), shows a definite
disadvantage of O2/H2 when compared to other propellant combinations such
as OF2/BzH6, i.e., payload disadvantage, less reliable, extreme storability
problems, and not applicable or practical.
The N2F4/B2H 6 combination was considered mainly because of the ex-
cellent common liquidus temperature ranges, high bulk density, and high
performance. Tests to date, however, have not conclusively proved that
N2F 4 is sufficiently stable for use on an engine development program. Be-
cause N2F 4 may be sensitive to shock under pressure, and little useful
engine test experience exists with this propellant, the combination was elimi-
nated on the basis of poor availability, reliability, practicality, high develop-
ment risk, and no significant advantage over the OFz/BzH 6, combination.
The OF2/CH 4 combination was eliminated on the basis of reliability and
development risk. Though the performance is almost as good as OFz/B2H 6,
and the common liquidus temperature range slightly better, the nonhyper-
golicity of this combination has an adverse effect on reliability and develop-
ment risk. Reports of additives such as PH3 to the CH4 to make the combina-
tion hypergolic, yield inconclusive results. The lower performance of the
OF2/CH 4 combination also detract from its final selection.
The O2/BzH 6 combination was eliminated on the basis of an uncommon
liquidus temperature range and poor reliability due to nonhypergolicity. In
addition, the payload potential of the combination is not as good as the OF2/
B2H 6 combination selected. Although considerably more test experience
exists with liquid oxygen than with other cryogenics, almost no test experience
with the O2/B21-I 6 combination could be found.
All combinations using fluorine were eliminated on the basis of an un-
common liquidus temperature range. However, additional thought was given
to the Fz/N2H 4 combination because of its development status as a result
of the Nomad program. Studies have shown that F2/N2H4 yields high payloads,
but not significantly higher than the selected combination of OFz/B2H 6. How-
ever, the problem of an uncommon liquidus temperature range was considered
to be the more sound criterion. In addition, the high freezing point of hydrazine,
which has always detracted from its use, is another consideration which helped
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to eliminate the combination. Although the experience on the Nomad program
proved that the combination was reliable, and logistics and handling pro-
cedures could be devised with enough precaution, the Nomad system was not
designed for long space storage. The Nomad experience, therefore, does not
contradict the decision that the Fz/N2H 4 combination is not applicable to the
Voyager mission profile.
In summary, the considerations discussed above led to OFz/BzH 6 as the
best choice for a Voyager engine in 1975.
12. Propellant characteristics comparison. The final evaluation of the
propellant combinations was based on details such as propellant state of the
art, logistics, etc. As an aid in this phase of evaluation, the Propellant
Comparison Chart, presented in table L3, was compiled. This table pre-
sents the relative availability, cost, development status, handling, toxicity,
and other pertinent characteristics of the various propellants investigated.
The following discussion explains the terminology used for the main column
headings in the chart.
13. Availability (column i). A quantitative value was assigned to each
propellant to represent the current availability as follows:
a. Virtually unlimited availability, carload, or tonnage lots
b. Available in lots of a few to several hundred pounds
c. Still in the synthesis stage. Available only in lots of a few grams.
14. Cost (columns Z and 3). The two columns present established and
estimated costs based on current rates and future large-scale production
rates. Large-scale production is assumed to be several hundred thousand
pounds per year. The values presented could, of course, vary greatly de-
pending on the demand of other programs that could use the given propellant.
15. Propellant development status (column 4). The propellants were also
evaluated with respect to development status. A quantitative value was as-
signed to each propellant to represent its position in the development spectrum
that ranges from conception to evaluation with full-scale production hardware.
The values listed in the propellant development status column of the Pro-
pellant Comparison Chart indicate that the following phases of development
-687-
i
Q
&9
E_
u_
_,__
<
L)
xD ,.0
' t_tt_ _o
z
o
_3
c; '
<
I._
o
C)
_ _ "_ . "_. _ _. _ .
-688-
o_ _ _ _ _ _
_ _ _z_ _ _ _==
_ _ o _ _ _ _ _ z<
_o
_, L_ L_ L_
_ _ _ o o
c_
Z
0_ c_
z
c_
-689-
8S
_ _ °
oo o
= ._ o_
o
-690-
a. Conception:
I) Theoretical chemical formulation
2) Laboratory synthe sis
3) Theoretical performance
b. Laboratory characterization:
i) Simple physical properties (FP, NBP, density,
pressure)
chemicals)
pellants
vapor
2) Chemical behavior (heat of formation, reactions with other
3) Stability (shock, heat sensitive)
4) Toxicity
c. En_inee rin_ characterization:
l) Extensive shock and thermal stability tests
Z) Materials compatibility
3) Detailed physical properties
4) Storability
5) Production methods
6) Handling
d. Propellant evaluation:
I) Ignition, combustion, and performance with other pro-
2) Heat transfer
3) Tank and transfer methods
4) Handling hazards
5) Process scaleup
-691-
e. Mission adaptability"
1 ) Propellant performance
2) Logistics and toxicity
3) Storability
4) Future uses
f. Engine evaluation:
1) Hot firings
2) Prototype engine testing
3) Hardware development (controls, pressurization, etc. )
4) Field handling specifications
16. Handling characteristics (column 5). This column in the Propellant
Comparison Chart presents qualitatively the relative ease of handling of the
various propellants. Taken into account when rating the propellants were fire
and explosion hazard, storage temperature (cryogenic or ambient storage),
toxicity, compatibility with normal handling equipment, thermal stability,
shock sensitivity, and danger of caustic or acidic burns. An excellent rating
(given only to RP-1) indicates very little danger when handled with reasonable
caution. A rating of good indicates some danger is present from toxicity and/or
instability but that attention to safety precautions should prevent injury and
damage. A fair rating is indicative of considerable danger to personnel be-
cause of the cryogenic nature of the propellant, toxicity, instability, or fire
hazard. A poor rating incicates that extreme precautions must be taken in
handling to prevent explosion, fire, or equipment damage due to reaction with
the propellant.
17. Toxicity (column 6). The toxicity column lists the maximum allowable
concentration (MAC}, in parts per million in air, that a worker could be ex-
posed to 8 hours a day continuously without ill effects. Most of the figures
shown are prescribed by the American Conference of Oovermental Industrial
Hygienists.
18. Compatibility. The compatibility of four of the selected propellants
is contained in tables L4 through LY. The compatibility of NTO and NzH 4
can be assumed the same as MON/EMHF. No data is presented on Compound
A/Hydrazoid-P because of security restrictions.
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TABLE L 4
NITROGEN TITROXIDE (NzO4)--COMPATIBLE MATERIALS
Aluminum Alloys
11oo (zs)
5052
6061
6066
356
B356
Tens 50
Steels
AISI 300 Series
AISI 400 Series
17-7PH
17 -4PH
AM 350
AM 355
Nonmetals
Teflon, TFE, FEP, or Teflon 100
Viton-A or -B
Lubricants
NAZ-Z05-Z (Alochlor-1254 Monsanto)
Graphite / Dry
Molycote Z (Binderless)
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TABLE L5
MATERIALS COMPATIBLE WITH NzH 4 FOR
LONG-TERM APPLICATION
Aluminum Alloys
II00
Z014
Z0Z4
3003
4043
505Z
6061
6066
7075#
356
Tens 59
Stainless Steels
304
304L
347
AM350
AM355
AZ86
Miscellaneous Metals
Temperature, @F
<77
Inconel
Inconel-X
Nickel'_
Monel_
Ti Alloy 6A1-4V
Tantalum
<68
<80
<75
<80 to 160
<80 to 160
<I00
<I00
<i00
<80
<73
<80
<80
<160
• Disagreement exists between authorities as to
acceptability
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TABLE L5 {Concl'd)
Plastics and Elastomers Temperature, °F
Teflon
KeI-F
Polyethylene
Teflon 100-X
Nylon
<140
< 80
< 80
< 8O
Miscellaneous Materials
< 80Asbestos
Chromium
Glass
Graphite < 8O
TABLE L 6
OXYGEN DIFLUOKIDE (OFz)--COMPATIBL E MATERIALS
Teflon (not KeI-F)
Brass
Nickel
Inconel'X 750
Monel H, K500, 400
301, 304, 316, 318, Stainless
AM 355, 367, stainless steel, maraging
24S- T4 A1
Copper
Platinum
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TABLE L 7
mBo_ (B,_+)--COmPA'rz:BI_m"rm_m
Saran
50-50 Polyethylene-Polyisobutylene
Brass
Lead
Nicke 1
K-Mone 1
Kel-F
Lo_-Carbon Steel
Stainless Steel (18-8)
Asbestos-graphite-copper valve packing.
Vaseline-paraffin-graphite
Glyptol
Silicone grease
Fluorolube FS
Organic substances with no functional groups
(or saturated)
Most common metals (but not oxides)
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APPENDIX M
THRUST CHAMBER ]EVALUATION
I. Thrust chambers
This appendix presents the evaluation and justification of the main (2500-
pound thrust), TVC (60-pound thrust), and roll (2.5 pound thrust) engine se-
lections.
Prior to final selection, several types of thrust chambers (ablative-,
radiative-, regenerative-, dump-, transpiration-, film-, heatsink-, and
combination ablative-radiative cooled thrust chambers) were considered and
investigated for use in the Voyager. Table M1 summarizes the comparison
and analysis of the various engines. The following paragraphs present a dis-
cussion of each type of thrust chamber, indicating how the final choice was
made.
2. Ablative cooling
The propellant combination, operational duration, and system restart re-
quirements lend themselves advantageously to ablative-type engines. However,
for the main and TVC engines, the thrust level and an optimum chamber pres-
sure dictate a high expansion-area ratio, which means a heavy thrust chamber
with most of the weight located in the nozzle segment. Therefore, from weight
considerations, a completely ablative design was selected for the roll thrust
chamber s only.
3. Radiation cooling
To minimize high-pressure stresses while contending with the stresses
applied by thrust transmission, the engine would be required to operate at a
relatively low chamber pressure (less than 50 psia), dictating a large thrust
chamber. Besides the adverse effect of size the fact that the cooling mode
utilizes thermal radiation (which allows the high heat flux of combustion gases
to pass through, and away from, the chamber walls) poses a shielding problem
for components surrounding the combustion zone. For these reasons, a com-
pletely radiative chamber was rejected for all the thrust chambers.
4. Regenerative cooiin_
For storable propellants contained over long periods in space, the regen-
erative chamber offers little advantage. Its cooling method is absorption of
heat by propellant in a chamber cooling jacket. The reasons for discarding
this type chamber are:
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a. Increased tank pressure to account for approximately 80 psi (for
the main engine} A P through the cooling jacket yields higher propellant and
pressureant tank weights.
b. Restarts could be a problem, especially if shutdown time is short.
Because of heat soakback, propellant boiling occurs in the jacket, and a re-
start with this condition is critical.
c. Hot spots and meteoroid bombardment, which are less detrimen-
tal to other types of thrust chambers, pose a dangerous problem, since weaken-
ing and/or penetration of the coolant jacket is crucial.
5. Dump coolin G
This method is similar to regenerative cooling, and is limited to partic-
ular propellant combinations whose coolant has a low molecular weight (higher
performance and less mass ejection). Because the coolant must be forfeited,
some loss in performance is suffered because additional propellant is required
at the expense of added system weight. Since this type chamber is also vul-
merable to hot spots and meteoroid bombardment, it was not selected for any
of the thrust chamber designs.
6. Transpiration coolin G
This method embodies a perforated refractory liner backed by a heat-
absorbing media (e. g., a gas-evolving, resin-type ablative or propellants
changing state while passing through the wall). The state of the art for the
resin-type chamber is not advanced to the point where it can be considered for
the Voyager mission. Also, the amount of control necessary to regulate the
flow of propellant coolant (the throat needs more cooling than the combustion
zone} so that the phase change occurs within the wall, calls for a development
effort not presently feasible.
7. Film coolin G
The performance losses encountered when using a film-cooled thrust
chamber does not warrant its use here. Because of the sacrificial nature of
the cooling technique, 3 to 4 percent additional propellant for each thrust
chamber would be required. This increases tank sizes and system weight,
resulting in rejection of the concept.
8. Heat sink
For these durations, the system weight would be extremely high. Also,
restart capabilities are limited by the necessity for long periods of shutdown.
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9. Ablative with radiation skirt
In the preceding discussions and table MI, it is noted that for the 7.500-
pound-thrust and 60-pound-thrust engines, an ablatively cooled engine is satis-
factory as a combustion chamber segment, but its nozzle section is unduly
heavy because of the required expansion area ratio.
It is also observed that the radiatively cooled thrustor is unacceptable for
use as a combustion chamber because of the adverse effects produced by thrust,
shielding, and an unreasonably low chamber pressure. However, a radiation-
nozzle extension is not subjected to a high chamber pressure or shielding in
the vicinity of the combustion zone and throat. Its use as a skirt section is
desirable and advantageous for the larger thrustors, since it is light and
relatively easy to fabricate.
For these reasons, the ablative combustion chamber with radiative skirt
was selected for the main and TVC engines.
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